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PREFACE i

The purpose of this book is to consolidate the fundamental principles used in classical
performance and flying qualities flight testing of manned aircraft. It is intended for use as
an introductory text for undergraduate students or as a self-teaching reference for an en-
gineer newly engaged in flight tests. Worked examples are included in each chapter.

The first half of the book covers performance measurements. Chapter 1 is devoted to
an overview of why flight tests are conducted and what the most important constraints are.
Chapter 2 reviews the standard atmosphere and applies basic aerodynamic equations to
the basic measurement system found in virtually every airplane, the pitot-static system.
Techniques used to calibrate this system are described and illustrated. Chapter 3 reviews
basic point performance equations and applies them to explain how to measure climb, de-
scent, and tum performance. Both steady state and energy approximation expressions
are used to lead into discussion of the sawtooth climb, the check climb, the ievel unaccel-
erated tum, and the level acceleration flight test methods. Chapter 4 briefly introduces
propulsion systems, both for propeller-driven and jet-powered airplanes and summarizes
useful relationships for determining range and endurance for such airplanes. Speed
power flight tests commonly used to collect cruise performance data are introduced to
close out this chapter. Chapter 5 rounds out the performance section of the book by out-
lining the equations used to estimate takeoff and landing performance and then describing
measurements that must be taken to document appropriate measures of merit during
these critical phases of flight.

The second half of the book deals with aircraft stability and control, concentrating on
measurements that must be made to ascertain flying qualities. Chapter 6 covers the foun-
dations of longitudinal static stability, concluding with a discussion of the flight test tech-
niques often used to obtain such data. Chapter 7 does the same thing for maneuvering
stability. Chapter 8 summarizes both the theoretical differences in the equations of motion
and the flight test methods used to measure static lateral-directional stability. Chapter 9 is
a concise summary of dynamic stability and control for both symmetric (longitudinal) mo-
tions and asymmetric (lateral-directional) ones. The importance of qualitative pilot ratings
in describing aircraft flying qualities and their usefulness as a communications tool be-
tween the test pilot and the test engineer are stressed. The chapter concludes with a dis-
cussion of typical flight test techniques, including several practical ways of interpreting dy-
namic response data. Chapter 10 introduces post-stall flight tests, intending to interest the
beginning flight test student in more advanced topics.

Gratitude is due to many people. First and foremost, for their unflagging support, 1
thank my family, especially my wife, Joyce. It is due to her patience with my early and late
hours that the manuscript is finally finished. She aiso encouraged me throughout my
twenty-seven years in the flight test profession, even though she undoubtedly often won-
dered why | was so obsessed. | thank her and dedicate this effort to her. All the students
who have been exposed to my attempts to teach this subject at the United States Air
Force Test Pilot School, at Texas A&M, at the University of Kansas, and at the United
States Air Force Academy have contributed in no small way to this effort. Finally, thanks
are due to all of the colleagues who reviewed these pages. Dr. Richard Howard of the
Naval Postgraduate School deserves special mention for his contributions both as a PhD
student who understood the practicality of the subject and as a peer who made insightful
suggestions. The faculty of the Aerospace Engineering Department at Texas A&M Uni-
versity were wholly supportive, especially Dr. Walter Haisler, Dr. John Junkins, and Dr.
Tom Pollock. | hope this subject will provide as much pleasure and challenge to the
reader as the writing of this book has brought to me.

Donald T. Ward
March 1993




iv PREFACE (Continued)
Preface to the Second Edition

The second edition of Introduction to Flight Test Engineering has been expanded
to include a new chapter (Chapter 10) outlining the background and techniques used to
prepare for aeroelastic flight tests, a subject usually ignored in such an introductory vol-
ume. This addition is the major change in this edition. Of course, the other material has
been slightly rearranged to accommodate this insertion and known errors in these other
chapters have been corrected. Dr. Thomas W. Strganac, joins me in providing this new
material. This new addition to the text is based largely on the teaching experience of both
authors, notably on their short course, taught since 1991, titled "Hazardous Flight Tests".
This course, sponsored by the Continuing Education Division of the University of Kansas,
has provided much of the new material. We are very appreciative of the assistance pro-
vided by Mrs. Jan Roskam and her staff in this endeavor.

Donald T. Ward

July 1998

Of course, both of us are indebted to even more individuals than were mentioned in the
original preface for their help in producing this text. | am indebted to those individuals who
provided the many invaluable experiences afforded me during my 15 years as an engineer
with NASA and 9 years on the facuity at Texas A&M University. The development and
presentation of the "Hazardous Flight Test" short course with my co-author has been an
extremely rewarding experience and collaboration. | dedicate my efforts as an engineer,
researcher, and professor to my family. Sincere appreciation is given to my wife, Kathy,
who has selflessly supported my pursuit of my professional interests. To my son, Christo-
pher, who has begun to build his educational foundation in his desired profession (Pale-
ontology) at the University of Texas, and to my daughter, Kasey, who continues to follow
her love of life and horses, | hope the two of you will pursue your dreams with devotion.

Thomas W. Strganac

July 1998
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Chapter 1
PLANNING, DISCIPLINE, AND SAFETY

Flight testing piloted and unmanned aerospace vehicles is an interdisciplinary process
fundamental to the development of new systems and to the advancement of aeronautical
knowledge. Engineers from all branches of the engineering sciences are needed to
successfully put a new system through a thorough and complete flight test program.
Aerospace engineers often lead such efforts because of their special familiarity with
aerodynamics and the effects of vehicle configuration upon performance and stability and
control. Electrical engineers are indispensable in developing appropriate instrumentation,
in evaluating feedback control loops, and in evaluating electronic subsystems. Mechanical
engineers provide special expertise in designing mechanical, hydraulic and pneumatic
subsystems. Computer specialists are essential to a reasonable integration of the on-
board computers and their seemingly unlimited capacity to control and display information
for the crew or the ground operators. Flight testing is a complex process. It requires
many different technical skills, as well as good judgment in managing the process.
Therefore, the right place to start a discussion of flight test methods is with a brief philos-
ophy of cost effective flight testing.

1.1 WHY FLIGHT TEST?

Flight test organizations have a reputation for costing too much and taking too much
time, the cardinal sins for a program manager. If the test engineer finds a flaw in the de-
sign, the usual reply to the recommended fix is: “We cannot afford such a drastic change!”
or "Why did you not find the problem in the preliminary tests?” The flight test team is also
the first to hear from the disgruntied user: "You gave me another piece of junk! Why did
you let them send it to the field?" The implications of these comments (and they are not
altogether rhetorical) is that the flight test engineer must do his job well and he must
communicate effectively with those who control the purse strings if the product is to be
useful. Exactly what is the purpose of flight testing? The introduction to the AGARD
Flight Test Manual’ lists three fundamental reasons for flight testing of piloted aircraft.

& To determine the actual characteristics of the machine (as contrasted to the
computed or predicted characteristics)

& To provide developmental information

@ To obtain research information
There is no reason to suggest that the testing of unmanned vehicles has purposes
different than these basic ones. It is still true that “the proof of the pudding lies in the eat-
ing,” and it is also still true that aerospace engineering is not an exact science. Some form
of measurement must verify all of our theoretical and computed results. Consequently,
flight testing is needed and is likely to be an integral part of the development of most if not
all aerospace technology for the foreseeable future.

1.2 TYPES OF FLIGHT TESTS

Flight tests can be classified in many ways. Perhaps the most common classification
is that associated with the stage of development of the project. The Department of
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Defense (DOD) also classifies flight testing as to purpose. We will briefly discuss each of
these classifications to introduce the terminology of flight test.

1.2.1 Stage of Development

A better new system depends on new technology. In the aerospace world, new tech-
nology inevitably means basic research and much of this research must be empirical.
Computational techniques are stretched to the limit to provide design information on un-
usual configurations. Wind tunnel tests are almost always needed to verify innovative
ideas. This tool, given to the aerospace engineer by the Wright Brothers, is invaluable in
examining a large number of detailed changes when computational methods are not suffic-
iently advanced to produce believable resuits. But even the wind tunnel has its limitations.
Stability derivatives obtained from wind tunne! tests should be verified at full scale
Reynolds numbers and Mach numbers. Dynamic derivatives calculated from wind tunnel
data often do not match the same parameters extracted from flight data. Ultimately, full
scale flight tests are required to provide the credibility designers need to create the latest
technological advances.

Subsystem technology also must be proved in the environment of flight to be credible.
Radar, navigational systems, flight management systems, integrated displays, flight control
systems, electro-optical target designator systems, defensive avionics systems, and
communications systems are but a few of the subsystems that are sensitive to flight
environments and therefore are frequently flown as breadboard and/or advanced devel-
opmental models on testbed aircraft before they are installed as part of the vehicle they
were designed to enhance and support. Again, flight test is essential to the orderly de-
velopment of such subsystems.

As the cost of operating new aircraft and missiles goes up, the domain and re-
spectability of simulation grows. Commercial airline operations now do almost all of their
training in new systems on sophisticated simulators and the military services are following
suit. Once again, though, credible simulation demands a credible data base to guarantee
the fidelity of the mathematical model. If the data base is accurate, simulators are wel-
comed. If not, they are ignored. All too often, simulator manufacturers have found, to
their chagrin, that computed or wind tunnel estimates of the coefficients of the equations of
motion were not the same as those experienced in flight. Flight tests usually pointed the
way to changes that satisfied the users’ demands. But all too often these flight tests were
repetitions of tests done earlier and were therefore wasteful of precious time and money.
As a result, many programs now include flight test data as a requirement to verify
simulation models.

Prototypes of airplanes, helicopters, and missiles have always provided flight test an-
swers that are believable. Historically, military systems have heavily leaned on prototyping
to insure that performance and handling qualities goals were met. Since the early 1970's,
the YF-22 and YF-23, the YF-16 and YF-17, the YA-9 and YA-10, and the AGM-109 and
AGM-85 developments were all head-to-head flight test competitions between competing
prototypes. All three are examples of the "fly-before-you-buy" concept of the DOD. Most
major manufacturers of general aviation aircraft fly prototypes to check their design
assumptions before committing to production. Examples of such general aviation proto-
types inciude the Mooney M301, the Beech Starship, and the Piper Malibu. As can be
inferred from these examples, prototype testing does not always lead to production. Often
it leads to further development or even cancellation of a marginal design.
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For all aircraft, military or civilian, the real development of a design is done on aircraft
specifically built for certification (for civilian designs) or full-scale development (for military)
purposes. These aircraft are one step removed from their prototype cousins, but in some
cases are later modified to the production configuration. All too often, especially for
complex designs, such modifications are too expensive or t00 extensive to be practical
and these developmental aircraft become museum pieces. These aircraft usually cairy a
considerable amount of instrumentation specified by the flight test team to provide the data
and measurements the designers need. These full scale development programs are the
best opportunity for the flight test team to contribute to the improvement of the design.
Because the aircraft are specifically set aside for the certification or development process,
and because of the instrumentation available, shortcomings can be discovered during this
phase of flight testing. Furthermore, they can be more easily corrected during this rela-
tively early stage of design evolution. But the burden of getting everything right with only
one chance to make the correction falls to the flight test team during this period. If dis-
crepancies are missed here, the operator is justified in questioning the professionalism of
the flight testers involved.

On more complex systems, there is usually a further period of refinement after the
production configuration is frozen. Changes required at this point are much more costly to
introduce into the production line and consequently flight tests are usually the only credible
way to validate their usefuiness. This follow-on developmental testing (after a production
decision) is particularly appropriate if the total aerospace system is heavily dependent
upon a rapidly changing technology. The current generation of military aircraft that take
advantage of digital electronics in everything from cockpit displays to flight controls is a
classic example. More often than not such improvements are introduced into the
production line after some number of systems have been built. Follow-on development
gives rise to different models of the same aircraft or missile, often with very different
capabilities even though the external configuration of the machines may be quite similar.

122 Developmental Versus Operational Testing

Within the DOD, there has been a strong push for more user-oriented flight testing
since a Blue Ribbon Defense Panel commissioned by then President Nixon recommended
stronger emphasis on operational suitability testing in its report issued in July 1970. The
net result was establishment of an independent operational test and evaluation (OT& E)
agency within each of the services and a stronger integration of the eventual users of
military systems into the development process. To quote one who was directly involved in
the process, "the entire flight test portion of the acquisition cycle became a complex
integration of tasks shared by the contractor, developing command, and using
command."2

Developmental Test and Evaluation (DT&E) is defined? as:

__test and evaluation conducted to assist the engineering design and develop-
ment process and verify the attainment of technical performance specifica-
tions and objectives.

The flight test activity necessary to produce a system that meets its design goals
clearly fits this definition. But it is not always clear just where DT&E ends and OT&E be-
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gins, especially when the two are carried out concurrently as is the case during the initial
stages of OT&E. Operational Test and Evaluation is defined? as:

...test and evaluation conducted to establish a system’s operational effective-
ness and operational suitability, identify needed modifications, and provide in-
formation on tactics, doctrine, organization, and personnel requirements.

The key words here are operational suitability. They have led to testing under more
“realistic operational conditions than was formerly done: simulated enemy defenses for
survivability, user maintenance rather than contractor support, and actual or simulated
malfunctions. Flight testing for airborne systems fits naturally into this expanded require-
ment. Operational testing is meant to provide credible information for decision makers
prior to commitment to production of expensive weapons systems.

1.3 FACTORS TO BE CONSIDERED IN TEST PLANNING

Testing airborne vehicles is 2 complex and interrelated process. To do this job effec-
tively requires careful and detailed planning. One of the best measures of efficiency for a
flight test team inciudes both time and dollar cost of the test program. Ultimately, the test
manager will be graded on these two factors as well as the completeness and the accu-
racy of the information collected. The most significant cost for any program often occurs
when safety considerations are ignored. Therefore, safety should be one of the dominant
concerns throughout the planning and conduct of any series of flight tests.

1.3.1 Safety

Flight testing always carries some element of risk. One cannot fly without the possi-
bility of having an accident. Nonetheless, a strong consciousness of risks taken and a
concerted effort to reduce the probability of failures along with anticipation of the conse-
quences of malfunctions must be a part of the planning process. Naturally, safety in the
tests begins with the design. But the test team also has the obligation to review and
question every aspect of the testing for unseen dangers. Loss of a multi-million aircraft or
spacecraft during the flight test development program can "cancel” a development. What
do you suppose might have happened to the NASA budget if a space shuttle orbiter had
been lost on an early test flight? No one knows, of course, but at the very least the loss
would have had grave consequences, not to mention the dollar cost of replacing it. Now,
let's look at some of the ways that careful test planning can minimize risks.

In the early stages of test planning, listen to all interested parties. Though this con-
ferring with others will take time, it is usually time well-spent. Specifically ask experts in
each subdiscipline to surface any potential safety hazards just as religiously as they do
needs for data. Then, ask safety specialists to analyze each hazard as to severity and
consequences. Strive for continuity in the group which does this early planning;
preferably, each member would stay on the test team and be accountable for his or her
inputs throughout the test program. Make sure that this overall plan is put in writing and
reviewed by each person; this step will often discourage second-guessing and is the test
manager's best protection. Do not skimp on early test planning.

After the overall test plan has been hammered out, detailed planning for each test and
each flight must continue. The engineer should maintain a careful matrix of required data
and insure that the test crews understand exactly what is required on each flight. Never
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go beyond what has been planned on a particular flight. This cardinal rule prevents sur-
prises and dictates that considerable thought be given to test cards. These cards should
be complete, but readily understood. It is the responsibility of the flight test engineer in
charge to be sure that these reminders are in good order. Test cards should include more
data requirements than can be collected on the mission that is planned; never let your
fight test crew run short of things to do. There aiso should be alternative data re-
quirements specified in case instrumentation malfunction or weather limitations prevent
collecting the primary data.

Safety in test flying has not always been paramount, but at today's prices (in dollar
cost for hardware and in opportunity cost for highly visible programs) no one can afford to
treat risks lightly. Planning and attitude toward safety are all important.

132 Cost

The cost of flight testing is staggering. It is therefore up to responsible engineers to
consider the cost of each test to be done, to look for ways to reduce that cost, and to
question the value of the data to be collected. Why am 1 doing this test? is always a good
first question. Some of the items that drive the cost of a test are: ground support needed;
required (not desired) instrumentation; and the flying time required.

Ground and airborne support should be kept as simple as possible, consistent with the
risks inherent in the tests, the complexity of the test, and the required information. It may
be as simple as a mechanic to service the airplane and as complex as linked telemetry
ranges to cover the complete flight profile. Question everything: /s telemetry necessary?
Do we need continuous radio communication? How much redundancy in measurements
is enough? How many samples of data do we really need? Can we combine tests? Are
chase aircraft really needed? Is real-time data reduction essential or nice to have? Is
there a source of support available at better rates? What kind of flexibility is there in the
range schedule? Each of these questions leads to options and altemnatives; all the good
test planners keep their options open.

Instrumentation is one of the most difficult (and often most costly) technical area for
fight testers. Skimping on instrumentation can lead to poor data or even no data. You
may have to repeat the test—late, of course—if you accept inadequate instrumentation. At
the other extreme, complexity in the instrumentation package can buy more downtime than
the program can stand.

Finally, every bit of time spent in the air must be used productively. The utilization of
flying time can be improved by combining tests; for example, collect data on the envi-
ronmental control subsystem while flying low altitude performance tests. The time from
takeoff to data altitude is often of low value. Aerial refueling, for airplanes equipped to re-
fuel in-flight, can multiply productivity of test time. Real-time data reduction, though it re-
quires complex instrumentation and extensive ground support, can significantly speed up
some tests and preclude repeating flights. Choose the time of day (or night) that not only
suits your test requirements, but that gives you the most efficiency in data collection. Al-
jow time for the maintenance crews to properly prepare the aircraft and the instrumenta-
tion; overscheduling of flights can be counterproductive. Productive flying time is time
when you collect useful data during flight testing; use it completely and wisely.




6 Introduction Chapter 1

1.3.3 Schedule

Meeting a schedule is a fact of life for flight test, as it is in all other facets of engineer-
ing. For the company building civilian aircraft, missing a certification date often means lost
sales and a poor marketing image. For the military customer, schedule slips can force a
complete alteration in force structure--and, in the worst case, a retumn to Congress for ap-
proval of changes. Usually, the military contractor suffers contractual penalties when
delays occur. Quite literally, time is money; plan wisely to meet the schedule.

If you are using government-owned ranges or even ground support facilities that do
not belong to your organization, a schedule slip can put you off the schedule. Provision for
rescheduling tests must be addressed in the original master test plan. Be sure you know
what kind of scheduling flexibility is available and then conduct your test so as to never
exercise that flexibility.

A major factor in meeting the test schedule is how many test vehicles are allocated to
the flight test program. This factor can be particularly troublesome if the vehicles are ex-
pendable, as in tactical missiles or other unmanned vehicles. Reducing the number of
prototypes or developmental aircraft is a favorite way of cutting the cost of a flight test
program. It is up to the test manager to be sure his ability to meet the schedule is not
removed along with the "excess" cost.

1.4 SUMMARY

Flight testing is one of the most exciting and at the same time, challenging, of all en-
gineering problems. Early and meticulous planning is mandatory to keep safety, cost, and
schedule considerations in balance. Discipline is essential throughout the process to stick
to the plan and to make judicious revisions to it. Good flight testers are team workers,
recognizing that collective judgment sometimes outweighs the advantage of quick
decisions by a single individual. Ultimately, flight test provides both objective and subjec-
tive measurements that prove or disprove the designer's dream.
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Chapter 2
PITOT-STATIC SYSTEM CALIBRATION

The nature of the atmosphere, more than any other set of conditions, determines the
performance and handling qualities of an aircraft. Capriciously, it seems at times, the at-
mosphere’s variables change continuously so that no two flight tests produce the same
results unless the data are meticulously reduced to standard conditions. The performance
and flying qualities of different vehicles can be rationally compared only on this basis.
Thus, the flight test engineer spends an enormous amount of time and care ensuring that
his measurements are corrected for non-standard atmospheric conditions. The subjects of
this chapter are the characteristics of the standard atmosphere and the airspeed and
altitude indicating systems on an airpiane. The altimeter and airspeed indicator can be
corrected for certain emrors inherent in pressure-based measurement systems and those
corrections are the subject of this chapter.

2.1 THEORETICAL FOUNDATIONS

2.1.1 Standard Atmosphere
Model atmospheres have been in existence for decades though in the United States

the space program has dictated changes in and experimental verification of new atmos-
pheric models time and again!.23. Intemationally, the Intemational Commission of Air
Navigation (ICAN) Standard Atmosphere4 was commonly used for many years. In 1952
the slight differences in the ICAN and NACA standard atmospheres were reconciled and
the International Civil Aviation Organization (ICAQO) Standard Atmosphere> became the in-
ternational standard for member nations. In 1953 a committee was formed to extend the
standard atmosphere and by 1956 the ICAO atmosphere had been extended to 300
kilometers. Further extensions were proposed in 1962 and again in 1975 as a resuit of the
collection of more experimental data. In 1975 the International Organization for Stan-
dardization adopted a standard atmosphere which is virtually identical to the ICAO stan-
dard atmosphere up to 50 km, but also includes data up to 80 km. All of these standard
atmospheres are quite similar, but the latter one is perhaps the most up-to-date. Many
tabulations of these standard atmospheres have been published and we will not add to the
size of this book by adding yet another such tabulation. Instead, the student is en-
couraged as a homework exercise to write a computer program that calculates the prop-
erties of the standard atmosphere.

Before briefly reviewing the theory of the standard atmosphere it is essential to define
certain terms and restate the assumptions used. There are a variety of altitude definitions
used in the literature and there is considerable ambiguity in usage. in this book the
following definitions will be used consistently. However, the careful student must confirm
the meaning of various terms in other sources. Geometric altitude, hy, is the tapeline
vertical distance from mean sea level to the point in question. Sometimes this altitude is
also called true altitude. Pressure altitude, h,, is the geometric altitude in a standard
atmosphere at which a given pressure is foum‘.!g A property calibrated aitimeter, set to
29.92 inches of mercury (in. Hg), indicates pressure altitude. The altimeter must be set to
this value by the fiight test crew during all tests so that data can be referenced to this
standard pressure. Density altitude, h, , is the geometric altitude in a standard atmos-
phere at which a given density occurs. Unlike pressure, density is measured indirectly;
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that is, it is calculated from measurements of pressure and temperature. Density altitude
is of utmost concem in predicting available thrust or power from the propulsion system.
Absolute altitude, h,, is the distance measured from the center of the earth to the point
in question. This altitude is of prime concem in orbital mechanics because the local gravi-
tational acceleration, g, is a function of altitude.

2 2
Re Re
g=g (—) =g (——) 1)
%, o\Rg +hy

where Rg is the radius of the earth.

Finally, geopotential altitude, h, is a fictitious altitude obtained from geometric aititude by
assuming g is a constant from mean sea level up to any altitude.

g . , . p_| _Re
dh = ” dhg , or integrating to get. h= (—-——RE +hy )hg (2.2)
For practical atmospheric flight the assumption that g is a constant introduces very little
error. Below 200,000 feet the error in assuming that h = hg is less than 1%7; thus, for
airplanes operating in the atmosphere, the assumption that h and hg are equal is justified.
The standard atmosphere now widely accepted is based on the following assumptions
meant to approximate atmospheric conditions at 40° North Latitude.
& Air is a perfect gas obeying the equation of state: p = pRT (2.3)
where R = 1716.55 ft2/sec2°R; T is the absolute temperature in °R.
This assumption is valid up to a height of about 55 miles, where dissociation
effects begin to play a major role.
¢ Temperature varies with altitude according to: T=T;+ k;(h - h;) (2.4)
where k; is the lapse rate for the altitude band h - h;; k;, T;, and h; are given
in Table 2.1 for altitudes up to 90 km (approximately 295,000 ft).

TABLE 2.1 Constants for the Standard Atmosphere

Index Lapse Rate Base Temperature Base Geopotential Altitude

i ki CRMY) T; °R) h; (#t)

0 -0.00356616 518.67 0.000

1 0.00000000 389.97 36,089.239
2 0.00054864 389.97 65,616.798
3 0.00153619 411.57 104,986.878
4 0.00000000 487.17 154,199.475
5 -0.00109728 487.17 170,603.675
6 -0.00219456 45417 200,131.234
7 0.00000000 325.17 259,186.352

4 Standard sea level conditions are:
Po = 2116.22 psf = 760 mm Hg = 29.921 in Hg = 1.013250x105 N/m2
To=518.67 °R = 288.15 °K
¢ The gravitational constant is: gy = 32.17405 fi/sec? = 9.80665 m/sec?
¢ Relative humidity is taken to be zero (dry air).
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The standard atmosphere, based on the above assumptions, is built upon egns. (2.3),
(2.4), and the hydrostatic equation which results from summing the pressure forces and
the gravitational forces acting on a unit element of air as shown in Fig. 2.1. This summa-
tion gives: p - (p + dp) - pgodh = 0. Assuming that gy is a constant over the altitude in-
terval of interest allows us to integrate the resulting hydrostatic equation. This assumption
also makes the altitude in eqn. (2.5) geopotential altitude.

dp = - pgodh (2.9)

Fig. 2.1 Pressure Forces Acting on a Unit Element of Air

- d dh
Combining eqns. (2.3) and (2.5): -;f— =~gdo RT

. dr . dp godT
Recalling that — = k; d, if k; 0, —=-gg——2—
ing that o =i &n ki # P 9o K;RT

_ godh
RT

Integrating each of these expressions is straightforward; first, with k; # 0,

In..e_= —_gllnl

pi KR T

On the other hand, if k; # 0 (the isothermal case), %‘1 =

. P o
then, with k= 0, In—=- h-h;).
o = TR )

Substituting eqn. (2.4) into the first of these expressions yields:

Do, (2.6a)
-‘-’-=(1 +1‘L(h-h,~)) kR k20
Pi T;
The second expression becomes:

_90 h—h
.‘%:977?{ ’),k,.= 0 (2.6b)
i
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Utilizing the equation of state, eqn. (2.3), density can be similarly expressed as a
function of geopotential altitude.

-9 _
B‘%:(M—’;{-(h—hi)) R k=0 (2.7a)
[ 1
-90 (n-p;)-1
PL_eTR " k=0 (2.70)
pi

Equations 2.6 and 2.7 apply to any region in the standard atmosphere, where, as noted
before, we assume a constant temperature lapse rate. In the troposphere, i = 0 and
standard sea level conditions are the relevant initial conditions. In the stratosphere, the
indexi=1and ky =0, T; = 389.97 °R. Similarly, constants corresponding to i = 2,3,...,7
represent the standard atmosphere in higher regions. That is, a standard temperature
variation, based on experimental evidence, along with eqns. (2.6) and (2.7), plus the
equation of state, completely define a standard atmosphere.

Standard atmospheres are frequently tabulated in non-dimensional form for pressure,
density, and temperature. These non-dimensional variables are defined by simply dividing
each property by its counterpart at standard, sea level conditions.

5=-L =L o= =00 2.8

Po Po To @8

]
The last expression is simply the equation of state written in non-dimensional terms.
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Fig. 2.2 Temperature Variations for Two Standard Atmospheres

Figure 2.2 compares the temperature variation in the standard atmosphere we will use
(1976 NASA Standard Atmosphere) with an earlier standard atmosphere.

Example 2.1: Caiculate 5, o, and 0 for standard day geopotential altitudes of 10,000 feet and 40,000 feet.
At h = 10,000 feet, use eqn. (2.4) to directly calculate the temperature ratio.

_ T _, ko(10000-0) , (-0.00356616)(10000) 9 =0.9312
810k = To =1+ To =1+ 518.67 1oK==
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Equation (2.6a) gives 840
90 3217406
2P one Ko R =0qnx  (-0-00356616)(1710.55] = gq0s 02599

310K =55 810k ko R =010k 910K S10% = 0.6877]

Equation (2.7a) gives c4ox
90 4

610K = -‘%- =60k ko =610x*2%%

For h = 40,000 ft, use eqn. (2.4) again with k; = 0
389.97
0 = = — (] =0.7519
40K elmpopauso 518.67
B tropopause =030 =(0.7519)525%9 —Peox __ 022336
Ptropopause
_90(p_p) . 3217405 p0nn
_Puwk _g AU o (A716.55)(369.97) 36089239) _ 82864
Piropopause
840k = P40k Propopause _ (4 52564)(0.22336)
Ptropopause Po
-Jo _ . .
Ptropopause _ 040K KoR T 0,0x* 299 = 029707 and using __P40K__ _ 952864 again
Po Ptropopause
0 4o = tropopause Piropopause _ (5 29707)(0.62864)
PO Po
2.1.2 Airspeed Theory
v, Static Orifices

-

Pitot
Port

-‘

=)

/I:tot Static Ports <

(
Orifice Airspeed

Altimeter Indicator

Fig. 2.3 Schematic Diagram of a Pitot-Static System

Having specified a standard medium in which airplanes typically operate, we now must
develop airspeed measuring equations. Both altitude and airspeed measuring systems
are typically pressure sensing systems as Fig. 2.3 suggests. However, an airspeed
indicator (ASI) measures differential pressure while an altimeter measures absolute pres-
sure. Both use the same static pressure source, but an ASI measures the pressure dif-
ference between impact pressure (sensed at the total head orifice) and static pressure.
Writing Euler's equation for steady, streamiine flow:

ge—+VdV=0

[
Integrating gives either the incompressible or the compressible Bemoulli equation:
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2 2
p+ g‘;— = constant (incompressible), or | gpﬂ + El;— = constant (compressibie)

Y Y
For an isentropic process, (f-) = (B—T—J = constant. A convenient form of the com-
P PT

pressible Bemoulli equation results after solving for p and integrating:

o V2
— 1 _4+-—= constant (2.9)
pir-1) 2

If eqn. (2.9) is applied to the flow into the total head orifice of the ASI where V,, = 0 and
to the streamline flow past the static orifices in the pitot-static system,
o V2 pr

p(r-1)" 2 “pr(r-1)

The differential pressure sensed by a conventional pitot-static system, g,, is not simply the
dynamic pressure, though it has a similar form as we shall see in eqn. (2.14):

PT
qc=Pr-P=P(T- )

X
Isentropically, %._. (1 X ; 1 Mg)'m so

v 5
e Y-1,,2\7-1 y=1v2 Yr-1
9o (1,1 0201 _qofg 1V 7 2.10
; (+ . ) [+ o (2.10)

Solving for V and multiplying both sides by Vo  :

T
Vio = | -21P (-‘-’-c-+1)”" -1 2.11)
Y—Tpol\ P

Careful examination of eqns. (2.10) or (2.11) reveals that calibrating a differential
pressure gage (which the ASI is) in velocity units is not as easy as it first appears. Pres-
sure and/or density are different at each pressure altitude and, even with V as the meas-
ure of velocity, that means a new scale would be needed for each pressure altitude. Such
scaling is obviously impractical and in 1925 the U. S. Army and Navy agreed upon a scale
based on standard day sea level conditions8. Virtually all airspeed indicators in the United
States are based on this calibrated airspeed which is defined by:

Vg = Vol 0=po 2.12)

where Vo is evaluated at standard day sea level pressure (but not neces-
sarily standard day sea level temperature).
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B a1
2vpo (qc )7—1
Vo = j——1P0 |1 3e g7 —1 2.13
(N @13)

For incompressible flow, the difference between total and static pressure is dynamic
pressure, g, which is a measure of the kinetic energy of a unit volume of air. It is not
identical to q.; the two parameters are equal only for incompressible flow. For incom-

pressible flow, VG = ,3‘1 ,if V< 200 mph and h,, < 15000 f.
Po

Py2
q=pr-p=—r (2.14)

Equivalent airspeed is the name given to vJo and is a direct measure of the kinetic
energy of a volume (V) of moving fluid.

Vo =V, (2.15)

mvZ p W2 pg w,?

Kinetic energy = > 2 3

Equivalent airspeed appears in all force and moment equations and therefore com-
monly correlates directly to structural loads on the airframe. Relating the ASI reading and
V, clearly requires a correction. :

=1
9c ¥
p(—+1) -1
Ve _ p
Veal -1
Qc Y
P (—-+1) -1
‘ 0 po

This ratio has been tabulated® for ease of use or, more commonly, the difference be-
tween V4 and V, is plotted as a function of pressure altitude and calibrated airspeed (Fig.
2.4). This correction term has been erroneously called a "compressibility” correction,
though as the preceding development shows, it is merely the resuit of a choice of airspeed
indicator calibration constants and has nothing to do with compressibility itself.

AV = V- Vegy (2.16)

One final type of airspeed, indicated airspeed, must be defined for flight test data re-
duction. It is simply the dial reading from the specific differential pressure gage used.
Each such gage used in experimental work should be calibrated periodically with a known
differential pressure source against eqn. (2.13). A record of the deviations must be
maintained for each ASI by serial number if precise data reduction is to be done. Altime-
ters should also be calibrated periodically in a similar manner.
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Fig. 2.4 Correction Factor (AV,)

Example 2.2: A high altitude remotely piloted vehicle (RPV) is flying at a pressure altitude of 40,000 feet
where the temperature is -47°F. If the RPV's airspeed indicator is perfect, and it registers a calibrated air-
speed of 200 KCAS, what is the true airspeed?

At 200 KCAS and h, = 40,000 fest, Fig. 2.4 gives: AV =-9kts = Vy-Vy

V, = Vg +AV, = 260 - 9 = 191 KEAS

To obtain TAS, V, = = vJo and hy, = 40,000 feet implies p in a standard atmosphere; p can be calculated
from eqn. (2.3), knowing both p and T, Using the results from Example 2.1 for = 0.1857 and then calcu-

lating p from the given data, 8 = 0.7956, o =.2. =0.1473. So, V =—12!__ . 306knots.

Jo.1473
So far, our discussion has assumed no error in measurement of prand p, but there are
a number of measurement uncertainties that must be considered.

2.1.3 Pitot-Static Measurement Errors
The pitot-static system suffers from all of the following errors:

4 instrument error
& pressure lag error
¢ position error
Each of these errors will be defined and their relative importance will be discussed in this
section.
2.1.3.1 Instrument Error. Instrument error is simply the deviation of the instrument
indications from a known differential pressure standard. it results from imperfections in the
gage itself and is typically measured in a calibration laboratory with the instrument
disconnected from other parts of the pitot-static system. A concise description of labora-
tory calibration procedures is given by Gracey!0. Several factors contribute to instrument
error:  scale error, manufacturing deviations, magnetic fields, temperature fluctuations,
coulomb and viscous friction, and the inertia of moving parts.
Several points must be kept in mind when calibrating airspeed indicators in the labora-
tory for instrument error. These differential pressure gages may be calibrated statically
and dynamically. Typically, the static calibration is sufficient for most flight test measure-
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ments. Data should be taken in both directions so that hysteresis can be determined. |f
hysteresis loops are significant, the instrument should not be used for data collection. An
instrument vibrator may reduce the effects of hysteresis, but care in design of the vibrator
is essential to avoid electronic interference with data acquisition or with communications.
Laboratory calibration data must be checked carefully for repeatability, and if it is not up to
standard, the instrument should not be used for data collection. Wear will obviously
change the calibration of an indicator over time. Consequently, a high rate of change in
the calibration is an indication of wear reaching an unacceptable level.

Instrument corrections are usually given as the differences between instrument cor-
rected values and gage readings. Notice that we now begin using ;c as a subscript to
imply readings that have been corrected using laboratory calibration data for a specific
instrument. Also, an ; subscript alone refers to the actual gage reading at a given condi-
tion. The corrections determined by such a ground calibration for each gage are:

AV =Vie- Vj 2.17)
Ah,'c = h,'c - h,' (2.18)

These corrections can be either positive or negative depending on the particular instru-
ment. A typical altimeter correction curve is given in Fig. 2.5.

S°F Piper PA-18 N1998Z
£E r ASI SN 3 7/19/90

1o : L

- : H o
N / 5 :
< -5 1 i L ] 1 i

20 40 60 80 100 120 140 160 180

Vi, = mph
Fig. 2.5 Instrument Error Calibration Curve

2.1.3.2 Pressure Lag Error. Any pressure sensing system, like the conventional air-
craft pitot-static sensing system, is subject to errors due to time delay in transmitting the
pressure from the point of measurement to the sensor. In an airplane, this error is typically
significant only when rates of change of pressure are high, such as in a rapid climb or
descent. For a given rate of change of pressure, the lag error depends primarily on the
length and diameter of the pressure tubing and the volume of the instruments. Obviously,
a leak in the pressure lines will also affect the lag error. In all cases the lag error is
proportional to the pressure drop through the system lines from the pressure orifice to the
pressure indicator.

The flow rate of the air in the system sets the lag error because of two types of time-
dependent phenomena. First, acoustic lag occurs because the pressure changes are
transmitted through the lines at the speed of sound. Since the speed of sound at low alti-
tudes is typically on the order of 1000 fps, tubing lengths must be quite long before
acoustic lag is significant. For most systems and flight envelopes, acoustic lag can be
safely ignored. Second, and more important for practical flight test considerations, the air
flowing in the lines produces a pressure drop. Following Gracey19, the lag constant due to
pressure drop with laminar flow in the tubing is:
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Ap 128mLC

A = p— or, for laminar flow in the tubing: A=—— (2.19)
At pd*p
where L = length of tubing,
u = viscosity of air,
d = internal diameter of tubing,
p = nominal pressure, and
C = volume of instrument chamber.
Once A is known for a given system and a specified flight condition, the pressure drop
Ap can be estimated for a given rate of climb or descent, which we will specify as %.

Remember, eqn. (2.19) is valid only for laminar flow in the pressure lines and the limiting
pressure drop for straight tubing is approximately:

2
Ap _Pof mn 0.0065
= » (l’-o) ( 73 ) (2.20)

When lag error must be known with greater precision or when the laminar flow assumption
is not warranted, the lag can be determined experimentally with procedures described by
Huston11,

Because the static portion of the system typically has line lengths considerably greater
than those for the pitot portion, the pressure lag errors in the airspeed indicating system
are not "balanced.” The lag in the static measurements will be considerably less than the
lag in the pitot pressures. This imbalance is a dynamic imbalance since it depends on
differing flow rates in each set of lines. It may be necessary to measure these errors ex-
perimentally as Wildhack12 has suggested, but a more pragmatic approach suggested by
Hamlin€ is to merely add volume to the pitot lines. In a pressure chamber the volume (or
length of tubing) needed can be determined readily by changing the pressure at a rate
commensurate with those encountered in representative maneuvers. Balancing the sys-
tem in this fashion may cause significant errors for maneuvers other than those simulated
by the balancing procedure. Reducing lag error is essentially a pitot-static system design
problem. The basic goal should be to keep line lengths as short as possible. Both
acoustic lag and pressure drop lags depend directly on line length. Pressure drop, the
dominant lag error in most installations, can also be minimized by increasing tube diameter
or reducing instrument volume. Bends and connections in the pressure lines should also
be kept to a minimum. Electronic pressure transducers now in use are small enough both
to help reduce line length (when mounted close to their sensing orifices) and to keep the
instrument volume low.

2.1.3.3 Position Error. Position error in pitot-static systems comes from two sources:
1) location of the static source in the pressure field of the aircraft and 2) the shape of the
total pressure head or the flow direction relative to it.

Of these two errors, the first is of most concern in flight test measurements, simply
because careful attention to design of the total pressure head will reduce the total pres-
sure position error to a negligible value. Obviously, the total pressure pickup cannot be
located behind a propeller, in the wing wake, in the boundary layer, or in or behind a re-
gion of supersonic flow without inducing errors. (The effect of a shock wave produced by
a properly shaped total pressure probe can be accounted for through the Rayleigh for-
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mula.13) Once a suitable location for the total pressure sensor is selected, the shape of
the sensor surface and the fiow direction determine the pitot head position error. The
shape must be suited to the application, but adequate design information is available, with
Gracey's work a standard0, Probes designed with care sense no significant total
pressure error at flow inclinations of up to approximately 20°. For this reason, total pres-
sure error is usually ignored in pitot-static calibrations.

It is not generally possible, however, to eliminate static pressure position errors be-
cause the pressure field depends on Mach number, Reynolds number, angle of attack,
and sideslip angle. With such an array of variables to be considered, rarely can a location
for the static source be found so that the sensed pressure will be freestream static
pressure throughout the flight envelope. The effects of flow inclination (o and $) can be
minimized by manifolding two or more orifices on opposite sides of the aircraft or, on boom
installations, by drilling static ports circumferentially. Figure 2.6 illustrates how locations
can be chosen to minimize static pressure error for a subsonic airplane. Figure 2.7
likewise illustrates guidelines for choosing static pressure locations for a pitot-static boom
mounted on the nose of a supersonic airplane.

Note: The pressure distribution (along the
fuselage reference line) is illustrative
only; it was not measured.

Fig. 2.8 Locations for Static Pressure Orifices
Static position error can now be defined quantitatively.

App = Ps - Peo (221)
where the ¢ subscript indicates sensed pressure

poo = pS
Recommended -Junction with

location for static ports Fuselage Forebody

Fig. 2.7 Supersonic Pitot-Static Tube Relationships




18 Pitot-Static System Calibrations Chapter 2

Altitude and airspeed static position error corrections are both functions of App and are
defined by (The subscript ;. denotes measurements corrected for instrument error)

Ahpe = hegy- g . (2.22)
AVpe = Vg~ Vi (2.23)

Of course, both these corrections come from readings of pressure gages, each with dif-
ferent scales. Both the altimeter and the airspeed indicator sense the same physical
quantity, ps, and therefore Ahpe and AV)p are not independent variables. Our task in the
remainder of this section is to ﬁnd an expression relating Ah,c and AV

Starting with eqn. (2.5) in approximate incremental form, we first express the depend-
ence of Ahp; on Ap,.  (We also introduce yet another subscript 44 for standard day condi-
tions.) Letdp > App, that is, the Ap of interest is error in sensed static pressure and,
correspondingly, dh --> - Ahp, the altimeter’s static pressure error correction. Then, egn.
(2.5) becomes:

App
AP, = pstggoAhye Of  Ahp. = (2.24)
P pc pc Pstd90
App - -
Then, = Pstd90 = PoSstg9o = 0.07647490 gy (2.25)
Pstad90
Pstd _Pstd Pi _ i [, Ki 75'1
But O sid =——=——’=—'—(1+-—!—(h—-hi)) , ki =0, o0r
Po Pi Po Po T;
-90(pp
s TI_R( ) |
Po
For i = 0, we substitute: —fLR = 525692, T,= 518.67°R, k, = -0.00356616 °R/ft
0
6.87559 )4'2559
=|1- 22 2.26
Ostd ( 1000000000 (2.26)
-2 (n-ty)
Fori=1, ogq = 00PPRUSS _ Potd  _ g 0 ce® TR 2.27)

Po Ptropopause
=0. 29797256—( 0.000048063797 )(h—36089.239)

Fortunately, these equations for o5y can be, and usually are, plotted and/or programmed
for table lookup.

Approximate relationships between App and airspeed indications can also be obtained
in a straightforward manner. Assuming no error in sensed total pressure, measured
dynamic pressure is:

9c,. = PT- Ps.
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The dynamic pressure without static pressure error is just:
Qc = PT-Ps
Static pressure error is, therefore, just the difference between g and q, .
App = Ps - P = 9c - Gc;,
Rearranging eqn. (2.10)
Y
Ee.=(1+(7 “1)V2)ﬁ -1

p

2YRT

This pressure ratio can be applied to any set of temperature and velocity
measurements so long as the process is approximately isentropic. Specializing this
expression to calibrated airspeed, which implies substituting po for p and Tofor T,

1 1
% =(,+ (1= 1Weal? ]1-’ _,{, -1 +Avpc)2}v-’ » 228)

Po 2a2 2a2

and, for instrument corrected airspeed Vi, g, replaces qc

X
eic _ (1 . (v —1)v,.62Jy—1 4
[ 2a}

Now, we can obtain an approximate expression relating Ap, and AV in the same
way Hermrington® does by using only the expression above and the definition g¢, = Pt - Ps-
If pr is measured with negligible error, then dq., = - dps. Differentiating and replacing
dqc,, with - dps gives eqn. (2.29):

1
dpg - _YPOVic {1 + ( '1)Vi¢2:) -1 (2.29)
dv. 2 2 )

Approximating the differentials with finite differences: Ap, =~ dps and AVpe = - dVie,

1
A 3 —-IWV2Yy1
Po ,.,7”0;"" (1+(Y 2)"’)’ (2.30)
AVpc a7 89

We have developed this approximation based on eqn. (2.10), which is a valid
expression for an isentropic process; that is, no shock waves can exist. Equation (2.30) is
valid only if Vi, < agp. However, a similar approach, starting with the Rayleigh supersonic
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pitot formula, gives an approximation when the pitot tube does have an attached normal
shock wave.

Y y-1
% _((v+1)V2)vT1 |2 ;
2 \ 282  ve2 -
P 2a 1- Y+ 27 v—2
a
1
2 v
Factoring out 1 -y from the _(L*_’)V_z term, and rearranging gives
1-vy+2y a2
2 r? ! 2 !
9% _ ((”_’)V__) v-1 +(Y_t’_) y-1 ( 2V J L (2.31)
p 2a? y-1 (v -1)a2

Substituting ¥ = 1.4 for air:

‘j: (1235)(625)(") (7_—1)25-1 16692158(\/) (7-—-1)2'5-1

If we now replace V with Vi, p with pp, and a with a,, we can solve for the instrument
corrected dynamic pressure read on the ASI by using the following equations:

_ _ 2 \25
%_Ic=166.92158(v' ) [717—1] -1
Po a9 ap

Still assuming no measurement error in p7, and taking the derivative with respect to Vi,

dgc, {V. )6
—= = 166.92158) & ==
av, 7) % .

Using our finite difference approximations again, App =~ dpsand AVpe= - dV,

2
6 (2 VIC 1J
2
f 3
M 52.85333(‘/’—")
AVpc a9

"'_v 2 _3'_5
ao

(2.32)
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Ap
where Avp is in inches of Hg/knot. (Changing the constant to 2214.795 in eqn.
pc

2.32) gives —2- in psf
(2.32) gives AWVpo in psffps.)

Ap
The approximate expressions in eqns. (2.30) and (2.32) for AVp are valid only for
pc

fairly small errors in pressure measurement; Herrington? says that AV, must be less than
10 knots, which is usually quite adequate for well-designed pitot-static systems.

Since both Ahpc and AV, are functions of the error in measuring static pressure, they
must be related. Having determined one, we should be able to calculate the other.
Dividing eqns. (2.30) or (2.32) by eqn. (2.25), for :L <1or -‘3-’0— > 1, respectively, and

0 0
then using the appropriate form of oy from either egn. (2.286) or (2.27),

Ah . v2\v. g
pe ~58.566( Vie )(1+02-i°2-}-£ for Y£<1 (2.33)
AVpc O std80 ag ap ap

Ah
where —2<- is in feet/knot.
AVpe

Similarly, for Ve > 1,
a9

2
(%)
N&%

Ah . \6
—Pc . 48,880(!'9—) (2.34)
Avpc ap

Equations (2.33) and (2.34) are plotted in Fig. 2.8 and are valid approximations if
Ahpe < 1,000 feet and AVjc < 70 knots. For larger position error corrections, Herrington
has developed and plotted more exact equations®, good for AVpe < 50 knots. If increased
range is needed for this correction, the interested reader should consult Herrington's
handbook.

Example 2.3: An airplane is flying at 303 KIAS at an indicated pressure altitude of 29,750 feet. The out-
side air temperature is -25°F for these test conditions. The instrument corrections include AV, = - 3 knots,

Ahy, = 250 feet, and Ahy, = 75feet. Calculate 2_:'125, AVpo, Vo, Vi @A M,,.
pc
First, we will use our definitions to relate indicated and true airspeed

Vo= Vig + AV + AV, DUt Vi, = V; + AV, = 303 - 3 = 300 knots
Also, using ap = |/(1.4)(1716.55)(518.67) = 1116.4 feeisec = 661.489 knots, from eqn. (2.33),
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Ahe _((58.566)(300))( 1 02390 )2'5
AVpe \ 0661489 661.4892

To obtain o4, we need p from the pressure altitude, which is:
h =h; + Ahe + Ahy, = 29,750 + 75 + 250 = 30,075 feet

Equation (2.6a) gives .P_ = 0.29595 and p = 626.29 psf. Then,

Po
o= 626.29 = 0.35314, so Mpc o310 1
(1716.55)(434.67)(0.0023769) AVpo Kt
250 ft
AV,. = 2500 AV, = 3.0%nots
Pe = 83.189 Kt pe
From Fig. 2.4, AV, = - 15kts = V,, - Vo, 80 V, = V,, - 15kis = 300- 15 V, = 285knots
V.=Ye . 285 V,, = 47859 knots= 80998 fps
* Jo +0.35314
My=—Yo ___ 80998 Mo =079

,/yRT J(1.4)(1716.55)(434.67)

2.2 POSITION ERROR CALIBRATION METHODS

From the preceding discussion of pitot-static system errors it should be obvious that
any pitot-static system calibration must be primarily concerned with determining the static
position error. Gracey10 classifies position error calibration methods under four headings:

¢ Freestream static pressure methods in which Ap;, is obtained from mea-
surement of pg and pyo.

¢ True airspeed methods in which Ap, is derived from values of V,, calculated
from ground speed measurements or from anemometer readings.

¢ A temperature method in which Ap,, is determined from measured tempera-
ture and a pressure-temperature survey.

¢ Mach number methods in which Ap, is obtained from Mach number.

Of these four types of calibration methods the first two are the ones most often used.
They are especially well-suited for low speed and low altitude, aithough the first category
of methods includes several techniques useful at high altitudes and airspeeds. Instru-
mentation needs can be kept to a minimum with these two approaches. For brevity, we
will describe in detail only three calibration procedures, two that are freestream static
pressure methods and one that is a true airspeed method. We will also restrict our de-
tailed descriptions to subsonic methods. For the reader whose needs go beyond this in-
troductory material, Gracey lists fourteen methods of calibration and summarizes relative
accuracies (when data are available) and limitations.

After describing the three selected techniques, the discussion will focus on the sensi-

tivity of the position error correction to three major effects: gross weight changes, altitude
variations, and Mach number deviations.
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221 Freestream Static Pressure Methods

These methods depend on accurate experimental determination of the difference be-
tween measured static pressure and the actual freestream static pressure at each of the
flight conditions. There are at least four ways to determine this differential pressure. First,
Ap,, can be obtained from a reference pressure source moving with the aircraft but located
outside the pressure field of the vehicle. The test aircraft may carry this reference
pressure sensor along (trailing cone or trailing bomb) or the calibrated reference sensor
may be carried in another airplane (pacer aircraft) flying formation with the test vehicle.
Second, the reference value of p,, may be obtained by interpolating the pressure gradient
optically (tower flyby) for low altitude calibrations or with tracking radar for medium and
high altitudes. Third, p,, may be calculated by measuring p and T at the ground and as-
suming a temperature gradient up to the altitude where temperature is measured. Fourth,
P« at a given altitude can be obtained from measuring indicated pressure and temperature
and noting the changes in height from an altitude where Ap, is known. Ordinarily, for
these freestream static methods where pressure differences are measured by aircraft
instruments, the altimeter position error, Ahy, is the measured correction because heg is
relatively easy to determine and the altimeter provides better resolution than the ASI. For
example, at sea level and 150 knots, a AV, of 2 knots corresponds approximately to a
Ahp of about 38 feet and to a Ahp, of approximately 116 feet at 500 knots . Let us now
single out the tower flyby technique and the pacer aircraft technique and discuss in detail
the data collection and data reduction procedures for each of them. We will also suggest
some of the advantages and fimitations of each approach.

lyby Line

Sighting
Grid

Eyepiece N

" N ~

Fig. 2.9 Tower Flyby Geometry

2.2.1.1 Tower Flyby Method. In this technique, the calibrated altitude of the vehicle
is determined by triangulation relative to a surveyed point on the ground (Fig. 2.9). The
airplane is flown down the tower flyby line at an altitude approximately level with the
eyepiece in the tower. The altitude and the airspeed both must be completely stabilized as
the airplane passes directly abeam the tower. The height of the airplane in the sighting
grid (y) and the pressure altitude in the tower should be recorded for each pass. Then the
calibrated altitude of the airplane’s altimeter can be calculated by adding the pressure

altitude of the tower to Ah, where Ah=2z %
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Figure 2.10 illustrates how calibrated altitudes from the two ground blocks are used to
obtain h, at each test point. The data reduction for tower flyby information proceeds along
the following lines. Determine the calibrated altitude of the test airplane's altimeter at each
test point during the flight. The so-called "ground block" method, which assumes a
constant change of calibrated altitude with time of day, is the most commonly used means
of obtaining hc for each test point. The flight test crew must obtain a preflight and
postflight reading of the aircraft altimeter (set at 29.92 in Hg, of course) at a point of known
elevation on the ramp. Then, hcal,.,.,, = h,-’_mp + Al

hea 4 '
fon the hc&lramp l Postflight
ramp) | =G ie of fh pomd =T |
! Block
Preflight |
Ground ;ﬁme for
Block ;ith point
|
Time

Fig. 2.10 Use of Ground Block Calibrated Altitudes

Eyepiece or Film Plane I

optical Grid e

Elevation of Zero Grid Line
N 315.55 feet MSL

/\ \d Tower Flyby Line
259.14 feet MSL

139.5 inches
et 977.76 feet

Fig. 2.11 Dimensions of a Typical Tower Flyby Facility

!

Using this interpolated value for the calibrated altitude on the ramp, calculate the
calibrated altitude at the eyepiece in the fiyby tower. Figure 2.11 is a sketch illustrating a
typical tower flyby course. The eyepiece in the tower is 315.55 feet above mean sea level,
the optical grid is 139.5 inches from the eyepiece and grid lines are 1 inch apart. The bot-
tom grid line is at the same level as the eyepiece. The flyby line is 977.75 feet in front of
the tower eyepiece. In using this method you must aiso take into account the height
above the ground of the altimeter for the particular airplane you are testing.

hca[‘ . =hca/mp+Ath‘ . 'Ahcalm' A
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The calibrated altitude of the test aircraft is then obtained from
T
- —_0
hear = Nealyepioce * TstdAh (2.35)

where -7%, is the correction for nonstandard temperature conditions.

Next, we must find the test day pressure-related parameters with instrument correc-
tions. For this introductory course, we will consider only hi;, Vic, and qc,, leaving M;c to
more detailed descriptions.

hic, = hj + Ahic and Vg, = V; + AVj.. As we saw in Section 2.1.3.3,

2135
— _c -
9, _(1+ozag) 1

Finally, we standardize Ah,; and AV to a reference altitude approximately equal to
standard day elevation at the test site. The tower eyepiece elevation in Fig. 2.11 is ap-
proximately 315 feet; therefore, we will correct each test day measurement to standard
day at this elevation. No lag correction is necessary for steady state test data, so:

Ahpe, = hoay - Hic,

To correct to standard day conditions at 315 feet, considering only small altitude and angle
of attack changes:

0315
Ahpc315 = Ahpct —et—
where 0 = 1 - 0.00000687559h./
0.9978343

S0, Ahpoy,s= Ahpg; (2.36)

6¢
To correct Vg, to Vi;,,., assume that each test point was flown at 315 feet and the test
day Mach number. Then, we observe that

eiogy _ Yo _ eioy

Ps.y Ps, Podats
For subsonic airspeeds, we solve this expression for V., .

. 02857742
Ve, =ap Ceas_ 4 4 -1 (2.37)
318 P03 315

AVpc,,s can then be obtained from eqn. 2.33 or from Fig. 2.8, knowing Ahpcass:

This data reduction scheme has been simplified considerably by assuming small dif-
ferences in altitude measurements and test day calibrated altitudes, small correction
terms, and subsonic flight conditions. For other conditions (M. > 1, for example), different
equations must be used. Do not apply these data reduction equations to data for which
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Ahpe > 1000 feet or AVpe > 10 knots. Consult Herrington® and/or other flight test
handbooks for complete details that are beyond the scope of this book.

The tower flyby method requires very little instrumentation and is quite a straightfor-
ward, though tedious, procedure. Photographic or theodolite equipment are often used to
record the aircraft elevation at each measurement point, but it is not essential and hand-
recorded optical data are also usable. Gracey10 concluded from tests at NASA's Langley
Research Center that Ap, can be measured within + 1% of g, even for very low speeds
(M = 0.15 and 90 knots). The method is least accurate for such low speed points because
angle of attack effects dominate. For higher speeds (M = 0.3 and 190 knots), accuracy
within + 0.2% of g, was found. Obviously, altitude effects cannot be investigated using
the tower flyby method and the speed range is somewhat limited because the technique is
a low altitude procedure. The lowest test speeds must offer a safe margin above stall
speed and the highest test speed is limited to the maximum level flight speed of the
vehicle at low altitude.

2.2.1.2 Pacer Aircraft Technigue. There are at least two variations of the pacer
method, one in which the reference source is in an airplane flying formation with the test
aircraft and one in which the test aircraft flies at various speeds past the reference air-
plane. The reference carrier simply maintains a constant speed and altitude. The latter
method, though less demanding for the reference airplane, is not as accurate as the for-
mation method because of the practical difficulties in determining small differences in the
height of the two aircraft and in obtaining simultaneous readings. Lag errors are also more
likely to affect data from the latter technique.

When the calibration tests are flown in formation, the test aircraft may be either the
lead or the wing man. The important points are that the two aircraft are flown at the same
level, that their speeds are perfectly matched, and that they are far enough apart so that
neither of the pitot-static systems are affected by the pressure field of the other. The last
requirement means that at least half a wing span in spacing is required between the two
aircraft. However, the precise formation flying required to guarantee matched altitudes
and airspeeds for each point suggests that the lateral spacing should be little more than
this half a wing span. Level, in the case of dissimilar aircraft, means that the two altime-
ters being used should be at the same height.

Data reduction for the pacer aircraft (formation) method is relatively simple. First, find
heg @nd Vg for the pacer's reference altimeter using its indicated readings, the laboratory
corrections for its instruments, and the known static position error corrections.

h“’pocor = hipooor + Ahicpoeor + Ahpcpocor
Vca’poeor = v’pocor + Avicpocor + AVPcpacor
It is assumed, of course, that the pacer aircraft system has a full and accurate set of cali-
brations. ’

Next, obtain hj,, and Vi, for the test aircraft just as was described for the tower flyby
technique in Section 2.2.1.1. Then, calculate Ah,c and AV, for the test aircraft under the

assumption that both aircraft were at the exactly the same test day calibrated aititude and
airspeed at each test point. _

Ahpcy = Neglpgoer = Pirest = Allicrest
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Correct Ahpc, to the nominal altitude for the test point just as we did the tower flyby data
with egn. (2.36).

AVpe, = Vcﬂ’paoor' Vieat ~ AVicres:

This approach gives AV), independent of the approximate conversion equations de-
veloped previously (eqns. 2.33 and 2.34) and offers a crude method of checking the total
pressure error if any exists. (Caution: The measurement errors in the pacer method may
be large enough to imply erroneously that the total pressure error is significant. Use this
comparison only as an indication that further tests may be required. Remember you are
obtaining the correction by differencing two large numbers.)

The pacer aircraft method, particularly when the two aircraft are closely matched and
can be flown in formation, is a very accurate calibration method. Gracey?0 reports an ac-

A
curacy in Az" of £0.7% at M = 0.5 and £0.2% at M = 1.0 for this method. Also, altitude

c

effects can be fully investigated within the envelope of the two vehicles and supersonic
calibrations are feasible. Low speeds and, for some aircraft, transonic speeds may cause
some difficulty in stabilizing in formation because of the handling qualities of the specific
aircraft. Finally, the pacer aircraft method lends itself to collecting static position error cor-
rections rapidly, though the cost of operating a pacer aircraft may not be warranted.

2.2.2 Jrue Airspeed Methods

Static position errors can also be calculated by measuring true airspeed and deter-
mining Vqo from the measurements. The speed-course technique is that uses this ap-
proach. Obviously, the wind must be recorded at the time and altitude of the test; wind
effects can be minimized by flying reciprocal headings if the wind is constant. Tests
should be conducted when the wind speed is as near zero as possible to reduce such
uncertainties. Calibrations are often carried out near sunrise or sunset for this reason.

Wind
Course

—
— ——
—

—
— —
— ——

e d
Fig. 2.12 Speed Course Geometry

A

Figure 2.12 is a sketch depicting the ground track of a speed course calibration test.
Notice that the aircraft is aligned with a heading parallel to the desired course: no drift cor-
rection is used. The data needed from each pass are h;, V, T;, and time between the two
points. If no other instrumentation is available, observers can note the time the airplane
passes over each of the known points. However, radar or optical trackers will reduce the
likelihood of human error in recording time accurately. The test should be planned so the
timing interval is large compared to the error in marking the start and stop times. The
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most important parameter to be held constant is indicated airspeed and, if turbulence or
poor pilot technique causes a variation of over +1 knot, the data point is suspect. Accu-
rate ambient temperature at the test altitude is also necessary. This temperature becomes
particularly important whenever medium altitude calibrations are attempted.

To reduce speed course data we must first find the average true airspeed.

1(d  d
V, = | — 4 —
a9 2(t1+t2)

where d is the course length; t; and ¢, are the times required to traverse the
course in reciprocal directions.

Next, find the freestream temperature at the test altitude. If precise weather data col-
lection equipment is available, one might obtain this information from the meteorologist. If
the indicated temperature from the airplane is used, it must be corrected for the gage labo-
ratory correction and the temperature recovery factor. Since the temperature gage reads
the total temperature except for the kinetic term which requires a recovery factor because
the flow is not perfectly adiabatic,

Tr

vz T,
T 14Ky -N—2— £
7.t O -N5rmr~T.

where K is the temperature recovery factor.

Usually K is essentially constant throughout the flight envelope and for a good flight
test measurement system it will be in the range of 0.95 to 1.0. However, with sloppy de-
sign or careless installation of the temperature probe, K may range as low as 0.7 and may
be a function of airspeed. To summarize, ambient temperature is calculated from:

2

V.
To = (tj+ AT + 459.67) - K(y - 1) =
(t+ ATie )-Kir-1) 5o

where {;is in °F.
Next, find the test day instrument corrected altitude and airspeed. Notice that these

values are based on the average indicated gage readings during the run. If large varia-
tions in either of these readings occur, the data will be unusable.

hic, = h,'m"'Ah,'c and Vi, = V,'m"'AV,-c

Then, obtain Vg from the average true airspeed and the ambient temperature. Cal-
culate the density ratio, using the perfect gas law and the measured temperature from the
second step above, and substitute in the expression for equivalent airspeed.

Ve=Vo =Vgy+AV,

Figure 2.4 offers a convenient means of graphically iterating on this expression to obtain
Ve Then, calculate AVpc, and Ahpe, from AV, = Veal - Vic, @nd Fig. 2.8. Finally, stan-
dardize Ahp;, and AVp, to nominal altitude conditions exactly as was done for the tower
fiyby test data.
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The speed course method is one of the least accurate techniques for obtaining the
static position error correction. Gracey, taking a different approach to the reduction of the
data than shown above, says that it is valid for a very limited airspeed range (speeds
safely above the stall speed up to approximately 130 knots at sea level or about M = 0.2)
and offers no estimate of the accuracy or precision10. On the other hand, the technique
requires almost no instrumentation, apart from observers, a stopwatch or two, and an ac-
curately known distance between two points on the ground. This simplicity does offer a
simple way to calibrate the pitot-static system but questions about accuracy will linger if
the flight test team does not take meticulous care in flying and recording the data.

2.2.3 Factors Affecting Position Error Measurements

it can be shown by dimensional analysis that the static pressure anywhere in the pres-
sure field surrounding a body moving through the air is a function of at least five variables,
two dealing with the flow direction and three non-dimensional parameters: angle of attack
(o), sideslip angle (8), Mach number (M), Reynolds number (Re), and Prandti number
(Pn). If we neglect heat transfer effects, Pn is of no consequence; and if the static source
is outside the boundary layer, Re effects will be negligible. Finally, we will assume that
sideslip can be minimized for those maneuvers for which we insist that pitot-static system
measurements be reliable. Then,

Ps _tm,a)

0

where f(x, y) is an unspecified function of two variables, with x = Mand y = a.

For vehicles operating in the linear angle of attack range, C; varies directly with «.
Ps

Therefore, with a slightly altered functional relationship, we may write —=- P =f(M,C.).
But C, = 5158 - 2nW _ 2n|;V - 2:W .
p (%T)vzs (Sypov A? T) 5M2yp,S
So the functional expression becomes:
-p—a;- = f(M n_:li) (2.38)

This simple expression clearly shows that there are three major variables affecting the
sensed static pressure, pg, from the pitot-static system. The three variables are Mach®
number, the weight supported by the lifting surfaces, and the altitude. To retumn to our
standard usage, the pressure difference is the prime variable of interest, so the functional
relationship of eqn. (2.38) can also be written as:

qc’c r(M,c,—) (2.39)

If My, is less than about 0.3, the flow field is essentially unaffected by oompressnbullty ef-
fects. [Some references even suggest using a much higher limit for Mach number 3]
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Then the pressure coefficient of eqn. (2.39) is a function of lift coefficient only. It is also
true that for M < 0.3, altitude effects are generally negligible. Then eqn. (2.39) becomes

AP _ L’_‘g’_] (2.40)
e, Vic

At constant V., this equation suggests that Ap, is a function of angle of attack only
(which must change to accommodate changes in either load factor or weight while main-
taining level flight). For aircraft where the weight change as fuel is used or payload is
changed is a large fraction of the total weight, there is a family of curves for AVy.. Figure
2.13a illustrates such a family of curves. On the other hand, if angle of attack changes are
small for the flight envelope, these curves collapse to a single curve as shown in Fig.
2.13b.

A
AVpc AVpc

A

Constant weight,

nW increasing Level flight

Py fr—

Vie - Vie
Fig. 2.13 Velocity Position Error Corrections for M < 0.3

However, Ahy is a function of altitude even if there are no angle of attack effects.
The pressure difference is a function of altitude because the geometric altitude takes on a
different value for every pressure level in the atmosphere. Figure 2.14 depicts the
changes in Ahp as a function of Vic and altitude.

In the transonic flight regime, especially near M, = 1, it is very difficult to accurately
measure static position errors. Certainly the complete functional, egn. (2.39), is neces-
sary. In fact, at high speeds the importance of changes in angle of attack diminishes be-
cause angle of attack changes little is small in any case. Mach number then becomes the
dominant term. Figure 2.15 illustrates a complete variation of pressure coefficient with
both low speed effects and the discontinuities in slope that occur in the transonic region.
These discontinuities are the result of shock waves forming ahead of the static orifice.
Figure 2.15 emphasizes the point that in this region the pressure coefficient is primarily a
function of Mach number. Mach number is different for each Vi, so AV is a function of
altitude in this region. Figure 2.16 illustrates this variation. Plotted versus Vi, Ahpc re-
sults in a family of curves displaced both vertically and horizontally for different altitudes,
though if plotted versus M, the horizontal displacement is removed.
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h increasing

03 04 05 06 07 08 09 10 1.1
Mic
Fig. 2.15 Pressure Coefficient Versus Mach Number

AVpc ! h increasing

Vie
Fig. 2.16 Airspeed Position Error Correction for Transonic Flight Conditions
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2.3 SUMMARY

In this chapter the subject of pitot-static system calibrations has been introduced.
Starting with the mathematical model that produced the standard atmosphere, the theo-
retical basis for these calibrations was laid. Experience has shown that only the static po-
sition error correction is important for many flight test purposes, so three different methods
of obtaining this information were discussed in detail.

Since such tests are rather tedious both to conduct and to reduce the data, no attempt
is made in this introductory course to discuss all the available methods of calibration. The
reader who needs or desires detailed information on other methods of calculation will find
a wealth of material in the list of references. While the engineer who is responsible for
such calibrations is often accused of "measuring with a micrometer what is later to be cut
with a hacksaw,” careful pitot static calibrations are the foundation for accurate perform-
ance and stability and control flight test data. The calibration process cannot be shorted
without paying the price later.
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Chapter 3
CLIMB, DESCENT, AND TURN PERFORMANCE TESTS

Every airplane on every flight, takes off, climbs, tums, descends, and lands. Thus,
immediately after the pitot-static system is calibrated the test team can begin collecting
performance data for these phases of flight. Since takeoff and landing performance is a
more difficult measurement task, climb, descent, and turn performance will be tackled first.

The climb performance of a vehicle is of utmost importance to the operator and is di-
rectly related to lift, drag, and thrust capabilities of the aircraft. Generally, measurements
are made to determine either a speed or Mach number profile that will optimize a single
performance parameter like minimum time to altitude, minimum fuel to altitude, minimum
time to a total energy level, or such like. The actual altitude and velocity measurements
can be manipulated to describe the maneuver capability of the airplane or to evaluate the
tactical capability of the vehicle relative to an adversary.

Tuming performance is an important measure of merit for some classes of aircraft (like
fighters or acrobatic craft) and is hardly ever used for others (like general aviation or
commercial jets). it is more important for airplanes with an intended aggressive maneu-
vering combat role than for any other group of airplanes. The measurements can be
made in a number of ways and with relatively simple sensors (like a stopwatch and the
normal cockpit instruments). Therefore, it is useful, at least in a learing environment, to
measure tum rates and radii even on airplanes for which tum performance is not used for
certification or to qualify contractual guarantees.

This chapter is concemed then with performance measurements that are relatively
straightforward: climbs, descents, and tums. Al of them are strongly related to the ex-
cess thrust or power available from the engine-airframe combination. However, these
performance categories are extremely important in assessing the utility of a design.

3.1 THEORETICAL FOUNDATIONS
Table 3.1 FAR 23.65 Climb Requirements (All Engines Operating)

Power Set- Configuration Speed Minimum Steady  Minimum Angle
ting Climb Rate
Max Con- Max Wt < 6000 Ibs Most Fa- > 300fpmatsea 1:12 Landplane
tinuous  Flaps TO, Gear UP, vorable level 1:15 Seaplane
Cowl flaps COOL
Takeoff Max Wt < 6000 lbs Most Fa- >300 fpm or No Require-
Flaps TO, Gear UP, vorable > 11.5V, ment
Cowl flaps COOL

Note: If V,o < 81 knots, no climb requirement is specified. IfV,o < 61 knots, use the requirement for a maxi-
mum weight > 6000 Ibs. Vs, is the power off stall speed, landing configuration. The power off stall
speed, clean (cruise) configuration is sy

The climb performance required of a given aircraft may be spelled out in one of sev-
eral documents. Tables 3.1 and 3.2 summarize the climb requirements stated in FAR
23.65 for small multiengine airplanes. For military airplanes, these requirements most of-
ten come from the contractual specifications provided by the procurement agency. For
commercial aircraft, the buyer (an airline, for example) may have specific climb perform-
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ance requirements, but such unique requirements are not likely to be less stringent than
those of the applicable Federal Aviation Regulations (FAR).

Table 3.2 FAR 23.67 Climb Requirements (Critical Engine Inoperative, Propeller in
Minimum Drag Position)

Weight/Performance Minimum Rate of Climb in Power Set-
fpm at 5000 feet ting/Configuration
Max Wt > 6000 Ibs R/C = 0.027Vs 2 Maximum Continuous
(Vs, in knots) (or less)
Max Wt < 6000 lbs RIC = 0.027Vg 2 Gear UP, Flaps
Vs, > 61 knots (Vs, in knots) OPTIMUM, Cowi
Flaps as per FAR

23.1041-23.1047
Max Wt < 6000 Ibs No minimum specified, ac-
Vs, < 67knots tual rate must be deter-
mined

Military requirements are similar to those listed in these tabies although they are often
more specific and more detailed. In any case, these examples suggest that the flight test
team must verify or determine the optimum climb speed schedule as one of its first tasks
for measuring the climb performance of the vehicle. Then, and only then, can either the
minimum rate of climb or the minimum angle of climb be determined for a required con-
figuration. However the requirement is stated, determination of climb (or descent) and
turning performance is based on the familiar lift-weight and thrust-drag force balances,
which we will now review briefly.

Horizon

Fig. 3.1 Forces Acting on an Airplane in a Climb
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3.1.1 Governing Equations

A free-body diagram of the basic forces acting on an airplane in a climb is sketched in
Fig. 3.1. The forces perpendicular and parallel, respectively, to the flight path are:

w v2
L + Tysin(a + ®7)-Weosy=—72" (3.1)
g Re
W dv,
Tpcos (a +®7)-D -Wsiny = ?—d—;°- (3.2)

where R, = radius of curvature of the flight path.

The instantaneous velocity (or true airspeed) of the airplane’s center of gravity is re-
lated to the time rate of change of the flight path angle v, which is obtained by:

_(As) .. (R.ar)_RedY
Li (—)=u (c )=—° =V,
AL AN AT T dt @

Vv,
Or, we can write: 7y = I—?"-'f-
C

Thus, eqgn. 3.1 can be rewritten as

L-Wecosy +T,sin (a+<bT)=% T (3.3)
If flight path curvature is slight (R, — «) and a + @7~ 0, eqns. 3.1 and 3.3 yield:
L=WecosY (3.4)
Eqgn. 3.2 becomes: T, -D -%—%@— =W siny

The angle of climb is then obtained from

sin v = E’—V;—Q-%EZT” (3.5)

Recalling that rate of climb is %t'l =V, siny, we substitute to obtain:
dh (Th —DNyp Vo dV,
dat w g dt

3.1.1.1 Steady State Approximation. Equations 3.4, 3.5, and 3.6 are the governing
equations for climb (or descent) performance. To further simplify the equation, it is often

(3.6)

dv,
assumed that there is no acceleration along the flight path. Then, —= =0and

dt

T, -
siny = "w D 3.7
dh (Thp —DNy

Un " Y/ (3.8)
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Equations 3.7 and 3.8 are very common approximations for iow performance aircraft.
If indicated airspeed is held constant and climb rate is low, the rate of change of true air-
speed with altitude (and time) is smalt and this approximation is adequate. Or, if true air-
speed is changing rapidly during the climb, rate of climb can be rewritten as

dh (To~DNw Vi dVi dh

dt W g dh dt
(g@)(ﬂ Vo de) U A
dt g dh) w
(&)- o -0V (3.9)
dt/ W(1 + AF) '
, Vo dV,
where AF = acceleration factor= — ——
g dh

3.1.1.2 Accelerated Climb Eguations. More generally, the performance equations
can be constructed by assuming only that the angle o + @ is small and allowing both y
and V,, to be functions of time. Then the climb performance equations can be expressed
concisely as a set of first-order nonlinear differential equations.

Tola+ @
) L+—-——”( ')—cOSY
¥ w
. y Tn—D .
x=|V,l= g ~siny
: w
h V,, siny

These equations can be extended to include other time-dependent variables such as
R=V,cosy or W= w
where R = horizontal distance covered or ground range and vi'f= fuel flow rate

This set of first order differential equations suggests the use of state variables, which
opens the door for use of more powerful mathematical tools (like the calculus of variations)
to optimize performance parameters. But our purposes are served in this chapter by sim-
ply using this formulation to lead into a discussion of Rutowski's energy approximation?.

3.1.2 The Eneragy Approximation

If the airplane comprises a dynamical system having a total energy made up of the
sum of its kinetic energy and its potential energy, a slightly different, yet equivalent, set of
climb performance equations can be written. Then, total energy is given by

E= %mvﬁ +mgh
To more easily compare aircraft of different masses, it is customary divide by mg and re-

E
write total energy in terms of specific energy W with units of distance or altitude:
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he = h+—= (3.10)

where h, = specific energy or energy height
The time rate of change of specific energy, or specific excess power Fg, is

. ..V
Ps=he=h+vao'§‘ (3.11)
Recalling the V,, equation from the state variable set in Section 3.1.1.2,
. T,-D .
Vo =g( W 's””’)
Tn "D

Multiplying by V., , we get: V,oV,, = ng( W

-siny)
But, h=V,, siny, 80

(Th - D)Vo

..V
L AT (3.12)

Equation 3.12 merely confirms our earlier assertion that the energy approach to obtain
specific excess power is equivalent to the force balance state equation relating V, to 7,
D, W, and Y. Several books23 elaborate on the utility of the energy approach, but it suf-
fices for our purposes to simply point out that the energy definitions allow computation of
climb performance from thrust and drag measurements under accelerated flight conditions,
not just constant true airspeed maneuvers. This simple result merely scratches the sur-
face in demonstrating the uses of the energy approximation. Rutowski's approach leads
naturally to performance optimization of not only climb and descent performance, but also
of maneuvering flight. As an example of such maneuvers, consider a level tumn.

3.1.3 Forces in a Level, Unaccelerated Turm

Fig. 3.2 Forces in a Level Turn

Consider first the idealized force and moment diagram (Fig. 3.2). It can be inferred
from the diagram that the forces are in equilibrium (as long as you accept the notion of
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"centrifugal” forces being produced by a constant acceleration). This idealization really
describes a constant airspeed, constant altitude, and constant bank angle tum -- often
simply called a stabilized turn or a level, unaccelerated tum. As we will see from the sim-
ple force equilibrium, the load factor in such a turn is constant also.

The force equations are almost trivial, but they do show the important variables we
need to measure.

Lecos¢-W =0 or Lcosp=W, so

n=—r=—-— (3.13)

In this expression we have used the definition of load factor n to show why a constant
bank angle in a steady, level tum implies that n is a constant. Quite obviously, bank angle
is a parameter we are likely to want to measure and that can be done by recording the
load factor if the test airplane is equipped with an accelerometer (g-meter) or with an accu-
rate vertical gyro. We will also see later that other parameters can be obtained from such
simple relationships and that even simpler instrumentation will suffice.

Another equation springs from the horizontal force "balance" - equating the compo-
nent of lift acting in a horizontal direction to the “"centrifugal force":

2
Lsing = m(VT) ' (3.14)

where r is the radius of the tum (as suggested in Fig. 3.2)
Vis the true airspeed (constant)
Using eqn. 3.13 with lift written in coefficient form and solving for turn radius:

w )
r= 2( /s (3.15)

~ pCy sing

Equation 3.15 shows clearly that the turn radius: (1) varies directly with wing loading
(WIS), (2) inversely with altitude (that is, increasing altitude increases r), and (3) inversely
with lift coefficient. Minimum turn radius will occur, therefore, at low gross weights, low
altitude, and at maximum lift coefficient.

Other expressions that are useful in flight test are related to the previously developed
expressions. For example, we can take eqgn. 3.14 again and rearrange it to express load

factor in terms of the other parameters. Knowing that n= EoLs& and using basic trigono-

2 —
! . Making this substitution and solving for r

metric definitions, we notice that sin¢ =

gives:

r= (3.16)
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Similarly, starting with the same expressions and recognizing that the tum rate is sim-
ply the angular velocity associated with the level turn and is therefore defined by Vir, we
can easily repeat the algebra and obtain an expression for the turn rate:

_V_gVn-1
Tr Vv

As suggested earlier, eqns. 3.16 and 3.17 demonstrate that calculating the important
tun performance parameters like radius of tum and rate of tumn, requires only a stop
watch to time a specified heading change (usually 360°) and the pitot-static measurements
that give true airspeed. An accelerometer could aiso be used, but it is not absolutely nec-
essary.

Having now developed some simple (but quite effective) equations to calculate turning
performance, let us now tum our attention to the kinds of turning performance that are of
interest in our introduction to flight tests.

@

(3.17)
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Fig. 3.3 V-n Diagram

3.1.3.1 Types of Turning Performance. The equations in the preceding section
need to be related to operational considerations and modified to provide better indications
of the actual capability of a given aircraft. The unaccelerated level turn is closely related
to sustained tuming performance, but instantaneous tuming is often of even greater inter-
est for combat maneuvering and is more closely related to specific excess power (espe-
cially when the aircraft is limited by thrust). The V-n diagram (Fig. 3.3) contains many of
the elements important to both sustained and instantaneous tumn performance. However,
as we show later, there are more informative ways to present turning performance results.

Sustained turn performance is usually described in terms of energy state; it is a
measure of the excess power of the airframe-engine combination, especially at load fac-
tors greater than one. The V-n diagram limits clearly affect and constrain the sustained
turn performance since they describe the aerodynamic and the structural limits for the air-
frame. The stall characteristics of the airfoil, the planform, and other configurational fea-
tures of the airplane prescribe lift limits. The maneuvering loads that the airframe can
withstand typically set the upper and lower structural limits. In today's modem fighters,
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these limits are usually expressed in g's and for these load limits are usually +9g and -3g,
accelerations which are now approaching the physiological limits of the human pilot. Said
another way, the tuming performance of modem fighter airplanes is often not an airframe
limit, instead, the pilot is may be unable to tolerate the achievable accelerations. G-Loss-
of-Consciousness (G-LOC) is an example of such a physiological limit.

On the other hand, instantaneous turning performance ignores any change in air-
speed that may occur during the maneuver. It is not necessarily a steady state maneuver.
It is important in combat when the aircraft has weapons that can be employed with the
nose pointing (perhaps only momentarily) at the adversary. It is particularly important in
either getting off a first shot or in defeating an enemy’s tracking solution. Instantaneous
tumning performance is important any time it is advisable to sacrifice energy to gain or re-
gain tactical advantage. Again, the limits shown on the V-n diagram are useful in showing
important characteristics of the turn performance, but there are more meaningful plots.
The point where maximum lift coefficient and maximum load factor coincide is the maneu-
ver point . The true airspeed associated with that point is called the corner velocity, at
this speed the airplane can tum with the smallest radius and the highest turn rate.

3.1.3.2 Limitations on Turning Performance. Though we have alluded to turning
performance [imitations already, we have not clearly spelled out the types of limitations
that are associated with the airframe and its powerplant. They can be classified and dis-
cussed under three general headings for any airplane.
3.1.3.21  Thrust-Limited (or Power-Limited) Tuming Performance. To tumn at
constant altitude the airplane's lifting surfaces must produce lift over and above that re-
quired to maintain level flight with the wings level (Fig. 3.2). However, if additional lift must
be generated, that lift inevitably produces additional induced drag. This additional drag
must be balanced with additional thrust to maintain constant airspeed as assumed at the
outset of this discussion. Of course, in many aircraft this additional drag grows to a point
that available thrust from the powerplant cannot overcome the additional drag and the air-
craft will decelerate in the turn. The airframe and powerplant are thrust-limited in the turn.

[}

Constant Altitude

Thrust Required

Airspe;d
Fig. 3.4 Thrust Required at Various Bank Angles
Naturally, as bank angle increases, the thrust required increases rapidly (Fig. 3.4). Of
course, there are many fighter aircraft today with very high thrust-to-weight ratios. Rarely
do they encounter thrust limitations during turns, which suggests we must consider the
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limits on the left side of Fig. 3.4 that are based on the maximum lift the wings of the aircraft
can develop.

If you are conducting tuming performance tests in a propeller-driven airplane, it will be
necessary to consider how changes in induced drag change the power required curves
rather than thrust required curves as shown in Fig. 3.4. However, power required is sim-

DV
ply 350
)

Thrust Required / Available

Airspeed or Mach Numb;r
Fig. 3.5 Parameters That Affect Thrust-Limited Turning Performance

The thrust-limited turn is usually the primary focus of turn performance. This type of
performance is closely tied to the energy concepts discussed earlier. In fact the same test
technique (the level acceleration) provides data for tuming performance and is used to
determine optimum climb performance. This fact has led us to discuss turning perform-
ance in the same chapter as climb tests. Since Py is relevant to both types of perform-
ance, we can readily see that thrust-limited tuming performance is affected by exactly the
same factors that affect climb performance (Fig. 3.5); anything that affects excess thrust
changes turning performance. Corrections to tuming performance are based on similar
considerations:

(1) Temperature effects on thrust (3) Weight effects on induced drag
(2) Pressure altitude effects on thrust (4) Pressure altitude effects on drag

3.1.3.2.2 Lift-Limited Tuming Performance. The dashed line in Fig. 3.4 indicates
the maximum lift coefficient the wing can generate; that is, the lift limit is indicated by this
line, simply because the wing will stall if it is exceeded. Stall speed in a tum is directly
proportional to the load factor and the stall speed in level flight; that is, Vs¢ =nVg, where

Vs‘b is the stall speed in an unaccelerated tum at a constant bank angle. This result sug-

gests that the dashed line in Fig. 3.4 increases as -O—J?;
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This lift boundary for tuming performance is a part of the envelope that is of particular
interest in fighter and trainer aircraft. Sometimes specially designed tests are laid out to
explore the lift boundary. However, the interest then is primarily one of controllability. For
example, what levels of buffet are to be expected? Will they adversely affect the ability of
the pilot to operationally maneuver and track an adversary for weapons delivery? |s there
a strong likelihood that the airplane will go out of control with little or no waming? Though
the lift limit does bound the performance as suggested in Figs. 3.3 and 3.4, these consid-
erations are properly discussed under handling qualities testing. For that reason we will
not dwell on them in this section.

3.1.3.2.3 Load-Limited (Structural) Tuming Performance. The loads that the air-
frame is designed to carry are statically tested on the ground and monitored during early
envelope clearance flights. These load limits are normally expressed in load factor (both
positive and negative) as suggested in Fig. 3.3. These limits are typically specified in the
contract and/or by the certification agency. Federal Aviation Regulations in the United
States spell out limits of +4.4/-2.2 g for utility category aircraft certified under FAR Part 23.
These load limits are seldom achieved in flight and there is always a margin of safety ap-
plied by the designer to allow for unexpected turbulence in the atmosphere or inadvertent
overstressing of the aircraft.

LEVEL, UNACCELERATED
TURNING PERFORMANCE
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Fig. 3.6 Summary of Tuming Performance Limitations

Figure 3.6 is yet another way to show and summarize possible limitations on tuming
performance. At speeds less than the maneuver speed shown in this sketch, even aircraft
that are not thrust-limited cannot reach the limit load factor. They are aerodynamically (lift)
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limited. At higher speeds the vehicle may be limited by either the strength of the structure
or by the available excess thrust. For example, most general aviation airplanes are thrust-
limited throughout much of their envelope.

3.1.4 Experimental Versus Analytical Performance Methods

Performance measurements have litle meaning uniess the data are reduced to some
common basis of comparison. This common basis is the standard atmosphere. Hence,
performance reduction refers to the data reduction schemes by which test data taken un-
der nonstandard day conditions are converted to standard day results. As Lush4 puts it,
v reduction methods are necessary to rationalize the test results so that they may be
used for valid prediction and comparison.”

As the title of this section suggests, there are two broad categories of performance
data reduction. Experimental methods are so named because they require no advance
knowledge of the components of the dynamical system. For an airplane, for example, no
knowledge of the power plant characteristics would be required under this method. Ana-
lytical methods do require a priori sources to complete the analysis and are somewhat
more widely used. Analytical methods are further broken down into differential methods
and performance analyses. Differential methods are based on the notion, that for small
corrections, linearization is appropriate. These methods depend on a generalized char-
acterization of airframe drag and engine behavior. The differential technique is not useful,
for example, when compressibility effects are significant. Performance analyses rely on
advance information of engine behavior and are generally used when experimental meth-
ods are inconvenient or simply impractical.

One of the most perplexing problems in performance reduction is the number and type
of variables to be considered, some of which are controliable while others are not. Engine
parameters are, for example, usually quite controliable over the range of interest but out-
side air temperature is not. Tests are ordinarily planned to cover a suitable range of the
controllable variables, while those variables that cannot be controlled are "standardized".
Choice of a standard weight, like 95% of the takeoff weight, is typical of the latter case.

3.1.4.1 Experimental Methods. Dimensional analysis is a tool that allows us to re-
duce the number of variables by grouping them. Furthermore, if uncontrolled variables
can be associated with controlled variables, experimental methods may be used to deduce
standard day performance from nonstandard day test data. One of the simplest illustra-
tions of this technique is in reducing performance data for turbojet airplanes. We will
briefly introduce the subject for now and illustrate it in greater detail in Chapter 4. The
success of dimensional analysis rests upon the assumption that all pertinent variables can
be conceptually identified, though the mathematical form of the relationships may remain
unknown. We could assume, for instance, that the climb rate of a turbojet-powered air-
plane depends explicitly on true airspeed, engine compressor speed, aircraft weight, out-
side air temperature, and pressure. f such a function exists, it can be represented by:
f1(Von N, W, T, ps) = 0. (Notice that , has been used with T, to differentiate it from T
for thrust, as used previously. We will stick to that convention for the rest of the book.) If
Buckingham's Pi Theorem is applied (we will return to this theorem later), the variables




48 Climb, Descent, and Turn Performance Tests Chapter 3

can be reduced to three: fz(V%N_JTE—;VTJ . In the first expression there are five in-
w0 - ] (o]

dependent variables and two of them, W and T, are not easy to control or adjust during
flight tests. Dimensional analysis reduces the number of independent variables by two.
This reduction of the number of independent variables by two is generally the leve! of sim-
plification realized by application of dimensional analysis.

Pragmatically, reducing the number of independent variables by only two often makes
it difficult to use experimental methods. Usually, there are still too many variables af-
fecting the performance reduction. However, if one is able to assume that only a few of
the variables affect performance strongly, experimental methods can be used. A good ex-
ample of such a simplification is the level flight performance of a jet aircraft (discussed in
detail in Chapter 4). If the constant test altitude is reasonably close to standard condi-
tions, it is usually acceptable to omit viscosity, for example, as an independent variable in
determining the level speed of the airplane.

3.1.4.2 Analytical Methods. Of the two "analytical" methods, the differential method
is the easiest to use when the background data are available. This type of performance
data reduction is with conventional reciprocating engine powered aircraft. The database
for reciprocating engines is rather extensive and most of this class of airplanes do not ap-
proach any compressibility effects, making the differential method both convenient and ac-
curate to use. The a priori knowledge necessary to use this method does not have to be
extremely precise because the differential corrections for nonstandard conditions are usu-
ally relatively small. Turboprop-powered aircraft are generally analyzed using this ap-
proach, though the jet thrust introduces more variables and reduces the precision of the
corrections. The second analytical method, performance analysis, is based on determi-
nation of drag and/or power curves (both required and available) over the altitude and air-
speed envelope of the airplane. Again, one needs a priori information on the output of the
propulsion system and propeller efficiencies, along with the effects of changes in temp-
erature and forward speed on these parameters.

Choosing the appropriate performance reduction method is a difficult task. The most
important considerations involved are the amount of data required (number and character
of variables to be measured), the size of the flight envelope (altitude, Mach number, air-
speed, load factors) to be covered, and the availability and nature of generalized data on
the airplane and its power plant. In virtually every instance, the choice is a compromise
and it is often a combination of the various methods. Now, let us tum our attention from
these general considerations to the specifics of climb performance reduction.

3.2 CLIMB PERFORMANCE TEST METHODS

Climb performance tests fall into two broad categories: those designed to determine
an optimum speed or Mach number schedule or those designed to measure the actual
performance of the vehicle. For the first category of tests, the optimization may be carried
out with any of the following purposes:

€ minimum time to altitude ¢ minimum fuel to energy level
€ minimum time to energy level 4 maximum climb angle
€ minimum fuel to altitude
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The second category of climb tests are sometimes called "check" climbs or "performance”
climbs since they are meant to verify that a chosen profile meets the specified optimization
objectives. This validation should also ensure that cooling considerations, lack of forward
visibility, poor handling qualities, or some other operational consideration does not dictate
deviation from the optimized climb schedule. Both types of these tests will be introduced
in this section, along with some of the techniques used. The reduction of climb data from
such tests to standard day conditions will also be described briefly.

3.2.1 Climb Schedule Determination

Optimization of a climb schedule is based on the airplane's lift, drag, and thrust rela-
tionships (reviewed in Section 3.1) over an appropriate speed range. The measurement
may be either direct or, more often, indirect. The two most common techniques, the saw-
tooth or partial climb test and the level acceleration test, will be discussed in this intro-
ductory text. Of these two test methods, the sawtooth climb is easier to understand and
requires only the most rudimentary instrumentation. However, it is only useful for low
climb rates. The level acceleration test provides more data for the same investment of
flying time (data that are useful for more than just determining a climb schedule, too) and
is applicable to high performance aircraft with high climb rates. It does require some
means of automatically recording altitude and airspeed as a continuous function of time.
We consider sawtooth climbs first.

f Stop recorder,
if used

Stop time;_ o .. ___. Rond

"""""""" A5

&5

Nominal test SX7 . . . oo

altitude 4 ¥ Note RPM, torque,
OAT, IAS

Start _time;

note I1AS .4

Set power; recheck configuration;
trim at IAS; fly 90° to wind;
stabilize 200-300 feet below hgntry ;

start recorder, if available

Fig. 3.7 Sawtooth Climb Procedure

3.2.1.1 Sawtooth Climb Method. The sawtooth climb, so named because of the
shape of the altitude trace it produces, is used to determine the airspeed for maximum rate
of climb at a nominal pressure altitude under test day conditions. A series of timed climbs
is made over an altitude band bracketing the nominal pressure altitude chosen. Figure 3.7
illustrates the data collection. Increments of altitude used for each airspeed point should
be chosen so that timing can be carried out precisely; if a stopwatch is manually started
and stopped as suggested in Fig. 3.7, the altitude increments should be chosen so that
the elapsed time is at least 1 minute. Indicated airspeed or Mach number must be main-




48 Climb, Descent, and Tum Performance Tests Chapter 3

tained very precisely (1 knot is desirable) to obtain valid results without excessive scatter.
The landing gear, flaps, cowl flaps (in other words, the configuration) as well as the de-
sired power setting must be set before commencing the data run. Trim should only be
adjusted between runs. The pilot should be briefed to make data runs so that the heading
is approximately 80° to the wind for the test altitude and he should attempt to conduct
each climb in approximately the same air mass. Enough different constant airspeeds
should be flown to define the shape of the rate of climb curve. Typical time to climb data
are shown in Fig. 3.8 (open circles). For each nominal altitude, a minimum and a maxi-
mum speed point (using the same configuration and power setting) should be flown first to
anchor the ends of the curve. A running plot of the observed time to climb through the alti-
tude band, as shown by the open circles in Fig. 3.8, often gives clues as to which of the
data points should be repeated to better define the maximum rate of climb speed.

O Measured rate of climb
| —A— Rate of climb corrected for weight

1

]

]
9

45 678
Test points

123
Fig. 3.8 Weight Correction of Sawtooth Climb Data

DommaschS suggests that no corrections are necessary for nonstandard weight or for
power changes due to nonstandard atmospheric conditions if sawtooth climb data are
used solely to determine the maximum rate of climb speed schedule. It is current practice
to correct for both these conditions3.5 and those due to wind gradients. Both these ref-
erences provide detailed discussion of the data reduction techniques, but for our intro-
ductory purposes we will describe only the simplest two of the possible ways to correct for
changes in gross weight. Ways to minimize the effects of wind shear will also be briefly
discussed.

The simplest way to correct sawtooth climb data for differences in gross weight during
a set of climbs is illustrated in Fig. 3.8. It amounts to prorating the change in rate of climb
over the time interval and requires that a second climb be repeated at a selected airspeed.
This repeated point should be flown near the end of the series to provide a comparison
with a point flown at a heavier weight earlier in the series. Points 3 and 9 in Fig. 3.8 illus-
trate this repetition. It is assumed that rate of climb varies linearly with time due to the
change in gross weight. The solid triangles in Fig. 3.8 illustrate how the measured times
to climb (or rates of climb) might change with this form of correction. Alternatively, if the
weight of the airplane is known for each data point, the rate of climb may be corrected by a
simple ratio of weights.
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Both of these approximations produce roughly the same results and both of them ignore
an induced drag correction term. However, they are easy to use and provide results that
are little different from more elaborate schemes.

Nonstandard temperature conditions may also require corrections to the power output
of the propulsion system. If so, the effects of atmospheric variations on engine perfor-
mance must be known in advance and outside air temperature measurements become
necessary. The Empire Test Pilots' School (ET PS) Handbook’ gives a detailed account
of British practice in making such corrections for reciprocating engine aircraft. Since these
types of corrections depend entirely on the engine data available and are totally unique to
each installation, we will discuss them no further.

Vs Ve,

Fig. 3.9 Effect of Vertical Wind Shear on Sensed Rate of Climb

Finally, sawtooth climb data may be affected by both changes in wind speed and di-
rection. Shifts in wind direction are usually of littie consequence since the altitude band
traversed is usually small and directional variations affect only the measured pressures.
They can usually be ignored. Vertical speed gradients cannot, however, be ignored. Re-
ferring to Fig. 3.9, at constant true airspeed the pitot-static system senses an increasing
wind speed as a deceleration. The effect in the rate of climb equation is the same as an
acceleration factor (eqn. 3.9).

o (W o (-ONe
dat \_/g,_de) dt ( !o_,,_AV,,)
W(1+g———dh W1-g———-Ah

where AV, =V, - Viy;

AV,
if the vertical wind gradient The‘ is positive, rate of climb increases and, if the vertical

wind gradient is negative, rate of climb decreases. But this knowledge is not easy to use.
Determining wind gradients is very difficult and since they constantly change, correcting
for them mathematically is impossible. The best way to handle wind effects on sawtooth
climb data is by flying data runs close to perpendicular to the wind direction. One other
possible technique is to repeat each data point (each V) on reciprocal headings. Unfor-
tunately, this approach also doubles test time required to complete determination of the
climb schedule. In short, it is difficult to comect sawtooth climb data for vertical wind
shears; shears problem should be avoided with good flight planning if possible.

Example 3.1: The following data were collected in fiight on & twin-engine STOL transport during a series
of sawtooth climb tests. The nominal (midpoint) test pressure altitude was 8,750 feet. Assume that the first
sixpointswereﬂwnatconstarnweigmandmatmIastsixpoirﬂswereﬁownatadiﬁererﬂ(lighter)con—
stant weight. BetweenﬂwMosetsofsaMooﬁ\pdm.ama)dmwnspeedoHZOKlASwasoMaimdatme
climb power setting used. Plot the two curves thus obtained and find the average curve between the two
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sets of faired data. Based on this average curve, what is the best rate of climb speed (KIAS) for this air-
plane at 8750 feet pressure altitude?

20
V; At(sec) Ah  Rate of Climb
(KIAS) (feet) (fiisec)
71 570 900 15.79 &16
79 550 900 16.36 '
88 595 900 15.13 o
9% 655 900 13.74 512
109 1390 900 6.47 s
106 1000 900 9.00 § 8
95 630 900 1423
85 510 900 17.65 g g i
76 485 900 18.56 4 AP TS T IR I S BOPE PN
70 520 900  17.31 0 indieted Airspsed —tots TC

The plot on the right above shows the resulting sawtooth curves with the peak rate of climb occurring at
approximately 77 KIAS. Thus, these sawtooth tests suggest that, for maximum rate of climb, an indicated
airspeed of 77 KIAS should be maintained as the airplane passes through 8,750 feet.

3.2.1.2 Level Acceleration Method. Equation 3.6 shows that by maintaining a con-
stant altitude and recording the change in true airspeed with time one can measure indi-
rectly the excess power available from any airframe-powerplant combination. Further-
more, this measurement is easy enough to make even in high performance airplanes with
a suitable means of recording airspeed variation with time. Motion picture film, video,
magnetic tape, or telemetered signals can provide such time histories readily. Further-
more, acceleration data can also be used to define the maneuvering capability of the de-
sign, especially if the purchaser is interested in the energy maneuverability. Finally, the
acceleration performance itseff is sometimes used as a measure of merit in the contractual
specifications.

The level acceleration technique is a simple concept. The airplane is merely accel-
erated, with a fixed power setting and configuration, from near its minimum leve! flight
speed to its maximum level flight speed. The piloting task is simply to maintain constant
pressure altitude. Of course, there are complications. First, the pilot does not usually
have a pressure altitude indicator and altitude measurements must be corrected for pitot-
static errors. Since the pilot must keep these corrections as small as possible, knowledge
of static pressure error as a function of indicated airspeed is used to plan data runs. Be-
cause the altimeter has hysteresis error, reversals in altimeter readings should be avoided.
Therefore, an acceleration or deceleration run should be planned to hold a slight climb or
descent (100-200 fpm maximum), whichever minimizes the altitude error after the static
pressure error correction is applied. The flight test team must take care to obtain ground
block readings with the altimeter set at 29.92 (remember all test data taken at a pressure
altitude must be taken with this altimeter setting). Typically, the airplane is trimmed at
some midpoint speed for the range of speeds to be covered and the trim setting is not
changed. The pilot must exercise care in passing through this point to transition from back
pressure to forward pressure smoothly and not allow an altimeter reversal. If the airplane
is capable of a wide speed range, it is possible to piece together several different ac-
celeration runs. If such a procedure is used, the test team may have to account for small
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changes in drag due changes in trim. A particularly sensitive part of the acceleration run
occurs at speeds near Mach 1 when the pitot-static system is affected by shock waves.
Ordinarily it is best to simply maintain the same rate of change of attitude (by using either
visual references or guidance system commands derived from the airplane's inertial refer-
ence system) until the pitot-static system setties down in supersonic flight.

hi_.__heg

Maximum rate of climb
]

ez -<_ 1 \ Maximum rate of change

Fig. 3.10 Uses of Pg Contours

Level acceleration data can be used to optimize climb schedules in any one of the
several ways suggested at the beginning of this section (Fig. 3.10 lllustrates). For the
purposes of these introductory notes, we will only discuss the reduction of level ac-
celeration data for either the maximum rate of climb schedule or the minimum time to an
energy level. For either of these purposes, specific excess power Py is the preferred mea-
sure of merit. As Fig. 3.10 shows, the maximum rate of climb can be estimated from con-
stant altitude (horizontal) tangent lines to the various Pg contours and the maximum
change in energy level can be estimated from contours of constant total energy level (the
parabolic tangents in Fig. 3.10). Obviously, the two climb schedules are different, even for
a subsonic airplane as is depicted in the sketch. This abbreviated discussion merely hints
at the usefulness of specific excess power contour maps in terms of altitude and velocity
parameters.

With regard to standard day corrections, P data from level accelerations can be
treated as rates of climb. To be complete, the data reduction process should include cor-
rections for nonstandard temperature effect on the thrust output of the propulsion system,
both inertia and induced drag weight corrections, and wind gradient corrections. In most
cases not all of these corrections will be significant and the test team must choose the
ones to be made. In this section we will discuss the weight correction only, leaving the
nonstandard temperature correction discussion to the check climb section. The wind gra-
dient correction is identical that of the sawtooth climb technique. The only means of taking
such gradients into account is through careful flight planning and execution.
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In considering the weight correction for sawtooth climbs, no mathematically rigorous
analysis was used. Another approach is to express test day thrust as a function of the
other variables and then see how weight affects them. As a part of this analysis, it will be
convenient to refer all calculations to a standard weight for ease of comparison. The gen-
eral expression for Pg on a given test day is

2
T W

Rearranging to express test day thrust as:

Wi
7;11 =EPS( +Dy

The effects of weight on the acceleration due to thrust are given by differentiating with re-
spect to weight.

dTp, W dPs, . Ps, dD; _
aw, Voy dWy Vo,  dW; -

0
t

Typically, thrust is affected little by changes in weight at constant power setting (usually
military or maximum) as the airplane accelerates in level flight. Angle of attack also has
little effect on thrust available for acceleration, so

dPs, _ Ps; Ve, dD; _

AWy Ve, W dW

0 (3.18)

Defining the weight difference at any instant in the maneuver as AW = W4 - W; and
expressing all differentials in eqn. 3.18 as differences

ADYV,
APsz—(Ps&w+%) (3.19)

Equation 3.19 assumes that the only change in drag is because the weight is not the
nominal weight, which leads to changes in induced drag. This simplified differential cor-
rection method yields two primary correction terms, the first due to inertia of the vehicle
and the second due to induced drag changes between test weight and standard weight.
The induced drag term can be further expanded by writing D; as:

2

cos“ y
D; =Cy(nW , where Gy =

j =Gy b%eM?s =Yz
Then AD; becomes

cos?y (nW)2) [(nw)z) (200327J 2 02 O 2.2
wi:q(bzeMzJ[[ 5 std_ 5 t= kpob’eM? (HSMWSM@—”’W“)

where k is the ratio of specific heats (typically, 1.4) and v is the flight path angle.
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The P correction for nonstandard weights then follows:
AW ( 2cos?y ( 22 _ n2 a2, Ot )th
AP, =-F, m +(kpwb23M2) nfW; - nggWstd b/ Wi (3.20)
Since ngg = ny = 1 and cos Y = 1 for the level accelerations, egn. 3.20 can be written as
AW 2, )( 2 w2 Bt )
AP, =P, + ! WP -Wao—— 3.21
S =TS W (kpwbi’eM?W, £ st 321

With regard to standard day corrections, Ps data from level accelerations can be
treated as rates of climb. To be complete, the data reduction process should include cor-
rections for nonstandard temperature effect on the thrust output of the propulsion system,
both inertia and induced drag weight corrections, and wind gradient corrections. Usually,
not all these comections will be significant and the test team must choose the ones to be
made. In this section we will discuss the weight correction only, leaving the nonstandard
temperature correction to the check climb section. The wind gradient correction is identi-
cal as discussed under the sawtooth climb technique and the only satisfactory means of
taking such gradients into account is careful flight planning and execution. Typical level
acceleration data reductions include the following:

1. Correct the indicated gage readings for instrument corrections for each indi-
vidual gage and each data point to be reduced; that is, for every V;, h;, and
T... calculate the corresponding Vic, hic. and T, Then, apply the appropri-

()

ate position error corrections to obtain calibrated values of each parameter.

Time
Fig. 3.11 Determining Ps Graphically
2. Calculate the test day true airspeed from calibrated airspeeds for each data

point. Plot these points versus time as shown in Fig. 3.11 or arrange them
in a time history array for step 5 in this process.

3. Calculate test day Pg from Pg = hg =h +Yi‘9§\-/94 and plot these points on the

same graph with the true airspeed time history as suggested in Fig. 3.11.
Alternatively, arrange the h, points in a time history array similar to the true
airspeed array so that energy height can be numerically differentiated.
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4. Estimate Pg for test day conditions by numerically differentiating the energy
height time history to obtain an approximate rate of change of hg for each
instant of time and the corresponding true airspeed. Again, this process is
easiest to visualize as a graphical process, though the actual work can be
carried out by manipulating the appropriate data arrays in a computer rela-
tively easily.

5. Correct Pg, to standard day and standard weight conditions as suggested
previously for rate of climb data.

Fig. 3.12 Specific Excess Power versus Airspeed

6. Plot Pg versus V,, (or M,,) for several altitudes. Notice that the resulting
curves, as sketched in Fig. 3.12, are very similar in appearance to sawtooth
climb curves for low performance airplanes. However, the shape of Pg
curves for supersonic airplanes is quite different.

7. Crossplot Pg as a function of pressure altitude and velocity by taking lines of
constant Py across the constant altitude curves of Fig. 3.12. The resulting
crossplot of constant Pg curves as a function of altitude and true airspeed,
sketched previously in Fig. 3.5, is perhaps the most common way to depict
level acceleration data. Recall that this format allows the determination of
both the maximum rate of climb schedule and the minimum time to energy
height climb schedule.

This procedure is by no means the only way to get Pg contours from level acceleration
data, for example, you may choose to plot both test day true altitude and test day true air-
speed versus time and numerically differentiate both quantities. Using these estimates for

dh V,
rr and ng” in eqn. 3.11 gives P, for the test day also. Whichever of the measured

quantities is numerically differentiated, the test engineer should be careful to smooth the
data and remove fluctuations with a half-cycle less than 20 to 30 seconds. Potential to ki-
netic energy exchanges simply do not occur more rapidly than this rate and higher fre-
quency disturbances are usually noise in the data.

Level accelerations retumn a considerable amount of useful data in a relatively short
amount of test time. It is a very efficient flight test technique. Optimized climb schedules
for both subsonic and supersonic airplanes can be extracted using this approach. The ac-
celeration characteristics of a given airframe-powerplant combination are direct mea-
surements. Finally, the maneuvering capability of the machine can be derived from level
accelerations conducted at different load factors. This introductory text will not go into this
latter technique; interested students may refer to references 1,3, and 5 for details of this
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extension of the level acceleration method. Data collected from level accelerations in high
performance airplanes are usually more consistent and repeatable than data collected with
the sawtooth climbs, both because of the use of the acceleration term and because verti-
cal wind shear has little effect on level flight data. However, data handling is slightly more
complex than it is for sawtooth climbs. Data must be recorded automatically and synchro-
nized with time; so slightly more sophisticated instrumentation is required. Data reduction
itself is rather more tedious and begs for automated processing. Neither of these objec-
tions is particularly troublesome with modern instrumentation and computer capabilities.

Example 3.2 Level acceleration data for a fictitious small jet trainer are tabulated below. These data
were collected at a pressure altitude of 20,000 feet and they have been partially reduced (that is, stan-
darddaytrueairspeedandpressurealﬁt:dehavealreadybeeneelwlatedfrommeteamasure-
ments). Calculate and piot the P, curve for this airplane at 20,000 feet. Based on this curve, what is the
true airspeed for best rate of climb?

First, we estimate h and V from -i—'t'gﬁand %zv. For example, the first two lines in the table

gve: 0199707 = 199700 _ 550y onqy 808 - 8810 5500

0.2 0.2
= S X - v 5 Then, eqn. 3.11 gives:
me
Altitude * poV a5, (86.1+86.8)(3.5)
(sec) (fps)  (fest)  (fps) (fps?)  (ps)  Rash* V=354 =0 o mt05)
040 86.8 19970.7 3.50 3.50 12.904 Py =12.9041ps

080 882 199730 7.00 350 16.557
120 901 199780 2000 250 .
160 915 199850 1500 4.50
200 933 19991.0 1500 4.50
240 956 199960 1000 6.50
280 982 200000 1000 650
320 1009 200037 1350 5.50
360 1039 200070 10.00 7.00
400 1076 200096 450 10.00
440 1116 200117 550 10.50 :
480 1156 200149 450 11.00 43646 080 : o0 ; 150 ; 1;0
520 1204 200167 3.00 1250 49.291 True Ai i~ teet/second

560 1264 200129 -1500 1600 47.062
600 1325 200071 -1300 1450 46061 We could have found the slopes of the

640 1376 200028 -11.00 1250 41.974 curves with elaborate numerical schemes,
680 1421 199980 -10.00 10.00 33.855 but this straight-line average is adequate with
720 1447 199970 500 450 25.175 closely spaced data points. The piot above,
760 1461 199991 050 450  20.871 with a spline fit, shows an approximate maxi-
800 1474 199992 -2.00 3.50 13.997 _ mum maximum climb airspeed of 123 fps.

3.2.2 Performance Climbs

Once a climb schedule for a given purpose is determined, it must be validated by ac-
tually flying the schedule and measuring performance. Time to climb, climb angle, fuel
used during the climb, and distance traveled during the climb are measured along the op-
timized path to prove that contractual specifications or certification requirements have
been met by the design. These easily measured quantities are not all that the test team
must evaluate in performance climbs, however. Operational factors, even though they
may be qualitative rather than quantitative, are also important. Pilot visibility and general
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handling qualities fall in this category. Subsystems operation may also be affected by the
climb schedule. Engine cooling, critical altitudes for supercharging, and other powerplant
characteristics are typical of the subsystem operational characteristics that must be ex-
amined during the performance climb. All in all, performance climbs are the validity check
of not just the climb speed schedule established by the fiight test team, but a verification
that the entire vehicle and all its subsystems perform as expected in a climb.

Project Name
Pilot FTE
Runway Temperature Pressure Altitude Wind
TAXI AND TAKEOFF Fue! Allowance _
Data Point Time Fuel Reading Counter Number | Remarks
Engine Start
Brake Release
Start Climb Profile
CHECK CLiMB
h; Vi Time Event Number Remarks
2000 175
4000 175
6000 175

Fig. 3.13 Example Performance Climb Data Card

3.2.2.1 Performance Climb Procedures. Figure 3.13 illustrates a typical data card
for a performance climb and emphasizes some of the data collection requirements. Gene-
rally, the piloting task during a performance climb demands considerable concentration on
the part of the pilot. Therefore, it is best to have an automatic data recording device
(video camera, photopanel, magnetic tape, or telemetry) if the airplane is occupied by only
the pilot. With a second crewmember and a relatively low performance configuration, data
can be hand recorded. Ordinarily, it is best to treat hand-recorded data as backup to be
used only in case of instrumentation failure.

One of the keys to a successful performance climb is the entry to the maneuver. The
desired power, configuration, and altitude (or rate of change of altitude) should be estab-
lished and stabilized before data collection starts. The climb schedule itself must be relig-
iously followed,; if, for example, indicated airspeed is used as the primary cue for the pilot,
it should be maintained as close to the desired as possible. A sensitive instrument (air-
speed or Mach meter) must be used to see these small changes in the controlling variable
quickly. (Even a +0.5 knot variation calls for control actions on the part of the pilot).

As with sawtooth climb tests and level accelerations, plan ahead to minimize the ef-
fects of wind gradients. Since a significant change in altitude is involved, you should fly
90° to the average wind.

Each airplane and each configuration will dictate different control techniques, but the
pilot must be positive and make smooth changes at all times. Where there are abrupt
changes in the profile, either due to mechanical constraints in the propulsion system, limits
on the airframe, or an unusual climb profile, the pilot must anticipate the required changes
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and the flight test engineer must expect to correct the data for variations from the opti-
mum. At high altitude and/or low airspeed (low dynamic pressure), deviations from the
profile must also be expected.

3.2.2.2 Performance Climb Data Reduction. The data reduction procedures for
sawtooth climbs and level accelerations are subsets of the corrections required for the

complete performance climb. To round out the discussion of climb corrections, it is con-
venient to restate the kinds of corrections that may be required. Three types of correc-
tions are usually of interest:

& Correction for nonstandard atmospheric conditions
€ Acceleration errors
¢ Weight corrections

Of these three classes of comrections, nonstandard weight corrections and induced drag
corrections have already been discussed. Therefore, only the first two types of corrections
need explanation to complete performance reduction methods for climb performance.

h 4 Standard day

A

I
T"’ -+ Hot day with
|\ Same lapse rate
|
|
X B |

es standard day

o] | Ahy  Pe

Fig. 3.14 Tapeline Altitude Correction for Rate of Climb

The correction for nonstandard atmospheric conditions takes into account the effects
that test day temperatures at the measured pressure (geopotential) altitudes have on alti-
tude measurements, airspeed measurements, and available thrust from the powerplant.
Figure 3.14 shows that as test day altitude increments (as measured by an altimeter set at
29.92 in. Hg.) are not the same as actual or tapeline aititude changes if temperature does
not follow the assumed standard temperature profile. This temperature deviation may be
due to either a nonstandard lapse rate or to a warmer (or cooler) surface temperature with
a standard rate of decay of temperature. The latter condition is sketched in Fig. 3.14 and
is the first correction normally made to rate of climb data. Indicated ambient pressure
change Ap, reflects a potential energy change of Ah;, not the actual potential energy
change Ah,. To correct for this shortcoming in the measurement system, the hydrostatic
equation (eqn. 2.5) can be written for each altitude increment.

Ahl -._épA and Aha =_A_p2

" Pstado
Then, dividing Ah; by Ahg
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Fy
ah ot Rl Togy

Ah, ~ petg  Pstd T
a pstd RTws‘d oo

Finally, this so-called tapeline altitude correction (good for small deviations only, of course)
can be expressed as the limit of the altitude increment divided by the corresponding time
increment. By convention this correction is labeled with the subscript 5 to indicate that it is
the tapeline altitude correction.

(1'1)2 _ I Teogy (3.22)

dt/),” ot T,

Example 3.3: During a check climb on a new jet trainer an indicated rate of climb of 1100 fpm waes re-
corded at 9000 feet pressure altitude. The outside air temperature was 32° F at that test altitude. Cal-
culate the tapeline altitude correction for this measured rate of climb under these conditions.

To make the correction, we must have absolute temperatures at the test altitude on the test day and on
a standard day.

T, =459.69 +32=491.69'Rand T, s = 466-61°R from standard atmosphere tables.

Then, eqgn. 3.22 gives:

(dh) _dh Tegy . 486.61 (dh
2

= - =1 =1008635 fom
dt T, 1100 29769 dt)2

dt

The next correction made is for changes in thrust output of the powerplant due to non-
standard temperature variation. Thrust horsepower available can be written as

THPA=T,V, and THPR=DV,

(Note: Net thrust is denoted by T, in the following development. Do not confuse this sym-
bol with any temperature. In the literature conflict is sometimes avoided by denoting thrust
with F,.) If 49 and 4 continue to denote standard day or test day conditions, respectively,
the ratios between standard day power and test day power are:

THPAy  TngVeosy Tneg |Te

THP,, TngVeoy Tne | Toog
THRRyy  DstdVeogsy Tosy

= = , Since My = Mgy implies that Dgy = D,
THR:, ~ DiVa, Ty t= Wsta TP std = =t

The square root of the temperature ratio is obviously an important correction parame-
ter for thrust output on a nonstandard day. The key to this simple relationship is that Mach
number for test day conditions is the same as for standard day conditions. Defining a new
corrected rate of climb as:
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dh) THPe o~ THFR
(dt 3 N w (3.23)
. Ty AT,
Let the increment of net thrust be: AT, =Ty, — T, or 7= 1+ T
ne ne

Substituting into eqn. 3.23:

dh) Tnes 1 |Togy AT, 1 | Ty
(dt 3—(T"¢ THPp, ~THRR, |77 Ty THPAt—THPRt+Tnf THPA [T

sod

If we make the tapeline altitude correction first and assume that it fully reflects test day
power available and power required,

THPs, - TH
(ih-) = ——’-‘—'———ERL , which directly substitutes into the correction above,
2

ot w

T. THP,AT,
(gﬁ) el ((i‘-'ﬁ) Pl ") (3.24)
dt)y "\ Toy Nty WT,

The climb correction expressed in eqn. 3.24 now includes both the tapeline altitude
correction and an allowance for the difference in engine thrust available and required on
the test day rather than on a standard day. Notice, however, that to make this differential
power correction we need to measure the difference between test day net thrust and stan-
dard day net thrust. It is very difficult to make such a measurement for most airplanes;
usually, we must rely on engine manufacturer's data rather than direct measurement.

h
Since this thrust differential is so hard to measure directly, (%t—) is often one of the most
3

controversial rate of climb corrections.

Example 3.4: For the climb of Example 3.3, 100% of rated rpm of its nonafterburning engine was used.
The catibrated test engine was instrumented with pressure taps and net thrust was calculated as 4627
Ibs while climbing at a true airspeed of 375 fps. The engine manufacturer has tested the engine and
shownmatonastandarddayatSOOOfoetMeengineshoulddevelopmIbsofthmst. The initial
weight of the airplane was 12780 Ibs and 2100 Ibs of fuel have been burned. Calculate the rate of climb
correction for variation in thrust horsepower due to nonstandard temperature for this test point.

Again, 7, and T, are needed. Using the values previously calculated, eqn. 3.24 gives:

ﬂ) ﬂl( (4800 - 4627)(4627)(375 fps)(GO)) Notics that units must be

(dl s Veo160 1088.635 fpm + (12780 - 2100)(4627) ' unite md

consistent between the two additive terms inside the ( ). (%!3 = 1445.6 fom
3

The third and last correction in this series of rate of climb corrections takes into ac-
count the effect of nonstandard temperature lapse rates on measured true airspeeds.
Figure 3.15 (following page) illustrates the rationale for this correction, remembering that,
even for constant indicated airspeeds, true airspeeds for each indicated pressure aftitude
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will be affected by nonstandard temperature. This apparent acceleration will occur
whether the climb is made at constant airspeed or at constant Mach number.

Standard Standard
h, day h i day |

Hot day with
V lower lapse rate
”i‘than standard day

ha “T_ ==Y Hot day with h2 ——T—
|
"\

'\ Same lapse rate

\as standard day
; -~
—=AT, s‘dl—‘— T —] l—-— AT, T
Fig. 3.15 Apparent Acceleration Correction
The apparent acceleration correction due to nonstandard temperature lapse rate can

be made using the acceleration factor introduced earlier. Applying eqn. 3.9 to obtain the
accelerated rate of climb for both standard day and test day conditions

(1’1) _ (n'sld—DStd)v‘”std and (ﬁ) _ (E'l'Df)th
dt) g w(1 7 dew) dt/, W(“E.,ide,)

g dhgyy dhy

After dividing to obtain the ratio between these two rates of climb, apply the binomial
theorem to each of the terms containing the acceleration factor and retain only first order
terms since only small changes (differential corrections) will be considered. The result is

dhstq /dt =(1_E°_s_¢g_A_V°°_sg_)(1+ﬁAv°°t) z(,_,_ﬁ_e_v"‘;t_\_/‘l"_s_@_ﬂ‘l&.,_;.{_o_r_J
dhy /ot 9 Ahgy g Ahg g Ay g Ahgy

If it is also assumed that V., = V.., and that Ahgy =~ Ahy
B~ (@)1 )
(dt sg \dt/, - gAh (Avwsw ‘Ath)

Reverting to serial numbering of the rate corrections

(2),(8) - o)

Note that in egn. 3.25 Ah and AV, are small increments in altitude and true airspeed
over which the measured climb rate is measured. These differences must be small for our
approximations to be valid; so climb rate must be measured over a small altitude change
and the corresponding airspeeds must also be small.




Chapter 3 Climb, Descent, and Tumn Performance Tests e

Example 3.8: Continuing our performance climb corrections as introduced in Examples 3.3 and 3.4, the
airplane'srateofclimbismeasuredbetwsenBSOOfeetandQSOOfeettoobtainmemeasuredrateof
climb. At each of these altitudes, the outside air temperature was 32.7°F and 31.3°F, respectively, and
a constant Mach number was maintained for this segment of the climb. For the same pressure altitude
band, calculate the apparent acceleration comrection to the rate of climb previously corrected with tape-
line aititude corrections and for power available due to nonstandard test day conditions.

First, calculate AV, for the Ah in question. The temperatures at each altitude are: T,," = 459.69 + 32.7
= 492.39°R and qu = 459.69 + 31.3 = 490.99°R. Also, the constant M,, (identical at both test and
standard day conditions) comes from standard day conditions:

375
Mo = TG 4Xi716 551 48687) 0.3468.
For the test day lapse rate, the AV between the two measurement altitudes is:

AV =M iR ([T, - [T, )=-5.3679 o

For a standard lapse rate: AV,,, =Moy1R ((Tow, - {Tem, )=-13.578 fos
Substituting into egn. 3.25,

dh

dh 375 dh) _
(IL = 14456 (1 - RZ 74081005 1000))(' 13.7578 + 5.3679) ( dt)4 =1587.0 fom

Example 3.5 clearly illustrates how a nonstandard test day temperature lapse rate af-
fects the correction of test day climb corrections to standard day conditions. The need for

rate of climb corrections is obvious from the size the cumulative correction, (Ztﬂ) .
4
3.2.2.3 Summary of Rate of Climb Corrections. Collecting all rate of climb correc-
tions (including those developed earlier), the complete correction is:
To AT,
(.qﬁ) = .__&[(ﬁ) +THP, ny
dt/ g oo dt/, t WT,
-V, AV T, AT,
+ (———L—m w) st (ﬂ) +THPy, —t
gAh Ty dt/, t W,
_y, VAV T ( (dh AT,
Yoy - VoAV | oy (__) ng 3
+(gM (AVooggy Avm,))( e ) 7 ( &), AT (3.26)

3.2.3 Yum Performance Flight Test Techniques

Tuming performance is usually determined in one of two ways: (1) directly from level
turning flight at constant power settings or (2) from level acceleration tests. The instru-
mentation required is typically quite minimal for the first kind of tests and the results are
presented in several different ways. Cockpit instruments are often used to simply set the
bank angle, the load factor, and the airspeed. Timing may be done with a stopwatch and
the results are adequate. Thrust-limited tuming performance can often be determined in
this way quite satisfactorily.
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3.2.3.1 Level, Unaccelerated Turn Technigue. The simplest approach to measur-
ing thrust-limited tuming performance is to simply fly turns at constant altitude, constant
power setting, and selected constant airspeeds. Typically, the powerplant is operating at a
power setting at or near military or maximum power (since we are discussing thrust-limited
tums). Obviously, in such a stabilized level tumn the bank angle and the load factor are
also constant. The instrumentation required is simply a stopwatch to time the total head-
ing change. Frequently, a stabilized tum of 360° is used for convenience in this timing,
though the tumn could be through any heading change desired. To avoid significant timing
errors due to human reaction times, it is usually best to tun for at least a minute, prefera-
bly two minutes. Tumns should be made in both directions to check for any secondary ef-
fects on the tum performance. Care must be exercised by the pilot to guarantee that alti-
tude and speed variations are kept small, usually less than 150 feet and +1 to 2 knots
throughout the maneuver. It is far more important to maintain a constant airspeed
throughout the timing period than it is to make the tum at exactly the aim airspeed. De-
pending on the resolution of the cockpit sensors available, the pilot may use either the at-
titude indicator (or some more precise bank angle indicator) or the accelerometer to
maintain constant load factor. At high load factors with the bank angle increasing beyond
60° for level flight, greater care must be exercised to stay within acceptable tolerances. If
the tum continues beyond 360° and the pilot has maintained the altitude precisely, he may
encounter the jet wash of the test airplane. Such an event can upset the stabilized tum,
but usually is nothing more than a nuisance. The reliability of cockpit heading indications
should be checked; if they are reliable in tums at all load factors, the heading indicator can
provide starting and stopping points that are useful. Hand recorded data are usually quite
adequate, but if other instrumentation (rate gyros, stable platforms, event markers, and the
like) is available, it should be used and backed up with hand-recorded data. As with all
tests, care must be taken to observe all aircraft structural and aerodynamic limits. At
speeds near the predicted maneuvering speed (comer velocity) the pilot is responsible for
insuring that the maximum allowable load factor is not exceeded. Another caution in this
part of the performance envelope: remember to relax the load factor before rolling out of
the maneuver, typically, the load factor limit in a rolling maneuver is considerably lower
than in a pure pitching maneuver with zero roll rate.

3.2.3.2 Level Acceleration Technigue. This technique for leve!l acceleration data is
identical to that described in section 3.2.1.2. The only change is in how the data are used
to describe the performance of the airplane. It is important to carry the level acceleration
out to maximum airspeed so that the point for zero excess thrust is established. The
usefulness of the data to characterize tumning performance depends on the thrust limita-
tions. Said another way, P (again as discussed in section 3.2.1.2) is just as useful as a
measure of merit for thrust-limited tuming performance as it is for climb performance. Fig-
ure 3.16 (next page) iilustrates one of the plots commonly produced from level accelera-
tion data to depict the tum performance capability of a fighter aircraft. These plots, some-
times called "doghouse” plots because of their characteristic shape, often include both the
turn performance measures like rate and radius of turn and Pg contours.
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TURN PERFORMANCE
A MEASURES OF MERIT

Turn Radius

Tum Rate

Mach Number
Fig. 3.16 Tuming Performance Measures of Merit

By overlaying the P contours, whether the tum rates and radii are for sustained or in-
stantaneous turns can be determined. If the tumn rate and Mach number are such that Ps
is negative, the indicated tuming performance is an instantaneous turning capability. The
aerodynamic and structural limits also are clearly indicated in the "doghouse" piot.

3.3 SUMMARY

This chapter has introduced the most common flight test methods used to optimize
climb schedules, to validate climb schedules, and to measure tum performance. The
methods are straightforward, though somewhat time-consuming, with the level accelera-
tion technique hoiding a definite advantage over sawtooth climbs and level, unaccelerated
turns in efficiency of data collection. Like most flight tests, climb tests are relatively easy
to describe in theory, but they demand careful attention to detail in data reduction to
achieve the accuracies needed for certification or specification compliance purposes.
Tum performance flight tests are related to climb and descent performance largely be-
cause they are usually limited by available excess thrust. This fact allows test data to be
collected in level accelerations for use in characterizing both optimized climb paths and
instantaneous and sustained tumning performance. Stabilized level tums with little or no
instrumentation other than what is available in the cockpit also provide considerable in-
sight into the capability of the airplane and certainly provide opportunity for a simple intro-
duction to the measurement of this important aspect of aircraft performance.
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Chapter 4
CRUISE PERFORMANCE TESTS

The cruise performance of any vehicle is one of the most important matters to be de-
termined by flight test. Estimates of cruise performance are made from the very beginning
of the conceptual design. Range and endurance under specified mission profiles are con-
tractual requirements that must be validated for any aerospace vehicle. Hence, the topic
is one of prime concern to the flight test team.

The elemental aerodynamic variable in determining cruise performance is the drag
produced by the airframe-engine combination for the particular configuration or configu-
rations and the specified mission profile. Unfortunately, there is no direct way to measure
drag in flight. Test engineers therefore usually rely on approximate mathematical models
for drag to start cruise performance analyses. Figure 4.1 is a block diagram representing
types of drag and suggesting possible ways to simplify the mathematical model.

TOTAL DRAG
]
1 | |
PARASITE DRAG INDUCED DRAG WAVE DRAG
i
I I
INTERFERENCE DRAG| | PROFILE DRAG

|
[ |

SKIN FRICTION DRAG| | PRESSURE DRAG
Fig. 4.1 Types of Drag

One of the simplest mathematical models for low speed airplanes is the subsonic drag
polar given in eqn. 4.1.

2

C
CD=CDP +1t6£R 4.1)

where Cp is the total drag coefficient and CD,, is the effective parasite drag coefficient

Equation 4.1 is valid only for airplanes in which compressibility drag rise is not a factor; in
this book the parabolic drag polar is assumed to be a good approximation for airplanes
powered by reciprocating engines.

4.1 THEORETICAL FOUNDATIONS

Cruise performance is determined by both the available thrust (or power) from the
powerplant and the thrust (or power) required by the airframe. Thus, it is necessary to
correct the outputs from different propuision systems to standard day conditions, much like
the corrections required in climb performance data reduction. However, because of the
fundamental differences between propeller-driven and jet-propelled airpianes, it will be
convenient to discuss the performance reductions under separate sections. Different
performance reduction methods are used for the two types of powerplants. Propeller-
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driven aircraft will be considered first since they tend to be lower performers and the data
reduction procedures are simpler (though perhaps more tedious). Typically, propeller-
driven airplanes are analyzed using an analytical performance reduction method that
draws upon the extensive data bank supplied by reciprocating engine manufacturers. Tur-
boprop-powered aircraft usually are also analyzed with an analytical method, although a
mixture of the analytical approach with differential techniques from the experimental per-
formance method is often necessary to account for missing information on the powerplant.
Turbojet and turbofan powered airplanes typically are analyzed with an experimental per-
formance reduction method.

4.1.1 Propeller-Driven Aircraft

The analytical performance reduction method by which propeller-driven aircraft per-
formance is usually analyzed relies heavily upon data collected by the engine manufactur-
Vo i
550 ' '
V_ in fps and D in pounds. With the usual definitions of dynamic pressure q, aspect ratio
AR, Oswald's efficiency factor e, and assuming a parabolic drag polar with L = W:

er, usually brake horsepower data taken at sea level. For any airplane, THFP, =

Poovnf CDP SVe + p oovef Cl? SV - pwvz CDP S w?

THP, = +
r 1100 1100reAR 1100 275p,SV,,neAR

inflight measurement of thrust, especially from a reciprocating engine-propeller com-
bination, is both uncertain and requires expensive instrumentation. Consequently, it is
common practice to fall back on measured brake horsepower data from the engine
manufacturer. But the propeller efficiency must be included in the horsepower relation-
ship.

NpBHP, = THP,

v3cp, S 2
So, BHP = p0;1305: * 275prV\rw1teARnp
Setting A= Co,S and B=—' —— , and multiplying by V.
11007, 275meb?n, >
BW?

BHPV,, = p, AV + 4.2)

[ o

This relationship, with weight and density identified as dependent variables, clearly
shows the dependence of power required upon airplane weight and altitude, the two vari-
ables that must be standardized if performance data are to be comparable between diffe-
rent tests. However, the power requirements can be further generalized to allow all test
data for a given configuration to fall on a single power required curve. In other words, this
further generalization of the power equation will allow direct comparison of test data and
easy interpolation of the generalized curve to points within the envelope where test data
were not collected to verify the mathematical model. Such an approach allows minimum
flight test data collection to validate the mathematical model. Choose a standard weight
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Wy for the configuration and use po to define a generalized velocity parameter V/W and
a generalized power parameter P/W.

3 A2
W DVIW 1 [2W3,Ch
VIW = and PIW = = 4.3
poCLS 550 550 POCES (4.3)
WstsCp

since L = W = %pmv};scL and D=—%
L

At a given altitude and C: V, = ’__ZLV__ and THP, = —1— awic3
A O " 850Y pocf

If each term in eqns. 4.3 is multiplied by "one" in the appropriate form,

!2Wsw

poCLS oW,

ViW =V, ‘; ML/ Yoyt (4.4)
meCLS

MW5Ch
550 c?s 3
pw = TH: PO-LY . THP, G{Wvgvti) (4.5)
550 2w3c2
pC2S
. . ;3 Bw?
Using eqn. 4.2, THP, can be written as THP, =np pooAV, +
pOGVm

W, 3
Multiplying both sides by c(—w}"l) :

3 2 3
- _"‘Lstc_i) - 3, BW (_"Yﬂ)
PIW =THP, o( W 11,_,[p¢-;<sAVuo + ooV oW

Since pg and Wy are constants and np is approximately constant, we readily obtain

PIWVIW= A,VIW4 + B4 (4.6)
where A PoCn,S and By Wete
1="1100 " 275pgneb?

A generalized power curve (Fig. 4.2) is a reasonable approximation for a parabolic
drag curve and constant propeller efficiency except at either the high or the low speed
ends. At low speed (high o) nonlinearities due to separated flow appear. At low C;, com-
pressibility effects are important and the curve often splits into multiple branches. So, egn.
4.6 is a simplified, but useful, mathematical model of the cruise performance for a low
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speed, propeller-driven aircraft. The slope and intercept of this generalized curve readily
give estimates of Oswald's efficiency factor and of the minimum drag coefficient.

w2
o= —i"—; 4.7
275B4pomh
1100A,
and Cp, = 505 (4.8)
-
T
STALL
—
rd
2
__(_{ ________________ B, = I/Vstd
1= 275p,meb?

viw4
Fig. 4.2 Generalized Power Curve

Table 4.1 Cruise Data for a Propeller-Driven Airplane

TAS TAS BHP, THP, Wy viw PiW viw4 PIWVIW)
(its) (fps) {Ibs) {fps) (x109)
55 92.828 512 424960 5512 8064 33486 0.0423 2700257
60 101.267 442 366.860 5430 8863 20565 0.0617 26203.83
65 109.706 383 317.890 5376 96.50 260.06 0.0867 25094.84
70 118.144 343 284690 5322 10445 23645 01190 24696.38
75 126.583 318 263.940 5288 11227 22134 0.1588  24848.28
80 135.022 286 237380 5236 120.34 202.04 0.2097 24313.51
90 151.900 248 205840 5198 135.88 177.12 03408  24066.47
100 168.778 225 186.750 5165 . 15146 16223 0.5262 24571.56
110 185.656 221 183430 5111 16748 16188 0.7868 2711215
120 202.533 225 186.750 5079 183.28 166.37 1.1285 30492.86
130 219.411 235 195.050 5021 199.70 176.78 1.5904  35303.81
140 236.289 252 209.160 4948 21664 193.78 22028 41981.70
160 270.044 302 250.660 4875 24944 23747 38712 59233.66
180 303.800 375 311.250 4805 28265 30134 63829 85174.16
200 337.556 458 380.140 4722  316.81 377.78 10.0740 119683.50

Exampile 4.1: Table 4.1 shows data for a general aviation airplane with a propeller efficiency of 0.83. Data
were collected at 6000 feet pressure altitude with an outside air temperature of 40°F. The airplane’s "stan-
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dard” weight is 5000 Ibs. Wing area is 175 2 and aspect ratio is 5.5. Calculate CD, and e by plotting a
generalized power required curve and measuring the slope and the intercept of that curve.
First, density is calculated from p = _R",—T with T = 40 + 459.69 = 499.69°R,; that is,

1696 0.0019773

P = [7716.65)(499.69) - 0.0019773 slugs/3. Then, ;=4 0023769 = 0-83788. With V, = 55 knots =

5000 3
92.828 fps, VIW =98828 (083188)(5000) 80.638 fps. Also, PIW =THP, c(ﬂﬁ) =
\l 5512 w;
o(w,,d)‘* 5000Y’ Finall the
HP, =1 or =(0.83)(512),]0.83 K1 =335 hp. Finally, carrying out mul-
npBHP, W, PIW =(0.83)(512) 18&(5512) P ng

tiplications for (PIW)(VIW) and VIw4 gives the last two columns in Table 4.1. The plot below shows the re-
sulting generalized power curve. A linear curve was fitted to the last 8 data points in Table 4.1. The resuit-
ing straight line had a siope of 0.0000100502 and a PIW-VIW intercept of 19573.9. Utilizing eqns. 4.7 and
4.8, we estimate the required parameters:

0= 5000? o= 0646
(275)(962.5)(0.0023769)(19573.9)
. _ (0.0000100502)(1100) Co =o.ozss|
» = (0.0023769)(175) p
30000 ------------------------------------------------------------------------
60000 O
2 A o]
§4oooo- ------- RTINS - o0 ST S ORI SO N
a 2 s
20000 r<* ...........................
0...
0 2(109) 4(109) 6(109) 8(109)
viw#

4.1.1.1 Propeller Efficiency. Propeller efficiency is not easily measured in flight, al-
though Bull and Bridges! have used specially designed instruments and a maximum like-
lihood mathematical modeling technique to measure it. Their approach shows consider-
able promise, but the method is not yet widely used. More commonly, propeiler efficiency
is estimated by either an analytical technique? or a semi-empirical method3. Each of these
methods is relatively simple, provided the appropriate inputs are known. To use them,
one must know altitude, true airspeed, brake or shaft horsepower, and number of propeller
blades, all readily obtainable configuration constants. In addition, variables like advance
ratio, activity factor, solidity ratio, and integrated design lift coefficient that are peculiar to
propeller performance must be derived. Advance ratio J is defined as the forward speed
of the propeller divided by the rotational speed:
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J= l’% , where n is propeller rotational rate in revolutions/second

Activity factor AF is a measure of the power absorbed by the propeller and is defined as

10
_100000 7 ¢ 3 4.9
AF = 16 IDx dx (4.9)
Xp
where x=%, D= 2R, and c=c(x) (Fig. 4.3

The non-dimensional hub radius, usually taken to be about 0.15, is x;,. The solidity ratio
SR is simply the ratio of total blade area to the disk area swept by the rotating blades.

SR=SR= % where B is the total number of blades.

Fig. 4.3 Geometric Variables for a Propelier

The integrated design lift coefficient is defined as

10
Cy, =4 [oe x3dx (4.10)
Xn
where ¢, , is the individual blade section design lift coefficient and is a function of x.

Optimizing the propelier for cruise performance generally means that C, will be small
(on the order of 0.35), while optimizing the propeller for high thrust at lower forward
speeds (climb speeds, for example) will result in an integrated design lift coefficient of
about 0.60.

it is convenient (for the same reasons that we use nondimensional coefficients like C,
Cp. and Cp,) for engineers to describe propeller performance using nondimensional coeffi-
cients. Three terms typically characterize an aircraft powerplant's output: power, thrust,
and torque. The three important propulsive coefficients include:

¢ Power coefficient Cp= 5508—’;,:3-
PoN"D
¢ Thiust coefficient Cr =—T£2,—4-
PuN“D
. Q
¢ Torque coefficient Co=—5
q Q= 2D*




Chapter 4 Cruise Performance Tests 74

Having indicated how propelier efficiency can be estimated, consider next how we es-
timate the power available from the engine.

4.1.1.2 Power Available. Earlier, it was pointed out that for propeller-driven aircraft it
is common to use engine manufacturer's data to estimate the power output available from
the engine. Certainly this approach is a widely accepted practice for reciprocating en-
gines. However, it is possible to directly measure the output power to the propeller shaft.
A torque meter can be installed on many engines for this purpose. Production torque
meters, which generally do not provide the accuracies needed for flight test, are routinely
installed on airplanes powered by turboprop powerplants. To find BHP, you only need the
torque meter reading, the rotational rate of the propelier shaft, and a calibration constant
for the torque meter (usually found during ground tests using a dynamometer).

2pnQ
550

Flight test quality torque meters are hard to install, require frequent calibration, and
are expensive. Smaller engines cannot accommodate commercially available torque me-
ters and many project budgets cannot afford their cost. So, engine characteristic curves,
obtained from ground test stands, provide estimates of available engine power.
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Fig. 4.4 Engine Power Chart for Normally Aspirated Engines

Since the manufacturer's data sheets (similar to Figs. 4.4 and 4.5) are usually based
on ground tests, the flight test analyst must estimate engine output data for a given test
condition from charts like those shown. Remember that measurements are usually taken
at or near sea level for such charts. The altitude estimates are usually calculated by the
powerplant engineers. For reciprocating engines these data are usually quite accurate
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and their ready availability makes them attractive for use. Also, they are usually based on
standard day conditions; corrections must be made for nonstandard conditions. The flight
test engineer must carefully study the engine data sheets for his powerplant to be sure
that all nonstandard conditions have been considered. Once again, a few terms must be

defined to make this process easier.
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Fig. 4.6 Critical Altitudes for Reciprocating Engines

For a reciprocating engine the critical altitude is the altitude at which the throttle must
be fully opened to develop rated power at rated RPM (Fig. 4.6). The British give this alti-
tude a more descriptive name, full-throttle height, because critical altitude is the altitude
at which the throttie must be fully open to produce the specified horsepower. Critical alt-
itude is the altitude at which the power begins to decrease regardiess of the position of the
throttle. Whenever an engine reaches a structural limit because of cylinder pressures or if
the manufacturer seeks longer life, or for any other practical operational reason, rated
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power may be produced at part throttie up to the critical altitude. Such "de-rating” is, in
fact, more common than having not having any operating limits. Figure 4.6 illustrates this
idea for the case when the power output of the engine is limited by the pressure aliowed in
the cylinders. Turbosuperchargers are the most common form of supercharging in modemn
reciprocating engines and engine limits may be set by BMEP, BHP, turbine RPM, or tur-
bine temperatures. Of course, multi-stage supercharging resuits in more than one critical
altitude (again, see Fig. 4.6).

A reciprocating engine that takes in ambient air and does not compress it prior to the
combustion process is normally aspirated. If a geared compressor is attached to the
crankshaft accessory drive, the pressure of the air used in the combustion process may be
raised to produce more power. Such engines are called ground-boosted engines. Both
normally aspirated and ground-boosted engines may have sea level as a critical altitude.

Fuel-air mixture setting also strongly affects available brake horsepower. Figure 47
illustrates how deviation from the desired fuel-air ratio affects reciprocating engine per-
formance. Obviously, the mixture must be set carefuily during cruise performance tests.

Backfiring, 1 1Backfiring,
Roughness, | | Stoppage
Overheating; ;
) ]
LEAN MIXTURE SETTINGS okt

Fig. 4.7 Effect of Mixture Setting

4.1.1.3 Corrections to BHP Available. For part throttie operation with no mechani-
cal limitations, corrections to power available (primarily those dealing with temperature)
from a reciprocating engine are usually given on engine charts (Fig. 4.8).

To estimate actual test day horsepower from manifold pressure, engine rpm, altitude,
and inlet temperature on such typical charts, the following procedure is recommended.
The outlined procedure helps explain how and why flight tests are necessary to verify in-
stalled engine characteristics from manufacturer's data. Keep in mind that these charts
are usually based on test data taken near sea level; altitude performance is calculated
from that information. A typical estimate of test day power available is obtained by:

1. Locate point A on the full throttle altitude curve for a given dry manifold
pressure-full throttle rpm curve.

2. Find the corresponding point B on the sea level performance curve for the
manifold pressure and rpm used in step 1.

3. Project the horsepower for point B to the ordinate on the altitude perform-
ance scale (point C) and connect points A and C with a straight line.
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4. At the test day pressure altitude and standard day temperature (nomogram
at the bottom of the altitude performance chart in Fig. 4.8) project upward to
the straight line found in step 3 to locate point D.

5. Modify the horsepower at point D using the following expression to estimate
actual (nonstandard) power output available under test conditions.
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Fig. 4.8 Engine Operating Charts

Full throttle operations often involve other limits or constraints that require corrections
including:

¢ Nonstandard intake temperature (carburetor or supercharger inlet)
¢ Nonstandard exhaust back pressure

4 Nonstandard BHP

€ Nonstandard turbine RPM

For a given engine and installation, consult the manufacturer's data base for such lim-
its that apply to the specific configuration under test. Any limit that may differ because test
atmospheric conditions are not standard day conditions is a subject for careful study.

Having introduced the performance reduction methods most commonly used for pro-
peller-driven aircraft, attention must now be given to jet-powered airplanes for which ex-
perimental methods are more appropriate.
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4.1.2 Jet-Powered Aircraft

Experimental performance reduction methods are quite commonly applied to jet-
powered sircraft because their lift-drag relationship is complicated by their-dependence on
Mach number. Wave drag, shown in dashed fines in Fig. 4.1, must be included for these
higher performing airplanes. The simple parabolic drag pofar is usuaity not an adequate
model, except for a few specific flight conditions. Performance measurements for jet air-
planes, therefore, are somewhat more complicated by the number of variables that must
be considered. Dimensional analysis, based on Buckingham's Pi theorem, is frequently
used to reduce the number of parameters that must be covered in the test program. Even
30, performance analysis is usually specialized to take into account instrumentation avail-
able, time and money available, and/or accuracy demanded by the tests to be conducted.
The latter consideration teads to different sets of nondimensionat variables for different
purposes. The objective of this introductory text is to introduce the fundamentals with a
typicat set of variables used for cruise performance and give the student a foundation for
when he is called upon to apply the principles to a particular problem.

4.1.2.1 Buckingham's Pi Theorem. Buckingham's Pi Theorem can be stated as:

If a physical problem is characterized by n variables having p fundamental units,
then the functionat relationship between the variables can be expressed in n - p
dimensionless numbers.

For the typical flight mechanics problem (like the turbojet performance problem), the
fundamentat units are mass, length, and time, abbreviated m, L, and {. Then, assuming
that there only n variable that significantly affect performance, Buckingham's Pi Theorem
asserts that the total number of parameters that must be measured to characterize the
performance is reduced from n to n - 3, if one measures performance in appropriate di-
mensionless variables rather than the n physical variables. For flight test purposes, this
reduction in the total number of variables is extremely important to make the testing more
cost-efficient and less time-consuming. The steps in this process include:

¢ Select p variables from the physical variables. These variables should in-
clude all the fundamental units so the following algebra can be completed.

¢ Form n - p dimensionless equations by combining each of the variables from
step 1 in turn with each of the others.

This procedure will be illustrated with an example in the next paragraph. But, it must be
emphasized that the process is totally dependent on the original assumptions made; that
is, if one or more of the significant physicat variables is omitted from the set p in step 1, its
effect will be left out of the answers.

Consider now the output of a jet engine. The important measurements might be taken
as net thrust T,,, weight flow rate of air w,, weight flow rate of fuel wy, and characteristic
temperatures 1}. (1} might be turbine inlet temperature, exhaust gas temperature, or a
host of other temperatures depending on the specific engine under consideration.) These
measurements may be functions of true airspeed V., ambient temperature T, ambient
static pressure p_, a physical dimension of the engine like the diameter of the compressor
rotor D, a characteristic rpm N of the rotating parts like the compressor rotor, air viscosity
u, and various engine component efficiencies like inlet efficiency n;, compressor efficiency
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ne. bumer efficiency n, turbine efficiency ny, and nozzle efficiency n,. The list of vari-
ables might be simplified by assuming that each of the component efficiencies is also a
function of V,,, T_. p,.. N, and D. Further, viscosity can be eliminated as an independent
variable if it can be described adequately as a function of p, and T,. Notice that this as-
sumption is tantamount to saying that Reynolds number effects are not important. I Rey-
noids number effects do significantly affect the engine performance, the model will not ac-
count for them.

Example 4.2: Applying Buckingham's Pi Theorem to the functional relationships described above, that is,
Tn = To{Vis Teos Py N, D). Select the variables T,, N, and D and operate on the dimensions of V.,, T
and p,, to group T, N, and D as dimensioniess constants Rg, R N3

First, we seiect x, = 7,2NDDCY._and apply Buckingham's Theorem:

ewe-(2] (Y

Solving for equal exponents an hoth sides of this equation

L: 0 = aga+c+1 a = 0
m: e = a b = -1
t 0 = -28-b-1 c = 1
Therefore, ny Yo (4.11)

ND

Similarly, the other two nondimensional groupings can be found by solving the dimensional equations
for 7, N. and D with temperature first and then with pressure. Consider next, x, = T,8NbDT, , which
gives:

eI

L: 0 = a+c+2 a =0
m: 0 = a b = -2
- 0 = -23-bH-2 = .2
t a-b c (4.12)
SO, 1t2= Tm
(voy
mL\ (12X m
Finally, 3 = TANPDCp , which gives (0m0¢0 =| M- | (_) (_) m
12 ) \t) \1) (12
L 0 = a+c-1 a = -1
m 0 = ag+1 b =0
t 0 = -2a-b-2 c = 2
2.
So, n3="°;_D . (4.13)
n

Continuing to specialize the exampie to jet engine performance, any of the functional relationships
‘suggested by-eqne. 4.11, 4.12, or 4.13 can be written in reciprocal form. For example,

ol

13.= ff.(_nj,-. 7‘2.) |mp“es 3= Mz—: (Vﬁ TQ
Tn nD ) (NDF
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Noting that ND has units of length over time, and that ,/T,, is proportional to sonic velocity and has the
same units, the nondimensional groups can be altered to the following form without affecting the resuits of
the dimensional analysis.

(2 {oe(2)

If the engine has fixed geometry so that the characteristic length D is not a variable, the functional re-
lation can be further simplified. While reordering the constants for engine geometry in the functional rela-
tionship, it is also convenient to reference the net thrust and temperature to standard day sea level condi-
tions, rather than to ambient conditions alone. Making these adjustments in the constants resuits in

)
- =I5\ My, (4.14)
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Fig. 4.9 Dimensional Engine Performance: Constant Altitude, Constant TAS

You may still question the usefulness of nondimensional parameters. Figures 4.9 and
4.10 depict representative sets of variables that describe jet engine performance. Figure
4.9 illustrates engine performance for a single altitude and a single true airspeed. (Static
thrust, rather than net thrust, is shown; but that fact is not important to understanding the
utility of nondimensionalization.) Figure 4.10 shows what happens when just one of these
parameters is charted for just two altitudes and three throttle settings. Six curves result for
net thrust alone. Obviously, merely presenting the data becomes a cumbersome task.
Collecting flight test data at each of the needed altitudes and at a complete set of engine
rpm settings is simply not feasible. And, even if such a data collection effort were com-
pleted, the resulting data base would be quite unwieldy.
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Fig. 4.10 Net Thrust Versus Altitude and Engine RPM

Nondimensional parameters are used to generalize data from several different alti-
tudes, throttle settings, and atmospheric conditions into a single curve ideally. The prin-
ciple is exactly the same as that used in generalizing the power curve for propeller-driven
airplanes in section 4.1.1. Of course, no generalization is perfect; single curves rarely re-
sult. Instead, fairly closely related families of curves usually result. Figure 4.11 iliu
how Mach number effects (and other parameters that were ignored in the original as

T, N
tions) generate a family of generalized net thrust curves for ?” versus %—

Fig. 4.11 Generalized Net Thrust

Part of the reason that these plots do not generalize perfectly lies in the assumptions
used to develop the nondimensional relationships. Reynolds number effects were ignored
by ignoring viscosity. But, if the component efficiencies depend strongly on Reynolds
number, the generalization we seek does not occur. A family of curves results, rather than
a single curve, just as Fig. 4.12 illustrates. Figures 4.12 and 4.13 suggest that mass flow
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rates and fuel flow rates do not generalize as well as thrust. Other variables (and Rey-
nolds number is clearly one of them) could be included in the nondimensionalization pro-
cedure. However, this simplified model serves our purpose of introducing the Buckingham
Pi Theorem and its usefulness in flight test planning.

| { Tn mg
®
%
‘.)000 OCP
o’ 2
0, ft
A 40'000
N N N

[ Tn mgVe

N N
o o
Fig. 4.12 Generalized Thrust and Mass Flow Rate
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Fig. 4.13 Generalized Fuel Flow Rate and Specific Fuel Consumption

Developments similar to the one illustrated in Example 4.2 result in nondimensional
groups as shown in Table 4.2. Nondimensional parameters corresponding to each of the
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performance measures of merit can be obtained with the Buckingham Pi approach; they
fully describe engine performance. And, equally important to the flight test engineer, they
allow test day performance data to be corrected to standard conditions easily.

Table 4.2 Nondimensional Jet Engine Performance Parameters

Dimensional Parameter Dimensions Nondimensional Groups

Net Thrust mL To N 4 )
t2 5 Vo'  ”
Fuel Flow mL W _ AN M“J
t3 svo (Vo
Air Flow m mg [N M
t 5 JoO
Temperature ﬁ I_f_= N M
12 0 e
SFC none W [N Moo)
Tn Vo

DommaschS lists and derives a more complete set of nondimensional parameters. It
is quite clear that grouping sets of physical variables systematically, as the Buckingham Pi
theorem allows us to do, is extremely helpful in planning flight tests for cruise perform-
ance. These techniques are most useful for jet airplanes, though many of the concepts
can aiso be applied to propeller-driven aircraft.

4.1.2.2 Combining Engine and Airframe Parameters. To utilize the power of di-
mensional analysis and to reduce the size of the test matrix for an experimental perform-
ance reduction, we now need to express airframe parameters as well as engine parame-
ters in nondimensional terms. This nondimensionalization is straightforward if you simply
arrange the aerodynamic forces in functional form. Lift can be written

- 2”2 - 2WR2T°° - 2W2 -2V o =F,(Mm,ﬂ) (4.15)
PuVoS PuVsS TPLMES TPoM&S 5
i w
Similarly, Cp = Fz(Mw,—s—) (4.18)

In steady, unaccelerated flight net thrust is equal to drag and eqgns. 4.16 and 4.14 can

be equated: f5 (Mm, %) =F, (Mw,—v;). Though the form of the functional relationship is

unknown, this expression can be used to "solve" for any one of the three variables in
terms of the other two. Choosing Mach number as the independent variable,

w

woorft

(4.17)
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the task has been simplified to controlling two variables (M‘,o and -5’—6) and holding %
constant by adjusting altitude. Thus, dimensional analysis makes experimental perfor-
mance data reduction tractable for jet-powered airplanes. We have also avoided measur-
ing thrust directly. Instead, performance is obtained indirectly from more easily measured
variables like engine RPM, Mach number, weight, atmospheric pressure, and atmospheric
temperature. These measured variables can be readily evaluated. One difficulty in this
indirect approach is that engine RPM may not be a constant measure of engine thrust over
the entire life of the engine. Mechanical wear will take its tofl. There is also variation from
engine to engine in the relationship between RPM and thrust. If these differences are
relatively small, the performance of a fixed geometry turbojet engine can be validated ex-
perimentally using the nondimensional parameters shown in Fig. 4.14.

[ I wy

Fig. 4.14 Typical Performance Map for a Fixed Geometry Engine

For variable geometry engines the functional relationship of eqn. 4.17 must include at
jeast one more parameter. Therefore, it is usually best to map variable geometry engine
performance in terms of one of the nondimensional thrust parameters. The same sug-
gestion holds for dual rotor engines because the additional performance variable compli-
cates the performance relationships in the same way. In any case, the use of nondimen-
sional variables simplifies the task of experimentally measuring the performance of the jet-
powered airplane. Without this simplification, validating the performance would be an
even more tedious process.

4.1.3 Endurance

The total time that an airplane can loiter on a specified amount of fuel is simply a func-
tion of how much fuel is camried and how fast is it consumed. The most obvious difference
in the endurance equation between propeller-driven airplanes and jet-powered airplanes is
in how fuel consumption is expressed.

4.1.3.1 Propeller-Driven Aircraft. Fuel flow rate is the basic parameter of interest
for endurance. Typically, during cruise tests, the entire weight change is due to fuel con-

sumed. Consequently, wy =—%ﬂt/-. For a propeller-driven airplane, specific fuel con-
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sumption is expressed as pounds of fuel bumed per horsepower produced at the propeller

shaft: c=

B H P, = SFC . Rearranging this relationship and integrating

Wg dW j'
Wo wy We cBHP,
where W, = aircraft weight at start of cruise segment
We = aircraft weight at end of cruise segment

E = endurance for a given fuel load, Wg- Wy
(Note: E is often defined simply as the maximum time the airplane can fly with a full fuel load. In this book,
that time is denoted by E,,,,.)
AV,

np

E= | dt=-

But BHP, =

WonpaW o nowaw "o L aw
£ [ [ | b

We cDV,, We cWDV,,
. . 2w .
True airspeed can also be written as V,, = |——— for level flight. Then
PSCL
E- Vf’ np [pSCL° aw (4.18)
2 CD W"5 )
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Envelope of
Shis Minima

E Best Endurance Speed

Vmax e Veo
Fig. 4.15 Envelope of Fuel Flow Curves

The quantities to be measured include primarily fuel flow rate and weight of the air-
C’ 5
plane (egn. 4.18). The aerodynamic term -C— guarantees that maximum endurance will
D
occur at a specific airspeed. Speed for maximum endurance can be obtained by plotting a
family of constant altitude and constant weight fuel flow curves for increasing propeller

ne

RPM (see Fig. 4.15). For small changes in weight, changes in vy are often negligible. If

so and if the drag curve is parabolic, the true airspeed for maximum endurance can be es-
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timated from the commonly used Breguet approxnmatnon VE nax = V(C,15/C0)may  RECA
that, under these simplifying assumptions, 3CD,, CD,

Propeller-driven aircraft endurance is readily measured by recording fuel flow rates
accurately. Altitude has a small effect, but care must be taken to ensure that the mixture
settings are consistent between comparable data runs. Weight flow rate of the fuel should
be measured, since the specific gravity of aviation gasoline varies significantly with temp-
erature, an uncontrollable variable. Configuration, including power settings, must be set
up painstakingly to avoid excessive scatter in cruise data.

4.1.3.2 Jet-Powered Aircraft. Measuring endurance for a jet airplane is very simiiar
to measuring it for propeller-driven airplanes. Endurance is still defined from measure-
ment of weight fuel flow rates; hence, the integral equation for endurance is unchanged.
However, specific fuel consumption for the jet engine is expressed in different units and is
called thrust specific fuel consumption to highlight that difference.

where ¢, is in pounds of fuel per unit time per pound of thrust
The endurance equation can then be written

E=M/ogw_=wodw=‘[1l.dw I1CLdW (4.19)
W, Wy W, ctTy Ct D w Ct CD )
E E

Notice that airframe aerodynamics again appear through the L/D ratio. For simplifying
assumptions similar those used earlier (constant c¢;, parabolic drag polar), maximum en-
durance (E,g,) occurs at the velocity for maximum L/D where CD,, =Cp;

4.1.4 Range

Analogous to the definition of endurance, range is the distance an aircraft can fly on a
given amount of fuel. Range, too, is affected by how the specific fuel consumption is ex-
pressed for the type of powerplant. The distance term in the definition for range perform-
ance can be either air distance or the distance covered over the ground. In the first case,
the range is called air range and no wind effects are considered.

4.1.4.1 Propeller-Driven Aircraft The integral expression for range in calm air
(which is valid for general drag polars and for variations in n, and ¢) comes from the defin-

ition of true airspeed for steady, straight cruising flight. Using this definition and the rela-
tionships described in section 4.1.3 to relate fuel flow rate, specific fuel consumption,
thrust horsepower, and aerodynamic forces,

t W, W, W,
aw ¢, mp W Py mp L np G dW
R= th=-fv —=[v —aw= [V, —dW = 4.20
!,“’ “ Wy M-LwcTHP,W v!s * cDV,, W I cCo W (4.20)

where R = range for a given fuel load, Wg - Wy
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To maximize range, the integrand or at least nTPg_L must be maximized. If np is con-
D

stant and the drag curve fits the usual polar form, R,;,,, occurs with CD,, =Cp;

4.1.4.2. Jet-Powered Aircraft. The form of the range expression for jet-powered air-
planes is affected in much the same way as endurance is by the definition of specific fuel
oonsumption

1 Ldw 2w
R= Ith -fv JEV T W Waw- jv tDW,buti- S5C,
poo Jqdw “21)

Cp yw

Maximizing the integrand of egn. 4.21 must include consideration of both an altitude
effect and an aerodynamic term, even with ¢; constant. The density term in the denomi-
nator indicates why jet-powered vehicles fly at high altitude for their best range perform-
ance. An upper limit on the altitude for best range is not apparent because it depends on
how component efficiencies of the engine are affected by altitude. When these efficien-
cies become small, ¢; will dominate the integrand. If the usual simplifying assumptions are
made, the aerodynamic term is maximized when Cp, =3Cp;.

4.2 CRUISE PERFORMANCE TEST METHODS

Cruise performance tests determine the related performance parameters, endurance
and range. Endurance is time the airplane can spend in the air for a given fuel load and
range is the total distance (usually measured in air miles) that can be flown on a given fuel
load. For both propeller-driven and jet-powered airplanes, both fuel consumption and drag
dictate what cruise performance can be achieved. The speed-power test, with its several
variants, is the most common flight test technique for measuring both range and endur-
ance. Occasionally, it may be necessary to fly a demonstration profile to verify the actual
performance, but more often data from speed-power tests is used to calculate range per-
formance.

Data for cruise performance measurements are usually collected using the speed-
power test method. Essentially, such tests require flying cruise leg segments for a range
of airspeeds that cover both the speed for maximum endurance and maximum range. Ei-

ther pressure altitude or the nondimensional parameter %is held constant for each data

point. The appropriate engine parameters like RPM, manifold pressure, and/or mixture
setting, are stabilized prior to starting the data run. The engine parameters, atmospheric
conditions, and fuel flow rate are recorded. Each of these variables must be measured
accurately to obtain useful resuits. Apart from the sensors for the engine variables and
temperature, instrumentation requirements for this test are minimal. All data are steady
state data and can be recorded by hand. Timing can be done with a stopwatch.
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4.2.1 Speed-Power Test Method for Propeller-Driven Airplanes

For propeller-driven airplanes, cruise data are usually taken at constant pressure alti-
tude. The speed-power points should be designed to cover the operating envelope of the
airplane with concentration on those areas where limitations of the powerplant will affect
performance. Full throttie constraints must be checked for a number of altitudes if cylinder
pressures limit throttle opening at lower altitudes. Maximum speed should be checked for
a number of altitudes. The data to be measured, either directly or indirectly, include BHP
at full throttle, V,,, THP, as a function of V,, maximum manifold pressure as a function of
altitude, and fuel flow rates throughout the envelope. Reduction to standard day condi-
tions is best done by using generalized power required versus velocity unless the polar
form of the drag curve cannot be assumed. Range and endurance data are also obtain-
able and operational handiing (cooling procedures, mixture setting procedures, and such
like) information for the engine come from these tests.

422 Speed-Power Test Method for Jet-Powered Airplanes
For jet-powered airpianes the speed-power test, holding ws— constant, is used to col-

lect cruise data. Tests must be designed to measure fuei fiow rates, drag characteristics,
and range and endurance for all weights, speeds, and power settings. Covering this com-
plete envelope demands that the data collection be carefully planned and that maximum
use of nondimensional groups be made. Otherwise, the experimental performance reduc-
tion method simply will not be feasible.

Preflight preparation for constant -v-:— speed-power tests includes preparation of either

charts or tabulated data. The test team member who prepares these test cards must in-
clude the effects of altitude position error, instrument error, instantaneous weight of the
airplane, and airspeed calibration ervors. The following procedure may be used to obtain a

chart that can be used in flight to and maintain constant !Z— for each data run.

(1) Calculate pressure ratios for a range of altitudes at least 2000 feet on ei-
ther side of this altitude. A range of altitudes is necessary because the
weight of the airplane will be changing as fuel is consumed during the test.

(2) Select the standard reference weight. Ordinarily, this weight should be the

average weight for the test segment. Alternatively, this (—V;L) itself may
ref

be specified (as in Example 4.3). Calculate the reference value of !:—

(3) Using this reference % and eqn. 4.22, calculate the corresponding

weights for each of the altitudes above and below the nominal altitude se-
lected in step 1. This constant _V_:_ line is the lower curve in Fig. 4.16.

w,.=(£) &, i= 1,23..n (4.22)
8 Jret
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(4) Next, construct a line relating cockpit fuel readings to changes in airplane
weight. The scale on the right side of Fig. 4.16 illustrates this step for the
case where fuel quantity is available as total fuel used. This straight line

may cross the constant % line and it may have the scales inverted if fuel

is displayed to the test crew as fuel remaining rather than fuel used. Thus,
for any fuel reading, the test pilot or flight test engineer can read across
from the fuel quantity scale and down to find the calibrated altitude to fly.

hc A Ah A

Fuel Quantity

Fig. 4.16 Determining Altitude to Fly

(5) Finally, to make this chart useful in flight, Ah;; and Ahpc corrections for the
subject airplane must be included. The inset in the upper right comer of
Fig. 4.16 illustrates this correction. Notice that Ah = Ah, + Ahp; it is a
lumped correction for the altimeter for each indicated airspeed. This cor-
rection must be applied to obtain the aim h; for the test crew to fly during

any constant —V;i cruise performance data run.

Example 4.3: The cruise performance of a small business jet is tested at a nominal pressure altitude of
25,000 feet at a reference % of 55,000 pounds. The weight of the airpiane with full fuel is 24500 pounds.

The altimeter correction charts for the pilot's altimeter are shown below as functions of indicated airspeed.
Construct a chart similar to Fig. 4.16 to be used to fly a set of constant % cruise performance tests over

an indicated airspeed range of 250 to 350 knots. The fuel used out of an available 10000 pounds is esti-
mated to be 3800 pounds at the start of the cruise segment tests; the fuel flow rate should average ap-
proximately 1000 Ib/hr during the cruise points. Assume constant fuel temperature and that each point will
require approximately 6 minutes of flying time to stabilize and to collect the required data.

First, we must obtain 5 for altitudes between 23000 and 25000 feet to give the test crew flexibility in
flying the point. (That is, we must allow for the likelihood that the aircraft will not arrive at the test condi-
tions with exactly the nominal weight; fuel consumption will vary with air traffic control delays, management
of the flight profile, and atmospheric conditions—none of which can be fully controlled by the test crew.)

These values to maintain constant _V;_/_ = 55,000 pounds are tabulated in the table on the foliowing page.
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he 3; Wl
27000 0.3398 18689
26000 0.3552 19536
25000 0.3711 20410
24000 0.3876 21318
23000 0.4047 22258

With these values we can plot a curve of h, versus W (Fig. 4.18). On the right side of this plot we append
a scale that corresponds the fuel used for each aircraft weight. (One could also use fuel remaining, though
such a scale is rather uncommon.) With either form of fuel reading, a straight line of fuel used or fuel re-
maining versus weight is drawn.

To be useful in flight, h, must be converted to h; One approach is to add a small Ay, and Ahy, as
suggested in the inset in Fig. 4.16. Ah is a sum of two corrections; hy = h; + Ahg. + Ahj = hy + Ah or Ah=
Ahp + Ahi. The sample corrections illustrated below in Fig. 4.17 lead to a usable Ah inset.

40 20 —\
20 L ja—
250 300 w V;
L —— -20 L
250 300 350 vy,
Fig. 4.17 Pitot-Static and Instrument Corrections for Example 4.3
The final results are shown in Fig. 4.18.
50
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Fig. 4.18 Speed-Power Flight Test Card Corrections for Example 4.3

There are several tips that will speed up inflight collection of speed-power data and
reduce data scatter. First, jet airplanes generally decelerate quicker than they accelerate,
especially if the configuration has speed brakes. Therefore, it is usually best to climb to
just above the desired altitude for the first data point, which should be at the maximum
speed for that set of altitude runs. Use excess potential energy to accelerate to the de-
sired speed. Subsequent data points can then be flown at decreasing speeds. Make sure
that each point is completely stabilized or else repeat the point. Altitude should not vary
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more than +20 feet and airspeed must not vary more than +1 knot. Do not start timing un-
til all engine variables have reached equilibrium and fly at least 3 minutes in the stabilized
condition. Stabilizing at low airspeeds (especially at high altitudes) may be very difficult.
For these conditions it is useful to simply hold airspeed constant and smoothly adjust pow-
er to control rate of climb or descent. Any rate of descent or climb should be stabilized at
50 fpm or less. A longer data run, perhaps 5 minutes, should be used at these low speed
points. The BHP, can be corrected for the small variations in potential energy with
Wh

BHP, = BHP, + — W1 __ 4.23
r " 330000, 4.23)

Figures 4.19 through 4.21 illustrate how speed-power data for a jet airplane can be
reduced to range and endurance information. The nondimensional specific endurance pa-

rameter — and — are plotted versus Mach number and altitude (Fig. 4.19).

sJG )

Note; Each curve represents a series
of tests run at a nominal altitude

| vy w

88 Increasing

Altitude Increasing

Altitude

M M

Fig. 4.19 Specific Endurance and —V;i versus Mach Number
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Altitude
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! for Maximum

¢ A Endurance

; M

Since both families of curves are functions of M,,, they can be transposed to a cross-

oS

Fig. 4.20 Specific Endurance Crossplots

plot of slvj_é- versus -vslby picking off values of specific endurance and % for any desired

altitude and M,,. The resulting curves are sketched in Fig. 4.20. The asymptote to these
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curves gives Tw_sf% achievable at a given —VSK for any selected M,,. Obviously, the length of

time that the jet airplane can fly on a given amount of fuel increases significantly as either
weight (and fuel load) or altitude, that is, % . increases.

Applying this technique again to % plotted versus Mach number with the family of

curves now spread over % illustrates how maximum endurance and the appropriate

Mach number to fly to attain this maximum endurance can be graphically determined from
such nondimensional parameters. The final result is sketched in Fig. 4.21.

A 0 A
M SWO Mach Numbers M §£
f for Maximum wr
Range
Maximum Values of
Specific Range .
5
increasin, o
Atide.
Lines of w Mach Numbers
Constant - for Maximum
8 Range w
M 5_
Fig. 4.21 Specific Range Crossplots
&

A similar graphical approach for the specific range parameter M-s-v,l—e- typically resuits
f
in a family of constant V_:_ curves (Fig. 4.21). The dashed line connects the peak values

of specific range for each !VS— and allows construction of the other two curves, which

graphically depict the correct Mach number to fly in order to obtain maximum specific
range for any % and the maximum specific range available for the weight and altitude.

4.3 SUMMARY

This chapter has introduced the theory underpinning the speed-power flight test
method, which is used to measure the level flight cruise performance of both propeller-
driven and jet-powered airplanes. Methods for performance reduction for these two types
of airplanes were discussed and it was shown how analytical methods apply to propeller-
driven vehicies. Dimensional analysis was used to develop the experimental method for
jet-propelled aircraft. The utility of nondimensional variables was illustrated and connected
to range and endurance, the primary physical variables of interest.
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Chapter 5
TAKEOFF AND LANDING FLIGHT TESTS

Since every successful flight begins with a takeoff and ends with a landing, it seems
redundant to say that the performance and handling qualities of an airplane during these
phases of flight are very important. Redundant it may be, but the statement is quite true.
Since takeoff and landing performance involves accelerations and decelerations, we also
must concem ourselves with measurement of dynamic conditions, both in flight and on the
ground. Thus, we usually break up takeoff and landing measurements into a ground
phase and an air phase. Another fact that makes takeoff and landing (TO&L) flight tests
difficult is that few (if any) maneuvers are more difficult to perform consistently. Pilot
technique can easily mask some of the most important trends in such data. This human
variability makes it virtually impossible to exactly compare different sets of such data and
puts the onus on flight test personnel to standardize procedures and techniques as much
as possible. Even so, elementary statistical tools are needed to correlate individual
measurements and to compare the data to requirements. Average values of distances for
number of takeoffs and/or landings are typically used to decide whether or not goals have
been met. The large number of variables that affect TO&L performance further
complicates these tests. Moreover, many of them are completely uncontrollable. For
example, runway surface condition can only be changed with full fidelity by waiting for or
by going to natural weather conditions (ice, snow, slush, rain, etc.) to occur. But it is
clearly impractical to delay a flight test program for months waiting for Mother Nature to
supply all these conditions. So, we usually the runway with foam or other substances to
simulate reduced friction. Finally, not only are TOSL tests difficult to perform repeatably,
they are some of the most dangerous tests conducted in certifying an airplane. They re-
quire the flight test crew to establish flight envelope limits (and thus to occasionally exceed
them!) while on or very close to the ground with the airplane in its least controllable
configuration. And that is where most accidents occurl So, while takeoff and landing tests
are very important and can be crucial to a developmental effort, they are also one of the
most demanding of all test demonstrations. They deserve your utmost in care and
attention to detail.

5.1 THEORETICAL FOUNDATIONS

5.1.1 Definitions and Terminology

The TO&L vocabulary is rather extensive and at times very confusing, especially since
the various requirements documents use different terms to mean "almost” the same thing.
First, you intuitively know what a takeoff and a landing are, but we need to set some limits
even for these terms.

5.1.1.1 Takeoff and Landing. Dekker and Lean' define takeoff and landing as:

Takeoff is the process by which an airplane is brought from standstill to a safe
flight condition.
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Landing is the process by which an airplane is safely brought from a safe flight
condition to a standstill.

For takeoff, this "safe flight condition” is clarified further to mean the point in the climb
where the airplane first reaches a specified obstacle clearance height above the point of
departure from the ground (liftoff) at an instantaneous true airspeed which is usually la-
beled V5 or V;. For landing the height at which the landing starts is a specified level
above the runway, again usually chosen to simulate obstacle clearance. In some in-
stances, the type of maneuver flown, especially how the transition is made from ground
roll to climb path (or vice versa for the landing), is extremely important. We will discuss
this transition shortly, but first we need to define the two basic phases of takeoffs and
landings: the ground phase and the air phase (Fig. 5.1).

an

Obstacle
Clearance
Height

l Ground Phase |

| Air Phase |

Fig. 5.1 Takeoff and Landing Phases

5.1.1.2 Ground Phase. As suggested above, the ground phase of the takeoff ma-
neuver begins at brake release and ends when the airplane lifts off the takeoff surface
(provided, of course, a minimum margin of speed above stall speed and/or above the
minimum control speeds has been reached). It is also customary to include a short al-
lowance in the ground run estimate for the distance traveled while the airplane is rotated to
the takeoff attitude, with times of 3 to 4 seconds now quite common2.5. While no attempt
is usually made to measure this distance separate from the total ground run distance, we
will discuss it separately as part of the design and analysis process since its estimation is
important to predicting takeoff distances accurately. Test measurements must be made to
ascertain ground run distance, lift off airspeed, and velocity and/or acceleration profiles
during the ground phase. Usually, measurement of ground run distance, sg, is the primary
consideration. This parameter is frequently a certification measure of merit and is
estimated2 during the design process. The standard day takeoff distances need to be
determined within £5%. The accuracy of such measurements is affected by so many
uncontroliable factors that it should be treated as a random variable. Dekker and Lean
point out that for a nominal scatter of 4% in the measured ground roll, a probability
calculation gives a high (95%) confidence level of being within 5% of the true distance if at
least 5 measurements are made for a given configuration!. Six test runs make +2.5%
accuracy attainable for 4% scatter; so, good practice calls for planning at least 6 takeoffs
for each configuration. Of course, additional runs reduce the precision required for each
measurement to still achieve the overall 5% accuracy.

As a minimum, the ground speed at which the airplane lifts off, surface headwind,
ambient temperature, and ambient pressure must also be measured during the ground
phase -- as well as sg. Determining the exact point at which the airplane lifts off has al-
ways been troublesome. Event markers, triggered by extension of the landing gear struts,
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are perhaps the most accurate means of defining the lift off location. Such devices can
fire a marker onto the runway itself or they can trigger a flash of light that can be recorded
photographically as part of the data. Such a trigger can also be used to photograph or
videotape the airspeed indicator at lift off. Altemnatively, a continuous record of the
airspeed readings can be made with event trigger used to note the point of lift off. This
latter approach can, after a rather tedious data reduction, provide a measured velocity
profile. Another approach is to record an analog signal that is proportional to the indicated
airspeed reading (a differential pressure, of course) and then convert this pressure signal
to standard day true airspeed in the data reduction scheme. Of course, this analog signal
is usually sampled at appropriate intervais to reduce the data reduction workload.

An entirely different approach to takeoff measurements has become popular since
modeling of aircraft performance has become so important for high fidelity simulations. In
this approach the complete takeoff profile is recorded. Depending on the available in-
strumentation, the acceleration throughout the takeoff is the primary measurement. Very
accurate acceleration profiles can be obtained with modemn accelerometers. High accu-
racy inertial navigation systems (INS) have been used for this purpose3. Then, the ac-
celerations are integrated once to obtain the velocity profile and integrated again to obtain
positional information. A variation on this technique is to measure the position coordinates
by a very accurate means (laser tracker, video tracker, or other optical device) and then to
differentiate the position measurements to obtain velocity and acceleration profiles. This
approach requires continuous coverage of the entire takeoff maneuver, dictating the use
of multiple cameras and merging of data files from these cameras. Either of these two
techniques that give a complete time history of the maneuver gives direct or indirect
measurement of the air distance (Fig. 5.2) as well as the ground distance.

1
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Fig. 5.2 Takeoff and Landing Air Phases
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5.1.1.3 Air Phase. The air phase of these maneuvers poses an even more compli-
cated measurement problem than the ground phase. As suggested in Fig. 5.1, for takeoft
the air phase begins at liftoff and ends when the airplane first reaches obstacle clearance
height at V. For landing the air phase begins at the obstacle clearance height with
either a constant rate of descent or a constant approach angle established and ends when
the airplane first touches the runway.

In both takeoffs and in landings, the air distance can be further broken down into a
transition segment and into steady climb or descent segments. Figure 5.2 schematically
illustrates typical air phases and how they can be broken down. For takeoffs, the transi-
tion is merely the accelerating trajectory between liftoff and the initial climb speed. It is
sometimes called the takeoff flare. For high performance aircraft or for a low obstacle
clearance height (FAR part 25 specifies 35 feet as the obstacle clearance height, for ex-
ample.), a steady initial climb speed is not attained untit after obstacle clearance height is
achieved. In that case, only the transition trajectory is included in the air distance. For
landings, the transition includes the approach path from obstacle clearance height down
through some landing flare to touchdown. The flare maneuvers, shown as acceleration
and deceleration segments in Fig. 5.2, are often approximated with some simple curve like
a circular arc. In any event, air distance is difficult to predict and difficult to measure
directly. It is the phase of TO&L trajectories most affected by piloting technique.

5.1.1.4 Available Runway. We now tumn to the essential definitions.

The runway available (RA) is the actual runway length less a prescribed
allowances (usually 200 feet) for lineup distance.

5.1.1.5 Critical Field Length and Balanced Field Length. These two terms, often
confused and misunderstood, are closely related. The former is more often applied to

military aircraft and the latter is usually associated with commercial aviation requirements.

Critical field length (CFL) is the total length of runway required to accelerate on
all engines to critical engine failure speed (Vcer), experience an engine failure,
and then either continue the takeoff with remaining engines or stop?.

CFL is calculated as part of preflight planning for multiengine aircraft (not single engine
aircraft, of course) and must be less than runway available for a safe takeoff.

Balanced field length (BFL) is the sum of the distance required to accelerate to
Vcer and the distance required to either continue the takeoff over 35 feet with one
engine inoperative or to brake to a stop2.

Thus, BFL satisfies both a takeoff requirement and the civil accelerate-stop requirements.
FAR Part 25 also stipulates a field length that the greater of either the accelerate-and-go
distance or 115% of the all-engines-operating distance to a height of 35 feet. Fig. 5.3 il-
lustrates the components of a BFL computation. This definition of BFL leads to the con-
clusion that Vs must be determined so that spec + sgrop = SLOse * Sage

5.1.1.6 Critical Engine Failure Speed. As already suggested in the definitions of
CFL and BFL:
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Critical Engine Failure Speed (Vcer) is the speed to which a multiengine air-
plane can be accelerated, lose an engine, and then either continue the takeoff

with the remaining engines, or stop.

Both possibilities require the same total runway distance.

. Ground Roll
One Engine
Inoperative
Stop

Maximum
Effort Braking
Starts

Maximum
Effort
S + 5, Stop

~ S10ge Sagp |=—

| —— SEF — Spec -—»——-————SSTOP — !
Fig. 5.3 Balanced Field Length Components

Figure 5.4 illustrates critical engine failure speed trajectories for multiengine airplanes.
(Note: Vcgr is also called V; in some documents'.4 and critical speed, Vo . in others2.)
Strictly speaking, Vcgr does not apply to single engine airplanes, but the principle applies,
as we notice in the definition of refusal speed.

5.1.1.7 Refusal Speed and Refusal Distance.

Refusal speed (Vgep) is the maximum speed that an aircraft can obtain under
normal acceleration conditions and then stop in the available runway.

Clearly, Vrer and Vcer are quite similar; Vogr = Vrer for multiengine airplanes. In other
words, Vrer applies to both single engine and to multiengine aircraft. In this regard mul-
tiengine airplanes have an advantage over single engine craft; they can takeoff if an en-
gine fails above Vger. But neither type can stop in the available runway if a takeoff is
aborted above V. For this reason, during fiight tests to determine Ve, the pilot's re-
action time to recognize an engine failure must be included (simulated) in the test. Usu-
ally, 2-3 seconds delay is sufficient.

[Refusal distance is the takeoff ground run required to attain Vggr. |
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Fig. 5.4 Velocity Profiles for RA = CFL

5.1.1.8 Ground and Air Minimum Control Speeds. Controliability of a multiengine
airplane after the loss of an outboard engine is a major concern, especially during takeoff
when the necessity to establish a safe rate of climb dictates that the engines be operated
at high thrust or power levels. Rudder authority and the magnitude of the yawing moment
due to asymmetric thrust that the rudder must counteract are major factors in the decision
of whether or not to continue a takeoff after the loss of an engine.

The minimum speed at which a multiengine airplane, while on the ground, can
lose an outboard engine and maintain directional control is the ground minimum
control speed, V,,,cg.

For Vcer to have meaning, it must be less than V,,,og.

The air minimum control speed, Vinge 18 the minimum airspeed (out of ground
effect) at which the critical engine can fail and directional control can be main-
tained using full rudder deflection and not more than 5° of bank.

When determining Vi, ., the pilot must be able to regain directional control and
maintain straight, steady flight at the same airspeed without reducing power and without
retrimming. Moreover, the control forces and heading divergence must be within specified
limits. These tests should be conducted at the most aft center of gravity loading and at
maximum gross weight for the configuration. To be useful, Vp, , > Vs, where V; is the stall
speed for the takeoff configuration.

5.1.1.9 Safe Single Engine Speeds. During takeoffs or landings with one engine
inoperative, a multiengine airplane must be operated with some margin of safety. Some
literature calls this speed the takeoff safety speed, Vrqgg, but the most common terminol-
ogy in the United States is safe single engine speed, Vgge.
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Safe single engine speed (Vssg) is the airspeed below which a multiengine air-
craft must not be operated after leaving ground effect with one engine inoperative.

Vsse must exceed both Vg and Vp , by & safe margin. While Vgge is most important
during takeoff, prudence dictates that the airspeed not be reduced below Vgge during a
single engine landing until the landing is assured.

With this terminology firmly established, we now tum our attention to basic physics.

5.1.2 Performance Equations

Because of the large number of factors that affect TO&L performance, it is practically
impossible to model it perfectly. Major influences include:

Gross weight

Thrust available

Ambient temperature
Pressure altitude

Wind direction and velocity
Slope of the runway
Coefficient of friction

L 2R 2N 2R 2K 2% 2% J

To make any rational analysis of performance measurements, we will have to make sev-
eral simplifying assumptions.

Thrust (Jet Engine)
Thrust (Propeller)
et Accelerating Force (Je

Net Accelerating Force (Propeller)

Forces

\.

L = W at Liftoff

Drag + Rolling Friction + Slope Term

Fig. .5 Forces During Gnd Run

5.1.2.1 Ground Run Equations. First, let us consider the distance while the airplane
is strictly rolling on the ground during either a takeoff or a landing. The takeoff or landing
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flares are not a part of this analysis; the distance covered during rotation during takeoff will
be approximated separately. Hence, we will call this distance sg, for the takeoff,
differentiating it from sg (the total ground run distance to liftoff). The forces acting on an
airplane during this first portion of the ground run of a takeoff or the last portion of a
landing are sketched in Fig. 5.5. The contributing aerodynamic forces are defined in the
usual sense: L and D, as shown, are conventional, as are T and W. The frictional force F
is rather difficult to ascertain, but it is usually defined in terms of a friction coefficient u and
the net normal force. Thatis, Fr= L - W. Lan and Roskam? give typical values for u as
shown in Table 5.1. Of course, the siope of the runway also produces a small component
of W (W sin @ ~ WD) acting parallel to the takeoff surface, along with a small reduction in
normal force. This latter component is usually neglected, since @ is typically a very small
angle (usually less than 3°). The runway gradient, or slope, is positive if the takeoff is
uphill. So the net force accelerating the airplane parallel to the surface of the runway is

F=ma=T-D-pW-L)-Wo (5.1)
TABLE 5.1 Values for Runway Surface Friction Coefficients

Type of Surface Range for p
Concrete 0.02-0.030
Hard turf or short grass 0.05
Long grass 0.10
Soft ground 0.10-0.30

We also want to consider wind effects: let 1V,, = wind speed. Here, “+" implies a tail
wind and "-" a head wind. So, at any point in the takeoff ground roll the ground speed is

dSG
3t =V W (5.2)
L dv . dv
Of course, the acceleration is a= R which we rearrange to dt = = and
dsg = (Vin)ga‘—/- (5.3)

Integrating eqn. 5.3 yields an exact expression for takeoff ground run distance, pro-
vided we know a, V, and V,, throughout the takeoff roll and we can accurately determine
the true airspeed at liftoff.

VvV, Jav
sG = J.(—aﬁ)—- (5.4)

Of course, we can not generally express each of these parameters analytically, but
they can be measured by several means. If we solve the basic force equation (eqn. 5.1)
for the acceleration and substitute it into eqn. 5.4,

_ wiv 1V, Jav
6= Y qT-D-pW-1)-wa] (53)
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Equation 5.5 is the basic equation for ground roll distance for either takeoffs or land-
ings; it will be used in modified form for both purposes. We will use a second set of sub-
scripts (") to denote landing conditions. Notice that in egn. 5.5 we have adhered the our
sign convention that @ > 0 for uphill takeoffs. Remember that the acceleration during the
ground roll after landing is negative and that the thrust term can be either positive or
negative, depending on whether or not the test vehicle has thrust reversing or not.
Though we have not included it, another similar term must be added if the airplane uses a
deceleration device, like a drag parachute or a speed brake, to reduce the ground roll.
We choose to lump this added drag with the aerodynamic drag. Even more important, the
braking friction coefficient (i) is quite different than it was for takeoff because the brakes
are applied at some point during this segment of the landing. Typically, rolling friction
coefficients vary considerably. Notice that p; is a strong function of runway surface
conditions (wet or icy surfaces) and whether or not the tires are skidding or not (Fig. 5.6).
Moderm aircraft often have antiskid brake units to avoid tire slippage during heavy braking.
it is usually not feasible to test for these stopping distances under actual runway surface
conditions like those shown in Fig. 5.6. It becomes the flight test engineer’s job to identify
and plan for simulating such conditions. Often this task is one of the more difficult ones
faced by the flight test engineer. The approach that is now most common is to develop a
mathematical model and then carry out a limited number of tests to validate this model.
Naturally, one of the more difficult facets of this kind of testing is measuring actual braking
coefficients for other than dry runway surfaces. Sometimes, aerodynamic braking is so
important that during the early stages of the rollout the recommended procedure is to
maintain a high pitch attitude, applying brakes only after the nose is lowered.
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Fig. 5.8 Coefficients of Friction during Landing Ground Run

Figure 5.7 iilustrates this procedure and also shows how useful a drag chute is for
some designs. While the landing ground roll distance equation is of the same form as the
takeoff equation, the values of the terms may be significantly different; there are terms
present that are not in the takeoff equation. These differences are indicated by the
changed symbols and the apparent reversed order of integration (which accounts for the
deceleration) in the following expression:
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J‘ W (V £V, )dv 56)
Q[TL -Dp -up(WL-Ly)- WL‘I’]

The T,_, 1y, and the D, in this equation are the landing roll expressions for the correspond-
ing quantities in eqn. 5.5; the subscripts are merely used to remind you that these pa-
rameters are considerably different from those in the takeoff roll expression.
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Fig. 5.7 Effect of Aerodynamic Braking and/or Drag Chute

Example 5.1: An airplane with a wing area of 230 square feet weighs 9900 pounds and the speed brakes
are opened for landing. In this configuration it has a drag equation: Cp = 0.144 + 0.055C;2. The speed
brakes remain extended down to approximately 75 ktas. Idle thrust of the engine at sea level, standard day
conditions is constant at 700 pounds with the airspeed at or below final approach speed. Touchdown on
the main wheels occurs at 100 knots. If the average rolling coefficient of friction on dry concrete is 0.03
and the average braking coefficient of friction is 0.5, estimate the total landing distance from touchdown to
a complete stop. Assume no wind. The nose wheel is lowered (instantaneously) to the runway at 75 knots,
but the test pilot maintains a constant angle of attack after touchdown until he lowers the nose, giving Cp =
1.25 during this phase of the landing. As soon as the nose wheel is on the runway, the wheel brakes are
applied and braking begins. With the airplane in this three-point attitude, C, =~ 0.1.

V (ktas) V (fps) Lift (C, »~ 1.25) AD Integrand z ZAs, (feet)
100 138.889 9745.88 1792.75 -47.36 - -
95 160.444 8795.65 1617.96 -51.91 -49.36 4191
90 152.000 7894.16 1452.13 -57.58 -104.37 881.42
85 143.556 7041.40 1295.26 -64.86 -165.59 1398.4
80 135.111 6237.36 1147.36 -74.61 -235.33 1987.2
75 126.667 5482.06 1008.42 -88.39 -316.83 26754

This problem breaks down into two parts: (1) from main wheel touchdown until the nose wheel is on
the runway and braking begins and (2) from nose wheel touchdown until the airplane comes to rest. The
first phase is dominated by aerodynamic braking. Wheel brakes provide most of the deceleration during
the second part of the rollout. Equation 5.5 applies to the first phase and eqn. 5.6 to the second. At main
wheel touchdown L ~ W. As the airplane brakes aerodynamically, eqn. 5.5 shows that the friction term be-
comes a more important part of the retarding force. But the principal deceleration till comes from aerody-
namic drag. The aerodynamic drag decreases as V decreases, even though C, is held constant. Tabulat-
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ing these lift and drag changes at discrete speeds during the landing roll, in the table above we numerically
approximate the integration of egn. 5.5. The table summarizes the results of this numerical integration and
estimates the ground roll prior to commencement of braking at 2675 feet.

The second phase of the ground rolt is calculated using the same procedure, except that the terms in
eqn. 5.6 are changed to the appropriate values for C and to p,, (0.1 and 0.5, respectively) for this phase of
the rollout. This calculation is illustrated below and shows that the ground roll distance after the nose
wheel is lowered is only 554 feet. Deceleration distances (after the brakes are applied) are tabulated on

page 101.

V (ktas) V (fps) Lit (C, = 0) AL Integrand z EAs,_(f_iet)
75 126.667 438.56 633.94 -8.36 - -
70 118.222 382.04 §62.24. -7.89 -8.12 68.6
65 109.778 329.41 476.16 -7.41 -18.77 133.2
60 101.333 280.68 405.72 -6.91 -22.92 193.6
55 92.889 235.85 340.92 -8.39 -29.57 2497
50 84.444 194.92 28175 -5.86 -35.70 3014
45 76.000 157.88 228.22 -5.32 -41.28 348.6
40 67.556 12475 180.32 -4.76 -46.32 391.2
35 59.111 95.51 138.06 -4.19 -50.80 429.0
30 50.667 70.17 101.43 -3.61 -54.70 461.9
20 33.778 31.19 45.08 243 -60.74 5129
10 16.889 7.80 11.27 -0.61 -65.31 551.5

0 0.000 0.00 0.00 0.00 -65.62 554.1

So, our approximation for the total landing roll is the sum of the two increments: Sg, = 3230 feet

5.1.2.2 Rotation Distance. As was pointed out earlier, most takeoff distance pre-
dictions for modern high performance aircraft should include an allowance for the distance
covered during the takeoff flare or the rotation down from touchdown attitude to the
attitude where all wheels are on the ground and brakes are applied. We will call this dis-
tance either sg, (for takeoff) or s, (for landing). Typically, the estimate is made by simply
assuming a reasonable average time to complete the pitch rotation. The time chosen will
be different for each airplane considered, but 3 to 4 seconds is a reasonable ap-
proximation for many types. The distance is assumed to be traversed at a constant
speed, either V| or or Vyp (again, for liftoff or landing, respectively).

$G, = tVior or si,= tVrp (5.7)
where ¢, ismeappto:&nateavetage&neusedtocwymhtd(eoﬁalmdi'\g

flare, respectively

5.1.2.3 Transition Distance. Part of the air distance estimate is based on rather
arbitrary assumptions. After liftoff the aircraft must transition from an essentially level
acceleration along the runway surface to either a constant airspeed climb or a constant
angle climb. For certification and for design purposes, the latter is usually taken to attain
clearance height above any obstacles in the flight path near the ground. Later, another
transition to a constant airspeed or a constant Mach number climb path is may when well
clear of any ground-based obstacles. During the landing approach flare maneuver is used
to transition from the ideal constant glide path angle descent to touchdown. We will
concern ourselves in this paragraph with how far the airplane travels in a horizontal
direction while making these transitions. To simplify the estimate (and this distance is
highly approximate), we will assume that this transition path is a circular arc. To maintain
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2

a circular path, the velocity will be constant and the acceleration is \;— where R is the
C

radius of the circular transition path. Clearly, to fly through such a circular path requires an
acceleration toward the center of the circular arc. The force producing this acceleration
comes from additional lift generated by the lifting surfaces and this added lift can be
measured as an increment in load factor given by:
vZ  ACpV3s

gR. 2w

The velocity in eqn. 5.8 (and in eqn 5.9 below) can be either V| or or Vrp depending on
whether we are dealing with a takeoff rotation or a landing flare. In either case we can
rearrange eqn. 5.8 to calculate R,.

v w
gAn  gAC pV3S
Another variation uses the R, found from the total lift coefficient during transition (Clyan)

(5.8)

An=

Re (5.9)

2
wv CLm,,,= W s wv?2

where V is the stall speed for the appropriate con-

T vZe gRe

(5.10)

1.3 14

Fig. 5.8 Empirical Values of AC; used in Equation 5.9

Of course, the estimate improves if the velocity in the calculation of R, is improved.
One approach is to use an average speed during the takeoff transition or the landing flare
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in the equations above. This mean speed is essentially the average of V| o and the speed
during the initial climb for a takeoff transition or of Vyp and the final approach speed for a
landing flare. Lan and Roskam? point out that Williams used this approach, including the
effects of AC;'s in the maneuvers. Figure 5.8 is an adaptation of their data.

Knowing the radius of the circular arc, the transition distance (Fig. 5.9) is a simple
matter of trigonometry. The horizontal distance covered during either transition is:

Stran = Re|sinoc | (5.11)
The absolute value accounts for negative flight path angles during a landing approach.

Va

~—r

Re Obstacle
Clearance
L Height

Stran
Fig. 5.9 Transition Distance Geometry

5.1.2.4 Climbout Distance. The last part of the air distance phase of the takeoff or
landing performance estimation is the distance covered during the initial climb before the
standard obstacle distance is cleared or during the final approach after the obstacle is
cleared but before the landing flare begins. Naturally, in some cases this part of the air
distance may be zero. If the altitude at the end of the takeoff transition is greater than the
obstacle clearance height or if the landing flare begins above the obstacle clearance
height, then this distance has no meaning and is not included in the air distance. There-
fore, we must also find the height at the end of the takeoff transition (or the height at the
beginning of the landing flare), hyra, (Fig. 5.9). The geometry is again quite simple:
S,

huan = Re(t ~|cosecy|) = |sinb;’;,_|(1 ~|cosecL) (5.12)

If hyrap > Obstacle clearance height, then we are through with estimating the required
distances. If hy,, < obstacle clearance height, we again refer to the geometry sketch (Fig.
5.9) and observe that for an obstacle clearance height of 50 feet:

50~ Miran (5.13)

SoL= |t8l7 9CL|

Example §.2. Consider the airplane of Example 5.1. it has a stall speed of 92 knots and it lifts off at 1.2V,.
Estimate the transition distance and the climbout distance to the climb path. Assume that the transition




104 Takeoff and Landing Flight Tests Chapter 5

c
path is a circular arc and c""' = 0.8 during transition to the climb path. Also, assume that V = Vi or and
Umex
that this speed is constant during this part of the takeoff. Of course, Cimax OCCUrs at V. The thrust during
this transition phase is constant at 7000 pounds.

W 2(9000)
c = =15. With this val g i
Then. Clmex LSvZ = 50002376992 x 1.668889)2(230) ith this value of C, ., and also using

V= Vior = 1.2V during the transition, we obtain, either from eqn. 5.9 or from Fig. 5.9, AC, = 0.2757.

Calculating R, from the other form of eqn 5.9:

w 2(9000)
Re=tic.sg = 0.00023769(0.2757)(230)(32. 17408) ~ 1079 feet

As the note on Fig. 5.8 emphasizes, this value of the flight path radius is based on an assumption that
the piloting technique is aggressive; the rotation is cailed a "maximum effort” rotation. Equation 5.9, on the
other hand does not require this assumption; if we calculate R, without a maximum effort rotation,

R - 1.2(92 x 1.688689)2
_ ¢ [1.2CD =0.12+ O.MCE (0.8)- 1] - 3217405
Notice that there is a wide range in the results ( a change of about 75%) depending on whether or not the

"maximum effort” assumption is used. This oversimplified calculation underscores just how sensitive take-
off and landing performance estimates are to piloting technique.

=7109 feet.

T,-D
Climb angle is set by the excess thrust available during the transition period; that is, sheg, = "w R
with each of the variables evaluated during the transition phase. In the takeoff configuration the speed
brakes are retracted and the flaps are at their takeoff setting. So, Cp =012+ 0.040f. Since the maximum

usable C; =1.5x 0.8, Cp =0.12 + 0.04(1.44)2 = 0.1776. Thus, the average drag during transition is about

" 7000 - 1688
1688 pounds. With these intermediate estimates available, sin OcL =W' This expression

gives, 6y = 34.5°. Now, we can finally estimate the transition distance, using a "maximum effort" flare to
minimize R; that is, sy, = R, = sin B, . Stran = 2310fcet

htran = Re(1- COSBy) = (4079 (1 - cOs 34.5%) = 717 feet.  Since hy, > 50 feet,
Airplanes with high thrust-to-weight ratios often reach or exceed obstacie clearance height before complet-
ing the takeoff flare. Lower performance airplanes will require calculation of Scy using eqn. 5.13.

5.1.25 Summary of Eguations. Having developed the component expressions
making up total takeoff or landing distance, we simply sum the component parts to com-
plete our estimate and our discussion of the takeoff and landing performance analysis.

STO = SG*+ SG, * Stran * ScL (5.14)
SIND = SL* SG,* Sy * SFA (5.15)

5.1.3 Parametric Analysis of Takeoff Performance

Shevell® advocates a different approach to takeoff performance that is simple and al-
lows straightforward comparison of competing designs. With judicious assumptions, he
generalizes takeoff performance for most commercial airliners so that takeoff and field
lengths can be estimated from a few charts. The underlying premise of this parametric
approach is that "...takeoff performance is basically an acceleration to the required speed
plus a climb segment to a 35-ft height (civil turbine-powered transports) or a 50-ft height
(piston-powered, general aviation, or military aircraft).” Required runway length is defined
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as the distance from the start of the takeoff point to the point where these obstacle heights
are reached.

5.1.3.1 Key Parametric Assumptions. In laying out this parametric approach,
Shevell makes the following basic assumptions:

& Even though acceleration is not constant (as we have seen in preceding
sections, it depends on thrust and drag and both are functions of speed), the
- V
effective average excess thrust (T - D) occurs at V = —LJ%'i.
& Drag is small compared to thrust during the takeoff run.

5.1.3.2 Basic Parametric Equation. Considering only the first assumption above
and denoting the acceleration at V as &, we can approximate ground run distance simply:

2
sg ™ Vio (5.16)

FAR Part 25.1074 mandates that the minimum takeoff speed (V) cannot be less
than 1.2V for two-engine and three-engine turboprop and reciprocating engine-powered
airplanes and for all large turbojet transports that do not have provisions for significantly
reducing the one-engine inoperative power-on stall speed. So, we choose this nominal

value and let V) o =12Vs =1.2 —ZL Then eqgn. 5.16 becomes:
PSCLrmax

w2
pSCy,, (Th -DV

The constant in eqn 5.17 depends solely on

sg =144 (5.17)

Y/
;OF . Under certain constraints, this
s
value can be reduced to 1.15. Then, the constant in eqn 5.17 becomes 1.3225 in stead of
1.44. In general, the distance for accelerating a body is directly proportional to the square
of the speed and inversely proportional to the average acceleration. But V itself depends

directly on wing loading W/S, inversely on Cme , and inversely on p. Acceleration, un-

der the restriction of the second assumption on the previous page, is directly proportional
to TW. Lumping all these terms together and expressing sg in functional form to allow

for different constants and to correct for nonstandard density conditions:

w2

Equation 5.18 is a generalized takeoff performance approximation similar to the gen-
eralized performance curves introduced for turbojet-powered aircraft in Chapter 4. Shevell
asserts, moreover, "...that if we plot takeoff distance for each airplane against the pa-

2

rameter sg= f| L — , the points will form a single curve.” The scatter is small for
O’SCLWTV
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similar airplanes and a single fairing gives a good approximation to the takeoff distance.
Since the ground run is usually greater than the air distance plus the transition distance
(by as much as 4 to 1), the total distance to the obstacle clearance height can also be ap-
proximated by an expression like eqn. 5.18. Figure 5.10 (adapted from Shevell's data)
approximates required runway lengths under FAR Part 25. It was obtained by plotting a
large number of takeoffs for different turbojet and turbofan-powered commercial transports
and fairing a single curve through the points. This curve applies only to takeoff field
lengths with all engines operating. FAR Part 25.113 requires a field length of 115% of the
measured obstacle clearance distance; the faired curve includes this safety margin.

¢ = Density Ratio

S = Wing Area (t?)

T, = Total Installed Thrust
(at 0.707Viod

10b---meen- lincludes 15% lncrease--i__ O
' |(FAR Part 25.113) :
o : : E E
N o8l beeees R A R
14 : : : :
i ! : ; :
g 5 : : !
T I S i R S
@ : ' : :
@ ; W = Takeoff Weight (Ibs)

Required Takeoff Field Length x 1000 ft

50 100 150 w2 200 250 300

cST, C,_max
Fig. 5.10 Distance to 35-Foot Obstacle Height for Large Jet Transports
(All Engines Operating)

Similarly, Fig. 5.11 is a chart constructed from measured takeoff field lengths, again
based on FAR Part 25 requirements, for the same aircraft as Fig. 5.10 but with one engine
inoperative. Again, the required 115% margin for uncertainty required by the certification
regulation is applied in this chart.

For large commercial transports powered by reciprocating engines the takeoff field
lengths required can be approximated from similar parametric charts. However, the ac-
celeration is directly proportional to average installed horsepower, rather than average in-
stalled thrust (notice that both terms are installed values, not thrust or power available
from engine manufacturer's charts). Then, eqn. 5.18 is modified to;

W2
sGg= f(m) (5.19)

Also, the obstacle height in the regulations is 50 feet for propeller-driven airplanes,
rather than the 35 feet used for commercial jet transports. The required field length, under
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the assumptions listed at the beginning of this section, collapses to a single curve. Figure
5.12 illustrates such a curve for a DC-6.

=
o : H '. :
8  10}-.--..-i[Includes 15% Increase|..;.._/ ...
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Fig. 5.11 Distance to 35-Foot Obstacle Height for Large Jet Transports
(One Engine Inoperative)
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Fig. 5.12 Distance to 50-Foot Obstacle Height for Four-Engine Propelier Transports
(One Engine Inoperative)

Turboprop takeoff performance may be estimated from charts like Fig. 5.12 if total in-
stalled power is known or from curves like Figs. 5.10 and 5.11 if the total installed thrust is
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known. In every case the form of the expressions is the same; only the experimental
measurements (which change the slope and curvature of the generalized curve) differ.
Typically, this approximation is more difficult to apply to such hybrid powerplants.

Finally, Shevell strongly underscores the value of such a parametric estimation proc-
ess. He says, "...the parametric method can be used to check the reasonableness of de-
tailed calculations of takeoff (performance).” This basic awareness is essential to a flight
test engineer engaged in planning a series of takeoff and landing tests. From such rea-
sonable approximations come those elusive qualities called "intuition” and "engineering
judgment”. They are acquired skills, not innate intelligence!

5.2 FLIGHT TEST METHODS

The nature of takeoff and landing measurements leaves much to be judgment of the
individual flight test team; there is no well-defined "standard” for making these measure-
ments as there is for pitot-static calibrations, climb performance, or cruise performance.
This statement does not imply that the requirements documents for military full scale de-
velopments or for certification under FARs are imprecise or vague. Rather, these docu-
ments are often so specific that the test team must tailor a takeoff and landing test to the
individual test program. Consequently, this section is more general and can offer only
guidelines. Fortunately, the theory and "analytical” equations presented in section 5.1 are
quite pragmatic; so, tailoring to the specific requirements of a given flight test program is
usually straightforward.

5.2.1 Requirements for Takeoff and Landing Flight Tests

Takeoff and landing tests are made to provide data for the operator during these criti-
cal phases of flight. Apart from special tests conducted with a specific research goal in
mind (for example, changes in stability derivatives in ground effect), both military and civil
requirements are heavily slanted toward collecting information that goes into the Airplane
Flight Manual (AFM). These flight tests are a combination of performance and handling
qualities assessments. As such, they involve measurement of performance parameters of
interest. But they also usually involve some degree of subjective evaluation as to how the
airplane's stability and controllability affect the pilot's ability to precisely maneuver the air-
plane during these terminal phases of fiight. Partly because of the dual nature of such
evaluations, certification requirements and military specifications spell out a very compli-
cated matrix of test conditions. This matrix includes not only normal operating conditions,
but also a large number of abnormal or emergency procedures in order to "demonstrate"
that each standard is met. Ordinarily, this phrasing means that a flight test demonstration
is required. Specifically, Part 23.21 states:

(a) Each requirement of this subpart must be met at each appropriate combi-
nation of weight and center of gravily within the range of loading conditions
for which certification is requested. This must be shown —

(1) By tests upon an airplane of the type for which certification is re-
quested, or by calculations based on, and equal in accuracy to, the results
of testing; and

(2) By systematic investigation of each probable combination of weight and
center of gravity inferred from combinations investigated.
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(b) The following general tolerances are allowed during flight testing. However,
greater tolerances may be allowed in particular tests:

item Tolerance
Weight +5%, -10%
Critical items affected by weight +5%, -1%
Center of gravity +7% of total travel

While each of the subparts of FAR Part 23 listed below is applicabie for takeoff and
landing demonstrations and should be carefully studied by the test team, those subparts
marked with an asterisk pertain directly to these flight tests. Most of the other compliance
requirements can be extracted from tests that these subsections dictate. Since this book
introduces the subject and does not attempt to comprehensively cover all aspects, the dis-
cussion is limited to these most important subparts.

Part 23.33  Propeller speed and pitch limits Part 23.153 Control during landings*

Part 23.49 Stalling Speed Part 23.155 Elevator control force in
Part 23.51 Tekeoff* maneuvers
Part23.75 Landing® Part 23.157 Rate of roll
Part 23.143 Controllability and maneuverability: Part 23.161 Trim

general Part 23.171 Stability: general
Part 23.145 1Longitudinal control Part 23.173 Static longitudinal stability
Part 23.147 Directional and lateral control Part 23.175 Demonstration of longitudinal
Part 23.149 Minimum control speed stability
Part 23.177 Directional and lateral stability Part 23.235 Ground and water handling
Part 23.179 Instrumented stick force maneuvers characteristics: Taxiing condi-
Part 23.181 Dynamic longitudinal stability tions
Part 23.201 Wings level stall Part 23.239 Ground and water handling
Part 23.207 Stall warning characteristics: Spray condi-
Part 23.231 Ground and water handling tions

characteristics: Longitudinal Part 23.251 Vibration and buffeting

stability and control*

Part 23.233 Ground and water handling
characteristics: Directional stability
and control*

5.2.1.1 Use of Mathematical Models and Simulation. One of the more significant
recent trends in evaluating takeoff and landing performance is a shift from overall meas-
urements (which are rather imprecise mainly due to variations in piloting technique) to
measurement of segments of these maneuvers and use of modeling or mathematical
simulation to tie segments together. The primary objective of most TO&L measurements
is to determine and demonstrate for the user of the airplane how to achieve reasonable
takeoff and landing distances and safe speeds for everyday operations. Flight tests are
typically used to verify individual portions of the mathematical model rather than attempting
to measure the performance on complete maneuvers. These "patched" maneuvers (or
maneuver segments) can be compared and standardized more easily than can measure-
ments from complete takeoffs or landings. Both military and civilian flight test engineers
are permitted to use either approach. Of course, complete takeoffs and landings, with
careful attention to consistent piloting techniques, are still demonstrated. But the modeling
approach allows thoughtful choice of valid maneuvers and better control of test variables.




110 Takeoff and Landing Flight Tests Chapter 5

In practice the test team should plan to collect data on almost every takeoff and/or
landing until a rather complete data base is established for normal procedures. Even
though repeatability in technique is emphasized, there will be wide variation in results.
But, individual segments where nearly identical rotation rates and usable airspeeds are
matched can be collected from several different runs and statistically evaluated for con-
sistency before the complete maneuvers are flown for validation of the modeled takeoff or
landing. Such mathematical simulations are particularly useful in establishing takeoff ac-
celeration profiles and in predicting landing rollout under slippery runway conditions. The
segmented approach allows the test engineer to use portions a of a maneuver to establish
performance, even though the entire maneuver may have flaws in it that make the overall
distances and velocities invalid. From this perspective, segmented testing is more effi-
cient; it allows almost every maneuver flown to contribute to the data base and thereby
adds statistical relevance.

However, complete maneuvers must also be done as final validation of the takeoff or
landing model. As one FAA documentS puts it: ",,,actual takeoffs using the AFM (recom-
mended technique) should be conducted to verify that the actual distance to the 50-foot
height does not exceed the calculated takeoff distance to the 50-foot height." Complete
takeoffs and landings, with attention to consistent piloting techniques, must still be demon-
strated: but not many of them.

5.2.1.2 Position and Velocity Measurement Technigues. The instrumentation
used to measure distances and velocities varies widely in precision, in complexity, and in
versatility. The most useful measurement tools allow simuitaneous capture of both hori-
zontal and vertical position and velocity during either the takeoff or the landing.

Probably the most widely used equipment for measuring ground roll distances is some
form of tracking device — laser, radar, optical, or video. In each case the flight test engi-
neer is responsible for choosing the type of tracker and for guaranteeing (1) that its preci-
sion is adequate to satisfy the certifying agency, (2) that any special transponders or illu-
minating devices operate reliably, and (3) that the data reduction effort required to convert
the spatial measurements into meaningful engineering units is compatible with program
budget and schedules. With regard to (2), the test engineer should be alert for any "unde-
sirable side effects” result from the transponder or illuminator. A laser tracker often needs
a reflective surface painted on the airplane and the laser beam is intended to point at this
surface only. The flight test engineer will have to satisfy safety review authorities that a
misdirected laser beam cannot harm (even temporarily) the pilot and/or the airplane and its
systems. A radar tracker may also need a radar reflector or a transponder to return accu-
rate spatial information; the test engineer must be sure that such an electronic device
does not interfere with other aircraft or test instrumentation subsystems. Optical devices
need clearly discernible levels of contrast so that data reduction does not become overly
tedious. The same statement is also true of video imaging systems, which do lend them-
selves to at least partially automated data reduction?.

At least for the ground roll portions of takeoff and landing trajectories, distances can
also be measured by integrating accelerations and then velocities from inertial navigation
systems (INS) if the airplane is so equipped. Cheney and Pham® describe how such an
approach [along with instrument landing system (ILS) and radio altimeter measurements}
was used to validate and certify Category lil autoland performance for the MD-80 and the
MD-87 commercial airliners. This indirect form of distance measurement is accurate pro-
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vided (1) the INS is not strongly affected by acceleration errors during takeoff and (2) the
events in question (liftoff, touchdown, and passage through obstacle clearance height can
be precisely defined on the data records. This latter point means that the test planner
must thoroughly evaluate techniques to define these events. Sometimes the flight test
engineer may have to design additional equipment or improvise procedures to define the
events critical to his measurement data. Landing gear microswitches and photoelectric
beams are two such specialized devices that have been used for this purpose. Often the
preparation for a full-blown set of takeoff and landing tests must include qualification and
proof testing of these kinds of specialized instrumentation before useful data can be col-
lected. The wise flight test planner includes time in his schedule for such proof tests.

These secondary measurements are crucial since the flight test engineer must correct
his data for nonstandard conditions. The growing use of segmented, mathematical simu-
lations to reduce test time and cost underscores the necessity for these data in making
appropriate corrections to measurements. All of these atmospheric variables affect pro-
pulsive thrust and/or directly affect ground speed as measured by tracking equipment.
Takeoff and landing measures of merit are drastically affected if this atmospheric informa-
tion is missing; however, it is often necessary to use expensive instrumented runways
(available at all major test facilities). As always, the cost of having such instrumentation is
often prohibitive to small or underfunded development efforts.

Of course, spatial measurements (tracking data, whether radar-derived, optical, or
otherwise), made repeatedly and rapidly against an accurate time base, are a satisfactory
way to estimate velocities only if atmospheric conditions are recorded at the same time.
Consequently, most major test ranges have runways that are heavily instrumented with
atmospheric sensors. As a minimum, TO&L flight test data used for certification or proof
of performance, require the following atmospheric instrumentsS:

(1) an altimeter or a sensitive barometer set to 29.92 inches of mercury to
measure altitude;

(2) one or more anemometers that measure wind velocity and direction at the
takeoff or landing surface (It is also useful is some means of measuring
wind velocity and direction up through the obstacle height is available.);

(3) an accurate thermometer to provide free air temperature, again at the take-
off or landing surface; and

(4) when appropriate (as when tests are conducted in high temperature, high
humidity conditions), relative humidity at the takeoff or landing surface.

5.2.2 Typical Part 23 Test Groups

5.2.2.1 Takeoff Tests. In laying out a series of takeoff tests, most of the data is col-
lected during other tests; after all, every successful flight must begin with a takeoff and
end with a landing. However, every test plan should include a matrix of test conditions
that covers specific TO&L test maneuvers. The test engineer can then simply cross off
the appropriate data as it is collected, analyzed, and validated. For a typical light twin to
be certified under FAR Part 23, the takeoff test matrix groups that must be expanded into
detailed test cards for individual flights might look like those in Table 5.2 on the following

page.
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Table 5.2 Takeoff Conditions for a Light Twin Certification

Test Description Conditions Primary Purpose References
Determination of V, Normal takeoff Select techniques Part 23.51,
AC-23-xx
Demonstrate takeoff per- At nominal weights3, cg  Proof of compliance, Part 23.51,
formance?, including locations4, flap settings,  data for AFM AC-23-xx

ground roll, flare distance, and atmospheric vari-
distance to clear obstacle, ables5

speed at obstacle height
Demonstrate minimum con-  Specified weights®, cg Proof of compliance, Part 23.51,
trol speeds’ locations4, sideslip data for AFM AC-23-xx
conditions, and bank
angles
Demonstrate required roll At nominal weights3, ¢g  Proof of compliance, Part 23.51,
responsiveness in the locations4, and atmos- data for AFM AC-23-xx
takeoff configuration® pheric variables5 Part 23.157

Notes: 1. Stail speeds must be determined before this matrix is begun.

. Emphasis is on achieving a speed so that all maneuvers can be performed safely in the
event of a power failure in reasonably turbulent conditions.

. Takeoff distance tests are conducted at maximum weight and at a range of cg locations.

. Takeoff distance demonstrations are performed at the most critical cg location {usuatly

the most forward cg).

. Humidity is measured and accounted for (Part 23.45) and wind velocity and direction is
measured adjacent to the takeoff surface. Wind velocities should be as low as possible,
not to exceed 1.2V, or 10 knots.

6. The airplane is presumed to have the desired maneuvering capability at the obstacle
clearance height if the speed attained at this point is the higher of 1.1V, 1.3Vs,, or
some speed > 1.3Vs, down to Vy + 4 knots (for multiengine airplanes). Since Vmc has
no meaning for single airplanes, the first speed requirement at the obstacle height does
not apply.

7. Minimum control speed tests, obviousily apply only to multiengine airpianes and are not
takeoff tests in the strictest sense. The test team must determine the “"critical" engine
and must investigate all flap settings recommended for use. Dynamic or static Vp,
whichever is greater, will be included in the AFM.

8. Demonstrations should be accomplished by rolling the airplane in both directions.

N AW N

6.2.2.2 Landing Tests. Landing tests are also outlined to help organnize the test
matrix during the test planning phase. The primary difference between them and takeoff
tests lies in the demonstration of adequate longitudinal control authority for the landing
flare maneuver. Table 5.3 summarizes a typical grouping of such tests, again for a small
fwin-engine airplane. Again, the detailed test planning involves laying out detailed test
cards that cover all items in this matrix. The test planner must also anticipate consider-
able variation in the landing data, since the performance during this maneuver is quite un-
certain due to a number of factors including: (1) atmospheric turbulence is common for
landing, (2) pilot technique varies widely for making a "good" landing, and (3) ground effect
changes the handling qualities for each airplane and pilot combination. For all these rea-
sons, it is imperative to measure a statistically significant number of landings carried out
by a representative sample of pilots to obtain quality fanding data.
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Table 5.3 Landing Tests for a Light Twin Certification

Test Description Conditions Primary Purpose References
Determination of Approach Landing at all proposed  Select techniques  Part 23.75,
and landing speeds’ flap settings, cg loca- AC-23-xx
tions?, and power
Demonstrate landing per- At nominal weights3, cg Proof of compli- Part23.75,
formance?, including ground  locations*, flap set- ance, data for AC-23-xx
roll, flare distance, distance tings, and atmos- AFM
to clear obstacle, speed at pheric variables®
obstacie height
Demonstrate longitudinal Specified weights3,cg  Proof of compli- Part 23.153,
control during landing® locations* ance, data for AC-23-xx
AFM
Demonstrate required roll re- At nominal weights3, cg  Proof of compli- Part 23.157,
sponsiveness in the landing  locations*, and at- ance, data for AC-23-xx
configuration” mospheric variablesS  AFM

Notes: 1. Stall speeds must be determined before this matrix is begun.

2. Emphasis is on achieving a steady speed at the obstacle height with the power set so the
airplane passes through this reference point in stabilized conditions. A smooth flare to
touchdown should be made. Normal pilot reaction times should be used for power re-
duction, brake application, and actuating other deceleration devices. At least six landings
on the same wheels, tires, and brakes should be demonstrated to ensure serviceability.

3. Landing distance tests are conducted at maximum allowable landing weight and at a range
of lesser weights expected in normal service.

4. Landing tests are performed at the “critical” (usually the most forward) cg location and the
most aft cg location certified, as well as a range of other cg locations expected in normal
service,

5. Humidity is measured and accounted for (Part 23.45) and wind velocity and direction is
measured adjacent to the takeoff surface. Wind velocities should be as low as possible,
not to exceed 1.2V, or 10 knots.

8. The primary purpose of this demonstration is to ensure that airplanes over 6000 pounds
gross weight have sufficient flare capability to overcome any excessive sink rate that may
devebpataspeedSknotslawermanmcommndednmmalappmad\speedandtoen-
sure that control forces are not excessive. If the airplane is to be certified at approach
speeds < 1.3Vg,, compliance with Part 23.153 must be demonstrated at the selected ap-
proach speed.

7. Demonstrations should be accomplished by rolling in both directions.
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5.3 SUMMARY

This chapter introduces methods of estimating takeoff and landing distances and
speeds critical to attainment of this perfformance. We review both piecewise estimation
techniques and parametric computations. Test methods for these flight tests are neither
as clearly defined nor as precise as for some performance measurements; pilot technique
plays an important role. Although it is usually easy to gather large amounts of takeoff and
landing data, it is difficult to obtain repeatable data for complete maneuvers. It is common
practice to select consistent segments of each of several similar maneuvers and use them
to verify mathematical models of takeoff and landing for a given configuration. This ap-
proach is a good example of how simulation augments experimental measurements and
makes flight testing more efficient. Finally, general test groups for a simple airplane are
suggested that outline detailed test matrices for certification compliance demonstrations.
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Chapter 6
LONGITUDINAL STABILITY TESTS

Longitudinal stability is usually the first subject introduced when one begins a study of
the stability and controllability of airplanes. For relatively mild maneuvers and perturba-
tions, this subject is a convenient introductory topic since only one moment equation is
involved and the complications of coupled motions can be avoided. The development of
flight test methods has generally followed the same pattern. It is also convenient to start
the discussion with the fundamental definitions and assumptions for static stability before
going on to the dynamics of the problem.

To evaluate the relative merit of any airplane's flying qualities, it is essential that all
parties accept a yardstick. For years the flight test community struggled with standards
(and on occasion still doest), but in time both the civil regulatory bodies and the military
produced requirements documents that spell out what is expected in any class of aircraft.
Van Pelt! gives some of this history to go with his examples?.3 of such requirements. The
student should recognize that these requirements change frequently and may be modified
by specific contractual documents. Each flight test team must carefully examine the
specifications that are applicable to the design being evaluated before they design the test
matrix needed to adequately explore its flying qualities.

6.1 THEORETICAL FOUNDATIONS

To lay the groundwork for longitudinal stability test methods, we first briefly review the
meaning of static and dynamic stability and the basic equations that govern such motions.
To evaluate airplane stability rationally, the test team must be keenly aware that flying
qualities are important primarily as they affect the pilot. Therefore, in this book how the
pilot reacts to an engineering modification will be a most important consideration.

6.1.1 Definitions

To understand longitudinal stability, the concept of equilibrium must be clearly under-
stood. The most basic definition of equilibrium for any body simply requires constant linear
momentum and constant angular momentum. Thus, a rigid body of constant mass must
either be at rest or in unaccelerated motion to be in an equilibrium state. For an airplane,
both the forces and the moments about the center of gravity must be balanced.

An airplane is in equilibrium or is trimmed when the sum of the external forces is
zero and the sum of the moments about the center of gravity is zero.

That is, the equilibrium state for an airplane is one of unaccelerated linear translation.
Aircraft static longitudinal stability is typically defined in terms of its initial tendency to
return to equilibrium after a disturbance. Dynamic longitudinal stability, on the other hand,
considers behavior about the pitch axis as a function of time after a perturbation.
Disturbances can take many forms, but the one most often of interest is an angle of attack
change. (Many older texts use C; rather than a as the independent variable; however, as
Etkin4 points out, there are cogent reasons for using Cm, @s the measure of static
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longitudinal stability.) Perturbations in true airspeed often are also important to flying qual-
ities investigations but they are studied less often than are disturbances in o.

An airplane is said o be statically stable in pitch if a disturbance in angle of
attack produces an initial pitching moment that tends to restore the airplane to its
trim angle of attack.

This definition is primarily of use to an engineer; the pilot senses static longitudinal
stability in an entirely different way. He senses static longitudinal stability through the
forces he must apply to move the elevator and the displacement of the control stick or
column available to him in the cockpit. He perceives positive static stability as an aft stick
movement or a pull force on the stick as airspeed is reduced from the trim airspeed.
Similarly, a push force or a forward movement of the stick is expected as speed increases
(o is reduced) from the trim condition. Both the control movement and the control forces
indicate to the pilot whether or not the airplane is statically stable. The fact that there are
two ways to sense static longitudinal stability indicates that there are two different types of
stability of concern to the flight test team. Each is important for different reasons.

First, stick-fixed stability is a measure of the free response of the airplane being
tested. The stick or control wheel is held stationary by the pilot so that the control sur-
faces will not move with changes in the aerodynamic forces on the surfaces.

Stick-fixed static longitudinal stability is positive when the pilot's longitudinal
controller must be deflected aft for a greater than Orim.

The converse, of course, must be true for a < oy, For conventional tail-aft airplanes,
this definition means that the elevator must move trailing edge up (TEU) when the speed
is reduced below the trim speed and trailing edge down (TED) when the speed is in-
creased above the trim speed. Stick-fixed static longitudinal stability is fundamentally im-
portant for all other kinds of stability. It applies to airplanes with both reversible and irre-
versible flight control systems.

When the elevator is allowed to float freely (zero stick force applied by the pilot), a dif-
ferent form, as a different level, of static longitudinal stability can be evaluated. The pilot's
force that must be applied to trim the airplane is a key issue and becomes a primary
measure of this form of stability.

Stick-free static longitudinal stability is positive when the force applied to the
pilot's longitudinal controller is an aft (pull) force for a greater thar\gm.

With these basic concepts reviewed, we now tum our attention to quantifying them .
But to do so, we must first establish sign conventions for our analysis.

6.1.1.1 Sign Conventions. Figure 6.1 shows the sign conventions commonly used
in the literature and in this book. The positive coordinate directions x, y, z and the right-
hand rule define positive force, angular velocity, and moment vectors as illustrated. The
most common (though by no means universal) sign conventions for control surface de-
flections are shown. While most stability and control textbooks use the “standard"
convention (Fig. 6a) for control surface deflections, we will use the flight convention shown
in Fig. 6b. In former convention the observer is assumed to be sighting along the positive
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z axis and using the right hand rule to define positive angular deflections of the rudder; that
is, left rudder deflection is positive. Positive elevator deflection is obtained by sighting
along the positive y direction and again applying the right hand rule. This approach gives
a positive deflection of the elevator surface when it is moved trailing edge down (TED).
Aileron movement is defined to positive when the right aileron is moved trailing edge up
(TEU). Similarly, if a "rolling tail" is used for lateral control, TEU for the right half of the
stabilizer is considered positive. On the other hand, the flight test community typically
uses a less positive moment about the respective axis.

e

Wz zWZ
(a) "Standard" Convention (b) Filight Test Convention
Fig. 6.1 Sign Conventions
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Fig. 6.2 Definitions of o and p

6.1.1.2 Angle of Attack and Sideslip. To analyze the longitudinal handling qualities
of an airplane with respect to disturbances in angle of attack (o), a must be precisely de-
fined. Figure 6.2 defines a and B (sideslip angle) which will be used to evaluate lateral-di-
rectional handling qualities. Looking at longitudinal stability first, we note that a is defined
by vector components of true airspeed lying entirely in the vehicle's plane of symmetry.

_1_M_/_

a=tan (6.1)
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Similarly, even though this definition will not be used in this chapter,
q Vv

o

B =sin (6.2)

Of course,

V, =vU2 +v2 +w?

6.1.1.3 Inertial Orientation. Euler attitude angles are often used to specify the orien-
tation of the body-fixed stability axes relative to an inertial coordinate system located at
the center of the earth. These inertial angles must be measured in a specified order to fit
the usual aircraft conventions: 1) a yaw rotation (W) about the inertial Z axis; 2) a pitch
rotation (®) about the position of the y body axis after the first rotation; and 3) a roll rota-
tion (@) about the position of the x body axis after the first two rotations. These inertial at-
titude angles are shown in Fig. 6.3.

Earth Plane

Honizon

Fig. 6.3 Definitions of Euler Angles

It is important to realize that the Euler attitude angles, ¥, ©, and @ are not vectors, nor
can they be thought of as vector components since the order of rotation spells out the final
position. However, the angular velocity of the aircraft is a vector and can be expressed in

either inertial components [<i> [} \i’]T or body axis components [p q r]”.

6.1.1.4 Angular Velocity Transformations. Figure 6.4 shows the projections
of ¥ on each of the body axis coordinate directions. First, ¥ is a rotation about the
positive z-axis. If there is no pitch or roll rotation, r; = ¥. If the aircraft is then pitched
nose up, as shown in Fig. 6.4b, r, = ¥ cos ©. If the airplane is banked through an angle
®, r= W cos ©cos ®. Similarly, after three rotations, p = -¥ sin @ and q = ¥ cos @sin ©.
Next, resolving ©. in the same way, ¢ = ©.cos @ and r = -©.sin ®. Resolving the roll rate
(d) into body axis components, p = &. Collecting the individual vector components, and
writing the resulting linear equations in matrix form:

py (1 O -sin®@ (@
o=|q|=|0 cos® cosOsin® || O (6.3)
r) {0 -sin® cos@cos®d || ¥
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Inverting the matrix to solve for the Euler angular velocities:

&\ (1 sin®tand tan®cosd \(p
0=|6{=|0 cos® -sin® |lq (6.4)
¥ |0 secOsind secOcosd )\ r

AN

"\
o
Yinertial
Gives r1 =¥
a. ¥ Rotation b. O Rotation
~! in® p=p+ ¢ )
q = r2 sin =d¢ - ¥sin®
r=rp cosd =¥ ﬁ“""
= ¥ cosOcosd -
(] / >
- y y
¥ 4 \(g ’ 2z /

c. @ Rotation
Fig. 6.4 Body Axis and Inertial Angular Velocity Components

6.1.2 Straight Flight Paths

Logically, the next terms to be defined are those used to specify static longitudinal
stability quantitatively. From a flight test point of view, the discussion always starts with an
engineering concept and proceeds to the pragmatism of how a pilot recognizes and de-
termines the degree of static longitudinal stability for the airplane under consideration.

6.1.2.1 Neutral Point Concepts. The stick-fixed and stick-free neutral points are
terms used to relate center of gravity (cg) location to the degree of stability of the configu-
ration. Quantitative equations for both neutral points will be developed later, but to fix the
concept, consider the following definition.

The stick-fixed neutral point is that cg position for which the pitching moment is
independent of a with the longitudinal control surfaces held stationary.

Again, much of the flight test literature?.5.8 defines neutral point using C; as the indepen-
dent variable. As suggested earlier, neutral points defined in this way and associated with

zero values of %%”—’- are not always directly related to stability with respect to angle of
L

attack disturbances. Both Cp, and C, are functions of Mach number, Reynolds number,

thrust coefficient, and dynamic pressure. Even with the longitudinal control surface and
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the cg position held fixed, both the derivatives of interest depend on the parameters listed
in addition to a. Consegquently, setting Zcé’" = 0 to obtain the neutral point is only valid if
L

the other variations are unimportant for disturbances in angle of attack. For low speed
airplanes, however, this assumption is valid. To sum up, the neutral point is that cg
position for which Cp, = 0.

The floating characteristics of the longitudinal control surfaces also affect the stick-free
neutral point definition. (Of course, "stick-free" conditions may be ignored for irreversible
control systems since the control surfaces do not float with aerodynamic loads.)

The stick-free neutral point, when appropriate, is the cg position for which Cnpis
independent of o with the longitudinal control surfaces unrestrained.

Comparing these definitions to the aerodynamic center, the neutral point is
conceptually identical to the aerodynamic center of the entire airpiane. Recall that the
total pitching moment coefficient for the airplane can be written as:

Cm=Cmy +Cpm @
where C,,,o pitching moment coefficient about the cg when lift is 0. C,,,o can
also be written as:
Cmy =Cmy,, +VHC,_ut(it +€g)
where Cmo wh pitching moment coefficient for the wing-body combination
(no horizontal tail) at zero wing-body lift

Vi horizontal tail volume coefficient, —séci—‘

C,_u tail lift curve slope oL evaluated at trim conditions
t day

if tail-setting or incidence angle

€0 downwash angle when wing-body lift is 0

Etkin has shown that

Xeg X C o )
Cm =Cm0m +CLuM, awb{[%_;‘_gﬂ)_ H %(1—£)J CLq (’t +€o)

c
where xqg cg position
c mean aerodynamic chord
Xacwb aerodynamic center or neutral point of the wing-body alone

Differentiating with respect to a (while also assuming o = a,,)

- XOQ_Xacw - CLW (__faf_
C’"“‘CLm[(a ¢ ) VHCL% ! aa)}

Setting Cm., = 0 and solving for Xcg gives the stick-fixed neutral point::




Chapter 6 Longitudinal Stability Tests 121

C
X Yoo 1 _%-(1-% (6.5)

X X,
where Vj;, = value of Vj for the g located at xp,p. The difference —> - - is called the

stick-fixed static margin and it is a measure of the static stability with respect to angle of
attack disturbances.

Cm, =CL, (%’L-fﬁl}c,_a (-StaticM argin) (6.6)

6.1.2.2 Elevator Trim Angle. The point was made earlier that pilots sense static
longitudinal stability of an airplane through the contro movements and forces, mainly the
forces. The pilot's feel for the neutral point also comes from elevator movement per unit
change in angle of attack. Said another way, the change in elevator angle required to trim
the airplane is the pilot's index to stick-fixed static margin. Consider how longitudinal con-
trol surface deflections affect the pitching moment curves, as sketched in Fig. 6.5. For
each elevator setting, equilibrium conditions can be maintained at only one angle of attack.
For example, with 5, = 0, the trim angle of attack occurs at point A. Increments of lift and
pitching moment are usually assumed to vary linearly with small changes in «; the Cp-c.
curves depicted are not strictly straight lines, which is common behavior. The pertinent
relationships include: ACy = Ci ;8 With C . > 0 for the sign convention specified in Fig.
6.1 and ACp = Cp 8¢ , With Cpy. < O, using the same sign conventions. Then, we
assume linearity in bgﬂ'l CL=Cro +Crzbe and Cp=Cpy +Cm,a + Cmsle Setting
Cm = 0 in this last expression gives the elevator angle for trim,

Som ==
(4

C, A

_Y

Fig. 6.5 Family of C-a Curves for Various 3¢
The trim lift coefficient is:

Cliim = CLrim * CLo‘,setrim
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Eliminating oy, from eqn. 6.7:
Crmo Cg *+ Crmo Clysim

- (6.8)
Cma CLse - CLG C,"se

89tn’m

In equation 6.8 we have assumed that 5, is measured with respect to a trail position;
that is, 3 = 0 when a = oy, The above expressions are valid approximations for con-
ventional tail-aft airplanes. However, for tailless aircraft or other unconventional configura-
tions, the equations must be developed assuming that C,,,o also varies with 5.

89m.m
Xcg = an
Cm,
Q trim
~ B

Fig. 6.6 Dependence of 54, on cg Position

Equation 6.8 ideally assumes a straight line variation of eyim With angle of attack
(Fig. 6.6). This relationship between Se,;m @Nd cg location (or static margin) suggests a
way to determine the stick-fixed neutral point from flight test data. Since the slopes of
these curves are clearly functions of cg location, we differentiate equation 6.8 with respect

to CLtn'm'

asetn'm — Cma (6 9)

Clym  ClyCms, ~CmoCr,,

5. A

€ rim

do Yxcg = Xnp

-

= po
-

Xeg

Fig. 6.7 Trim-Slope Criterion for Determining the Stick-Fixed Neutral Point

Figure 6.7 illustrates the use of eqn. 6.9 and depicts the so-called "trim-siope”
criterion. Notice that the derivative was taken with respect to CLtn'm' not a. This change of
independent variable means that this equation is strictly true only if Mach number effects
and speed effects are negligible. Etkin4 emphasizes this fact and lays out the rationale
quite clearly. Nonetheless, this criterion is a common approach for estimating the stick-
fixed neutral point for low speed airplanes and serves well to introduce flight test meas-
urement of the neutral point.
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6.1.2.3 Elevator-Free Considerations. In section 6.1.2.1 the concept of a stick-free
neutral point was introduced. We must now detail the description of static longitudinal
stability theory. Even with a perfectly rigid body assumed for the airframe, a manual con-
trol system will result in some freedom of movement for the control surfaces. Cable
stretch and pilot inputs alone dictate at least some movement. An imreversible control
system closely approximates the stick-fixed assumption. But a manual control system de-
mands that the flight test engineer understand the effects of aerodynamic hinge moments
on the longitudinal stability of the airplane. Generally, configurations are less stable when
the control surfaces are free to rotate under the influence of these hinge moments. The
hinge moments are the result of the force distribution on the control surface. Since friction
is always present in a control system, the actual stability perceived by the pilot lies some-
place between the two extremes of the stick-fixed and the stick-free analyses.

Pressure Distribution

Surface
Hinge Line

Fig. 6.8 Control Surface Floating Angle

Consider the force distribution illustrated in Fig. 6.8. The surface hinge moment can
be written as a linearized function of the local angle of attack at the surface (ay), the con-
trol surface deflection angle (), the tab setting (5¢9p), @nd a term describing the mass bai-
ance of the surface. (The subscript j is generic; it can indicate any control surface at-
tached to the trailing edge of a lifting panel - elevator, aileron, or rudder.)

WjX j
Ch] =Cho +Chal aj+ch5] 51+Ch5“5tab+ 350 (6.10)
where W, weight of the jth surface (; can stand for . g OF ,, depending
on which control surface is being considered)
X; cg position of the jth surface relative to the hinge line (If the
surface is perfectly mass balanced, x; = 0.)
q freestream dynamic pressure (to distinguish it from pitch rate)
Cho hinge moment coefficient at o; = 5;= 0
Ch(y rate of change of hinge moment coefficient with local angle of

attack, evaluated at trim conditions [QC—"}
1 J trim
Che, rate of change of hinge moment coefficient with surface de-

flection, evaluated at trim conditions (9&’-)
trim

J
rate of change of hinge moment coefficient with trim tab de-

flection, evaluated at trim conditions ( Ch )
tab trim
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The leading term in equation 6.10, Cp,, , depends upon several geometric factors like
airfoil shape, nose bluntness, and gap seal effectiveness. Oversimplifying for the sake of
clarity, we will assume a symmetrical airfoil, a surface with perfect mass balance, and a
fixed trim tab. Then, with the surface floating freely so Cp, = 0, equation 6.10 gives:

Chajaj + C,,sjsj =0or,

8j,., =—— 6.11)

Both C;,  and Cp, are usually negative, although Cp, . may be positive when a large
homn balance’is desigr‘ed into the surface or when the hin’ge line is set far back from the
surface's leading edge. Taking the usual case with both Cha,- and Cy,, negative, a positive
local angle of attack at the surface produces: !

Chalaj
CLI =CLajaj+aj6jfree =CLa,°"l' e —
/)

oCL S
where 81=[681J and CL&] =8j-§t-
1 Jtrim

If we now focus on the longitudinal axis and define the free elevator factor as:

Ch a
Faf-mmce ®

c L‘J and C,_s. =ae§SL
hs, CLW © Jtim

Then the coefficient of lift developed by the horizontal tail is:
C,=F C,_a'af (6.12)

If F < 1, a freely floating surface is less effective than a fixed one. Of course, if F > 1
(as would be the case if C;,_ were positive), then the surface produces more lift when free
than when fixed. Denoting ‘stability coefficients with primes when the elevator is free to
* float under the influence of the hinge moment, the aircraft lift coefficient is:

(ac
, where ag =

CL’ = CLa'a'

C
%%(1—%)} and a'= Awh —F%(eo +it)

The aircraft pitching moment coefficient with the elevator free is:

where CLa = CLawo (1+F

Cm'= Cmg’+ Comg, '’

. ' | X X‘
where Cmo' = Cmowb + F CLalvH,,'(BO + i) and Cmu. = CLQ[.%_%J

Solving eqn. 6.5 for the stick-free neutral point,
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oo X . C 0 X . C
ﬁil:;‘_f__»!.+vH_':‘f;_§f_( _@_)m_x_f'_L=_i‘_°ﬁ.+v _LL&(1_%) (6.13)

¢ ¢ - sU )% @ & e, S
where V' = tail volume coefficient when the cg is at the stick-free neutral
point.
V' = tail volume coefficient when the cg is at the wing-body aero-
dynamic center.
If the variation of tail volume coefficient with cg position can be neglected,
Xnp _Xnp CL, s ( 68)
—_— e P (1 -FVyy———|1-— 6.14
7 "5 - (1=FVun C, S\ oa (6:14)

Etkin? gives exact expressions for the difference between the two types of neutral points,
but this approximate expression will suffice for our purposes.

Analogous to the trim-slope criterion outlined in section 6.1.2.2, the trim tab angle re-
quired to produce various free floating angles gives an estimate of stick-free neutral point.
If 345p, is NOt zero, equation 6.11 becomes:

Solving for the tab angle necessary to trim and using eqn. 6.7,

Ch,

Ch
Stap,. =————|C C -Cm — 6.15

Substituting € =g +(§2) in the expression for oy,
00 Jwh

o 1) (ep +i _C_"af_§t_( __"’_5_)
a,-a(1 aa) (eo+l,{ R 1 P (6.16)

Using this expression to eliminate o from eqn. 6.15,

Chy, ((Cm, Cn (, %)) .C CL,, S(, &
5 =—2e My _ Tt 1____) Mo i __f__t_( ___)
tabusm = G, k[c'"v- Ch, \ aa)["'C +leo +ie CL S L

Msq
Differentiating with respect to a.
Substituting expressions for Cp, . C,,,s., and F and rearranging:
Btabyy, _ Sty o | Xog _ Xmp 6.17)
o C,,% c c

Equation 6.17 is exact only when Vi = V, * Notice that the negative of the paren-

n

thetical term is exactly like the stick-fixed static margin defined earlier, except that now it
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should be called the stick-free static margin. Obviously, eqn. 6.17 indicates that the
slope of the elevator trim tab required to trim longitudinally with changing angle of attack is
a measure of stick-free static longitudinal stability. Recalling the difference between Vj
and VH and using the approximate difference between the stick-fixed and the stick-free
neutral pomts (egn. 6.14), eqn. 6.17 quantifies a "tab-slope” criterion for obtaining the lo-
cation of the stick-free neutral point from measured variations of trim tab versus angle of
attack. Figure 6.9 illustrates this approach.

31ty |

dol Y Xog = Xnp

- -

Xeg

-

Fig. 6.9 Tab-Slope Criterion for Stick-Free Neutral Point

6.1.3 Other Concepts of Static Stability

Currently, military specifications? do not directly use neutral points in spelling out re-
quirements for piloted airplanes. The authors of such standards apparently fee! that these
concepts are no longer appropriate for high performance aircraft that often operate with re-
laxed static stability and very complex automatic control systems. Whether one agrees
with this approach or not, it is important that the flight test engineer be prepared to work in
this environment by understanding the terminology.

6.1.3.1 Speed Stability. The basic stability criterion set down by the military specifi-
cation is that of speed stability. Paragraph 3.2.1 of the primary document? states:

...there shall be no tendency for airspeed to diverge aperiodically when the air-
plane is disturbed from trim with the cockpit controls fixed and with them free.
This requirement will be considered satisfied if the variations of pitch control force
and pitch control positions are smooth and the local gradients stable...

8 4 h = hn
©im T
m,
[
/7 v,
h < h,

Fig. 6.10 Stick-Fixed Speed Stability

The specification goes on to say that the speed stability criterion must be met in level
flight at constant aititude with no change in throttle setting or trim movements over a range
of +50 knots or +15% about the trimmed equivalent airspeed. Figure 6.10 illustrates a
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stable airplane with respect to stick-fixed speed stability; the elevator trim position to
maintain equilibrium meets the requirement.

Etkin? has succinctly related speed stability to the neutral point for those cases where
compressibility, aeroelasticity, and propulsive effects are negligible. Figure 6.10 also
summarizes this concept. Since 3, is @ unique function of C, with these restrictions

and since C,_m =——27/M—;§ , the trim elevator angle is a unique function of Vg4 also. As
PovVe
speed increases, ey iNCreases monotonically for a stable airplane. If xg = Xpp, the re-
quired trim setting is the same for all equivalent airspeeds. Hence, the airplane is neutrally
stable, both in the speed sense and under the neutral point concept. However, the speed
stability concept is more general in that the trim setting can also be considered a function
of propulsive effects, Mach number, and dynamic pressure, as well as angle of attack.

Equation 6.8 can be rearranged to give

Som ~ C(,Cmy, ~Cm,Cls,

Since each of these stability coefficients varies with Mach number, for example, then
e4im also varies with Mach number. A sketch of typical variations with Mach number is
shown in Fig. 6.11.

1.0 4 2.0

] CL¢ Cm 6/\

0.4+ 6.0 / \ 0.8 411.6
st/\\
0.6 {1.2

i _————/ V
0.2L 4.0 Z _10.4 10.8
z-—/wa\
! 0.2 404
0.0l 2.0 0.0 lo.0
0.0 1.0 2.0

Mach Number
Fig. 6.11 Variation of Longitudinal Stability Coefficients with Mach Number

In transonic flight Mach number dependence demands modification of the concept of
longitudinal speed stability as a measure of static longitudinal stability. MIL-F-8785C re-
laxes the requirement for an airplane that has a trim curve like that shown in Fig. 6.12.
This airplane is not speed stable in the transonic region. Physically, the airplane may start
out in equilibrium at point A. [f the speed is perturbed to point B by a gust or some other

B
disturbance, a;”;" will be negative even though speed is increasing. Thus, the ordinary

Cpm,, Criterion for static longitudinal stability has no meaning in this case.
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trim

Fig. 6.12 Transonic Effects on Static Longitudinal Stability
Hy > 0

F, <0 F, >0

Control System

Elements

Fig. 6.13 Control System Schematic

6.1.3.2 Force Gradient for Speed Stability. Even though most of the airplanes
covered by MIL-F-8785C have imreversible flight control systems, the document is more
concerned with force the pilot must apply than in the elevator travel itself. At least one
proposed revision’ recommends omitting the constraint on a stable surface displacement.
Once again, the pilot's perception of stability is the most important issue. Consider the
control system schematic sketched in Fig. 6.13, noting that a positive stick force is a pull
force (in the aft direction). A positive stick force results in a negative elevator defiection,
though it produces a positive pitching moment. The gearing ratio (or gain) is a constant
relating stick force and hinge moment: F¢= GH,. Applying the principle of virtual work,

FsAs + HgAb,=0
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Then, G = _Aﬁe_
As

Writing the stick force in terms of hinge moment coefficient,
Fs =GChp,SeCeq

Assuming that V}; = constant and that Cp, = 0; Cp, = Cha.“t + Chs.sem'm + Ch;,jtab- If
we can also expect C,_a. to be small, eqn. 6.8 reduces to:

5. = Cmy  Cm,Clym
Strim Cm, CL,Crm,

Substituting 3,,,, into the hinge moment coefficient expression and eliminating a4 with
equation 6.16,

Ch (xeg Xi C C., s b
Cr =T | Xg Xnp - M _c - ___:_t( ___)
n Cma,[ ¢ © )Ctm +Cr,,, 3tap ~Ch,, 5=~ Ch, Co +it) & sV

.

For level flight cruising conditions (L =WandC = _VZ.) Fg becomes:

gs
F,=A+BF (6.18)
C X,
where  A=-GS,Ce C"" [x;" - g”]
ms,
Chy,, Otab C C
- oy Otab  Tmo iYq_—tw Stf, &
B-GSec,C,,.C,,s.[ Chs. . Chq (eo +’t{ c. 3(1 aa)}]

Equation 6.18 leads to the following conclusions:
+ Stick force is directly proportional to the product of the elevator area and the
elevator chord, that is, the size of the elevator.
¢ Stick force is directly proportional to the gearing ratio.
¢ Retrimming (altering 3, ) changes the shape of the parabola as indicated by

the dashed lines in Fig. 6.14. Positive 8¢, reduces the force to be held by the
pilot at a given speed.
o The weight affects stick force through the wing loading term —Vg— and an in-

crease in wing loading has the same effect as a forward shift in cg.

+ Altitude affects only the second term through g. For a given true airspeed, in-
creasing altitude reduces Fs. Naturally, the second term in the stick force ex-
pression varies directly with the square of the true airspeed.

¢ Shifting the cg location only affects the constant term (A) of equation 6.18.
Moving the cg forward translates the curve upward and moving it aft translates
the curve downward. Figure 6.14 also illustrates this translation.
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Ve

8 tab < 0
Stap=0

a. Effect of Tab Deflection on Stick Force Gradient

Vorim N Ve,

b. Effect of cg Location on Stick Force Gradient
Fig. 6.14 Stick Force Variation with Speed

The slope of the stick force curve is a very important handling qualities parameter.
The pilot judges loss of longitudinal stability by the rate of change of stick force with air-
speed change. Hoh? clearly spells out the recommended maximum allowable size of any

unstable gradients in the transonic regime. Equation 6.18 leads to an expression for the
OF,

stick force gradient. Taking the derivative with respect to V,,, —évs— = BpV,, or
[+ o]
oF Chs,, Otab Cm . Cu, 8 ( ae)
2 s = pV,GSeCeCh. Cp, | —2 Mo _¢ +ip) -2ty %
avw p [+ 2] eve h. h6’ [ Chs’ Cmae h“t (Eo t CLa S aa
At the trim point (where Fg = 0), the stick force gradient is:
oFs Che Wrxog X ;m Chs, W
—2 = 2GSgC . - = 2GS, e —(-SM 6.19
avw eve Cma. s L E E ece Cma. S ( ffee) ( )

6.1.3.3 Flight-Path Stability. Paragraph 3.2.1.3 of MIL-F-8785C describes yet
another type of longitudinal stability related to "backside-of-the-power-curve" operations:
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Flight-path stability is defined in terms of the change in flight-path angle when
the airspeed is altered by use of pitch control only (throttie not reset by the pilot).

\vamin- 5 / vomin :
[ Ve s
T 7 3

L ! NEGATIVE
“ea [\ 7| | stopes

i FOR LEVEL 1
] ary) o
@ —d—z < 0.06 %t
(d(-‘Y) _
av./,

Fig. 6.15 Local Slope Definitions for Flight-Path Stability

i) .
( a )1 < 0.05 %t

This type of stability is especially important for precise control of airspeed, as is es-
sential for carrier approaches or other short-field landings. If the elevator alone is used to
control airspeed, it can be shown? that a closed (pilot-in-the-loop) loop instability can occur
at speeds below the minimum drag speed. The requirement is quantified in terms of the
local slopes for each level of handling qualities. For level 1, the local slopes must be ei-
ther negative or less positive than 0.06 o/knot. Figure 6.15 illustrates the aliowable local
slopes. Compensation for poor flight-path stability can be made if a secondary flight path
controller, like power or direct lift control, is incorporated into the design. Short takeoff and
landing (STOL) aircraft often utilize this means of compensating for poor flight-path stabil-
ity since their landing approaches are frequently made at speeds well below the minimum
drag speed. Naturally, the secondary flight path controller itself must have satisfactory re-
sponse characteristics if it is to have acceptable closed loop handling qualities.

6.2 LONGITUDINAL STATIC STABILITY TEST METHODS

The commonly used flight test techniques to obtain longitudinal stability data are rela-
tively simple and straightforward, aithough very careful trimming and flying must be done.
To obtain reliable quantified data, it is practically imperative that the instrumentation in-
clude some form of automatic recording and the sensors used are almost always some
kind of electronic device. The net effect of both these factors is that stability and control
data are harder to obtain than are performance data. The so-called stabilized method and
the slow acceleration-deceleration method are the techniques most often used to gather
information about the speed stability or neutral points. These methods will be discussed
first, followed by a brief discussion of the way that flight path stability tests are conducted.
However, before the data procedures are detailed, it is necessary to examine two factors
that govern the quality of the data collected whatever the method used.

6.2.1 Stability and Control Flight Test Measurements

Stability and control testing is an exacting process. As suggested previously, virtually
all interestina parameters must be measured indirectlv and the control surfaces and con-
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trol tabs are the most common measurements used to back out the desired information.
Forces are often measured directly and they are variables of primary interest, but even so,
the data must be further manipulated to obtain engineering terms of interest like neutral
points and force gradients. For these reasons, data must be taken with as much precision
as possible and it is particularly important that the flight test engineer understand the un-
certainties introduced by the mechanical parts of the control system.

6.2.1.1 Trim. The first of these uncertainties is introduced because most longitudinal
static stability measurements are taken about an equilibrium condition. The requirement
quoted in section 6.1.3.1 measures static stability from such a trim condition. Trimming to
an absolute equilibrium condition is not trivial, but flight test engineers must insist that the
flight crew establish an accurate trim condition. A good rule of thumb is to require the pilot
to release all controis for a minimum of ten seconds after he has established the trim air-
speed and altitude. If the airplane deviates at ali within that period of time, trim should be
reset and the check repeated. This process should be repeated until no deviation from the
desired conditions can be detected during the specified time interval.

To adequately cover the flight envelope, it will be necessary to set up separate trim
conditions at convenient airspeed intervals as illustrated in Fig. 6.16. The exact incre-
ments of airspeed to be used will depend upon the data to be collected and the regime of
flight. Smaller increments between trim conditions should always be used where surface
deflection gradients and/or stick force gradients are expected to change rapidly. The tran-
sonic region is certainly such a region for those airpianes designed to operate there.

hi FLIGHT
ENVELOPE

AR AT AN
BRDVIR

———] . TRANSONIC

REGION
INSTABILITY ALLOWED
IN TRANSONIC REGION

Ve
Fig. 6.16 Trim Conditions for a Specified Altitude

6.2.1.2 Friction and Breakout Forces. The second uncertainty affecting the preci-
sion of stability and control measurements is the mechanical friction of the mechanisms
through which the pilot controls the machine. For the pilot to have a feel for the neutral
positions of the controls, there is usually an initial force to be overcome in moving the
control out of the neutral position. While this kind of force serves a useful purpose in de-
fining the neutral position for the pilot, the control stick will also require some force to
overcome the initial resistance to motion at any point in the control throw. This type of
force is lumped under the term "breakout force."
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Breakout force is defined as that stick force which must be applied to the control
system before the control surface begins to move.

It is customary to call the remaining frictional forces simply friction.

Friction is that stick force required to overcome sliding, rolling, or any other form
of dynamic frictional forces in the control linkages.

SPEED
PULL DECREASING

FRICTION PLUS
BREAKOUT

V“TR’M \\O V..
SPEED
PUSH  INCREASING

Fig. 6.17 Control System Friction Band

Figure 6.17 illustrates how friction and breakout forces appear if measured carefully at
various airspeeds near an equilibrium condition. Though friction and breakout have been
defined in terms of forces, they both also affect the movement of the pilot's controller. Be-
cause of friction and breakout there is no guarantee that resetting the pilot's controller to
exactly the same position will set the control surface to the same setting. If either the stick
force or the control surface gradients are very small, friction and breakout can introduce
large percentage uncertainties into longitudinal stability data. The flight test team must
plan and execute the tests in a manner that minimizes these uncertainties to the maximum
extent possible. The separation of the two curves resembles the hysteresis loop common
in almost any physical system when precise measurements are made. The circles indi-
cate data taken when the pilot was moving the controller aft and the squares represent
stick movement in the opposite direction. If care had not been taken to keep the controller
moving in the same direction at all times, the data points would be scattered between the
two curves.

6.2.2 Stabilized Method

One flight test method for obtaining longitudinal static stability is to fly a series of stabi-
lized airspeeds above and below the trim airspeed and measure the appropriate control
parameters. As in all the techniques, the trim conditions must be established carefully and
care must exercised to insure that the stick force, control surface, and control tab meas-
urements are made with the surfaces on one side or the other of the friction band for any
points to be joined as a continuous curve. The stabilized method is based on use of the
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longitudinal control to vary airspeed at constant power setting and most of all at constant
trim setting. Once the trim conditions are established and recorded, the longitudinal con-
trol alone is used to slow down or speed up to predetermined airspeed points. Altitude is
obviously not constant, but should be controlled within a specified band, usually no more
than £1000 feet from the trim condition. For military requirements, this variation of air-
speed about the trim condition should be set to cover a range of £+15% or £50 KEAS,
whichever is less. A good rule of thumb is to plan for at least three points (preferably
more) at speeds equally spaced above and below the trim airspeed. As the speed is sta-
bilized at each of these airspeeds, care must be exercised to have the stick on one or the
other sides of the hysteresis loop sketched in Fig. 6.17. Generally, it is easiest for the pilot
to accomplish this rather delicate task by attempting to keep the control stick moving for-
ward as speed is increased and aft as the speed is decreased.

Example 6.1: A light twin general aviation airplane was tested for static longitudinal stability at two cg lo-
cations. The stabilized technique was used, resulting in the data give in the table below.

Stabilized Static Longitudinal Stability Data

xg = 2.3 feet aft of datum XQE = 2.75 feet aft of datum
CL 3¢ Cp 34
0.25 0.5 07 0.36
0.61 -2.3 0.6 0.64
0.81 -3.4 0.5 1.07
1.03 -4.5 04 1.34
€ =11.0 feet Vy =0.42

Find the stick-fixed static margin when the cg is 1.98 feet aft of the datum and the elevator angle required
for trim with C; = 0.63. Calculate c,_5° for the horizontal if Cp,) =0.04. What is the position of the stick-

fixed neutral point?
Plotting the data given in the table above:

4.0

"02 04 06 08 10 12 14

A least squares curve it of these two lines gives slopes of -5.14889 and -0.28423. Notice that the in-
tercepts of these two lines will never be identical, simply because no measurements are perfect. A simple
average is usually a reasonable approximation. Clearly, it would be preferable to have measurements at
more than two cg locations. The desirability of having multiple measurements is illustrated in the plot below
of these two straight lines. This plot, using the slopes of the two lines versus Xcg (utilizing our assumed
linear relationship), illustrates how the neutral point is obtained. Notice that these fictitious data indicate
the airplane was flown very near a neutrally stable condition, which is very unlikely! Instead, the flight test
engineer usually must extrapolate more than is shown here to find the neutral point. The need for this ex-
trapolation makes it imperative that data be collected for several cg locations, rather than just two.
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A straight line is obtained by connecting these two siopes on a plot of elevator angle with change in CL
(could also be elevator angle change with angle of attack) as shown above. Solving this expression when

Do

ac, = 0 0ives us the neutral point location: X0p_ _ 02625 or xmp =2.777 feet aft of datum
100, : : : ,
3 . . . Neutrsl Point -
] : : CO2TTTR | .
001 . Inferceptfor—~ - }ﬁ—
| xgetgsnany
7Y S s A S N B
ade ] P LA :
aC ] ‘ e i
L'2°-o“"":",'/’:“":'""; ......
p ’-/ . . "
1.0
-30.0 — Intercept ;- --1- .-l
: -29.96158° - '
400 +— ;

05 10 15 20 25 30
Xeg - foet aft of datum

For the third cg location, we calculate % = -8.60109 from our straight line average of the intercepts for
L

the tabulated data on the previous page. The average intercept of the two plotted lines is 0.80067, giving
5, = - 8.60109C, + 0.60067 for the given xg. With C; =0.63 l%, =-7.80° and S.M.=0.0725

X X
The stick-fixed static margin is calculated using — - —- = 0.24679 - 0.180 . Recognizing that the in-
[ (]

C
tercept in the above calculation should be a reasonable approximation for - cm" , we get

M5.
0.04
Cmey * = 530067 Cur,, = -0.0499
6.2.3 Slow Acceleration/Deceleration Method

This test method is perhaps the one most commonly used to collect static longitudinal
stability data because it is very efficient. A large amount of data can be collected in a
short time and it is particularly useful for large airspeed envelopes. It is not quite as accu-
rate as the stabilized method, since absolute equilibrium is never attained. Generally
though, if the acceleration/deceleration rates are limited to no more than 2 knots/second,
the data is entirely adequate for most purposes. An automatic recording scheme is abso-
lutely necessary, preferably one from which the data can be acquired and formatted di-
rectly into data files for further reduction on a computer.

As is the case for all stability and control flight tests, the first step in performing a slow
acceleration/deceleration is to trim carefully. The importance of this step cannot be over-
emphasized; the airplane must be trimmed precisely at this equilibrium condition because
this point is the only one where a true equilibrium is attained in this method. The pilot or
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test engineer should activate the data recording system to automatically record the trim
conditions.

Figure 6.18 shows how data from a slow acceleration/deceleration should look after
reduction and plotting. Leave the data recorder running and mark the point where a
smooth acceleration or deceleration is begun. Apply smooth control inputs throughout the
acceleration/deceleration. Power (or thrust) for level flight should be noted during the trim
shot. Use as small a change as possible from this trim power setting to accomplish the
acceleration or deceleration. About 5% change in power usually avoids large changes in
pitching moment with power. The longitudinal trim should not be changed throughout the
maneuver. Continue the acceleration or deceleration to the appropriate end of the air-
speed range and then reverse the sense of the rate of change of the longitudinal control
force. It is important that this reversal occur only at the extremes of the airspeed range;
otherwise, the hysteresis effects pointed out in paragraph 6.2.1.2 will inject considerable
uncertainty in the data. Continue the acceleration or deceleration to the other end of the
airspeed range and again reverse the force rate of change. The maneuver should be
completed by coming back to the original trim condition and again recording the trim shot.
The advantages of using an automated data formatting and reduction scheme should be
obvious from the number of data points shown for this one maneuver.

Fs A LBs

| 18S
15 - pysH

Fig. 6.18 Slow Acceleration/ Deceleration Data

6.2.4 Power Acceleration/Deceleration Method

This technique is identical to the slow acceleration/deceleration method except that
larger power changes (up to maximum power or back to idle) are used to accelerate and
decelerate and altitude is maintained approximately constant. This procedure can only be
used with configurations for which the change in pitching moment with power setting is
negligible. An automatic recording device is again essential. Like the previous method,
equilibrium is attained only at the initial trim condition and the rate of acceleration or decel-
eration is constantly changing.

As usual, start with a careful trim shot. Smoothly set the throttle, allowing the recorder
to run continuously. Mark the minimum speed and the top of the speed range. Reset the
throttle and reverse the direction of the force change and continue the maneuver to the
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opposite end of the speed range. It may be desirable to shut off the recording device
while making these changes outside the data range and then restarting the recorder be-
fore the data band. The same care must be taken to avoid reversing control forces, as
mentioned before. Upon reaching the other end of the speed range, reset the power and
reverse the rate of change of stick force until reaching the equilibrium point. Constant
pressure altitude should be maintained as nearly as possible by flying a slight climb or de-
scent appropriate for the position error correction of the test airplane.

10 5 Vp  +5 +10 +15 (knots)

[Ssrmcron]
Y N 7&} -
// UNSATISFACTORY |
17 T

Fig. 6.19 Flight-Path Stability Limits

6.2.5 Flight-Path Stability Method

The technique to measure flight-path stability (applicable to power approach configura-
tions) is a specialization of the stabilized method. Figure 6.19 is a sketch of allowable lim-
its. After setting gear and flaps, the airplane is trimmed in a normal glide path for a power-
on approach at Vg, .. the normal final approach speed. The airspeeds for this condition
over a range of weights are calculated by the flight test engineer during preflight planning
along with anticipated rates of descent for a 3° glide path. Trimming must be precise,
even though the configuration and airspeed combination make trimming difficult. The trim
condition should be set up at a predetermined nominal altitude. Once the configuration
and the rate of descent are selected for the test weight, the pilot climbs approximately
2000 feet above the nominal altitude and starts the maneuver by setting the power to give
the desired rate of descent with a tolerance of no more than £100 fpm. Altitude, airspeed,
and rate of descent are recorded as soon as they stabilize. The nose of the aircraft is then
raised to smoothly reduce the airspeed about 5 knots. Altitude, airspeed, and rate of de-
scent are again recorded with airspeed is stabilized 5 knots below V.. Airspeed control
within 1/2 knot is essential for good data. This procedure is repeated for Vo .. - 10, Vo .,
+5, and for V. again. At least four points are required to define the slope at V.. and
Vo, - 5 knots for MIL-F-8785C. These data must be obtained as quickly as possible to
minimize altitude loss; more than 4000 feet of change in altitude leads to inaccurate thrust
corrections. Repeating Vp,,, as the last point provides a reference for correcting even
hand-recorded data.

Example 6.2 The data in the table below were collected on a standard day to measure the flight path sta-

bility of a jet trainer. Does the airplane meet the level 1 criteria of MIL-F-8785C? Carefully plot the curve
and show the slopes used to make this determination. Vomh = 146 knots (TAS) for the test weight.
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Flight Path Stability Example Data

Calibrated Airspeed (knots) Rate of Descent (fpm) Pressure Altitude (feet)
130 1000 11,000
126 980 10,700
124 900 10,400
120 800 10,200
136 750 9,550
130 ) 800 9,100

Flight Path Stability Calculated Performance

Calibrated Air- | Pressure Al- | Density True Air- Corrected Rate | Flight Path An-

speed (knots) | titude (feet) Ratio | speed (knots) | of Descent (fpm) gle (degrees)
130 11,000 0.7155 163.68 1000.0 -3.6816
126 10,700 0.7224 148.25 1001.2 -3.8610
124 10,400 0.7292 145.21 963.2 -3.7531
120 10,200 0.7338 140.08 884.2 -3.5713
136 9,550 0.7490 157.15 902.6 -3.2494
130 9,100 0.75%6 149.16 1000.0 3.7934

The first step is to find the density ratio for each of the pressure altitudes at which data were hand re-
corded. using eqn. 2.7a, we can calculate density ratios for each of the pressure altitudes listed above in
the data table. Then, the equivalent airspeed could be calculated using the expression that generated Fig.
2.4 (see page 13). In fact Fig. 2.4 shows clearly that V, ~ V4 (or, at least, AV y <1.0) for the altitudes

where the data were taken. Using this approximation, the true airspeed becomes V/_ = ﬁ_ x !ci Hav-

Jo Vo

ing this true airspeed estimate allows 4,00
calculation of the flightpath angle from E
the indicated vertical velocity:

siny = 5"_ where both velocities must
@
be in the same units of course. Moreo-
ver, the vertical velocities recorded from
the vertical velocity indicator must be
corrected for changes in engine thrust
over the 1900 feet of altitude spanned in
the descents. ( That )2 is,
71,000 — hjpy J200

Wearsons *Wind +——1g05
Then, the definition of flight path angle
(given above) is used to caiculate the
flight path angle for each of the test 140
points. Notice that each of these angles
is negative, which is consistent with the descent that is typical for both a normal landing approach and the
way the data were taken. The results of the calculations described above are summarized in the table on
the previous page.

Finally, plotting the calculated flight path angles versus true airspeed and fitting a second-order curve
to the data, we obtain the plot above.

As was discussed in section 6.1.3.2, the slope at point 1 must be less than 0.06 °/knot and the differ-
ence between the slopes at points 1 and 2 must be less than or equal to 0.05 °/knot to satisfy Level 1 han-
dling qualities for flight path stability. Taking the second-order polynomial least squares curve fit shown
above as a reasonable fairing for the very few measurements taken, the equation for v is:

5 & 8§

S
JESTARESTIIARNSANENE]

Descent Angle (~Y) -- Degrees

[N
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Y= -0.00562286V % +1.65626V ~118.127

Taking the derivative with respect to V to get the required slopes, -g";—=-o.o1124572v +1.65626, the
slope at the recommended true airspeed for final approach (146 knots) is: 0.014385 °/knot, which meets
the first part of the requirement. The slope at Vo,,,,, -5 knots (141 knots) is: 0.076135 °/knot. Subtracting
we find the necessary difference in slopes is 0.05623 °/knot, which does not meet the requirement.

6.3 SUMMARY

This chapter introduced stability and control flight test techniques used to evaluate the
static longitudinal stability of an airplane. The theoretical concepts of stick-fixed and stick-
free neutral points were reviewed and this background will be built upon in succeeding
chapters. The importance of the pilot's perception of engineering measurements was em-
phasized throughout. How elevator control surface deflections and trim tab deflections
can be utilized as a measure of stick-fixed and stick-free static longitudinal stability was
explained in some detail. Speed stability, defined in MIL-F-8785C, was related to the neu-
tral point concept for airplanes not affected by compressibility or Mach number effects.
Flight-path stability was introduced as a specialized, but important type of stability, to be
measured. The importance of trim techniques, friction and breakout forces, and piloting
precision for stability and control measurements was emphasized. Finally, the stabilized,
the siow acceleration/deceleration, and the power acceleration/deceleration methods were
introduced. With this basic introduction to stability flight testing, the student should be
ready to proceed to more difficult tasks.
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Chapter 7
LONGITUDINAL MANEUVERABILITY TESTS

in Chapter 6 we discussed longitudinal static stability strictly in terms of unaccelerated,
equilibrium conditions. Now we need to consider how to test an airplane under conditions
in which the flight path is curved by either banking the wings or performing a wings-level
pull-up or pushover. In either of these cases the vehicle's center of gravity will be acceler-
ated by the force imbalance. Obviously, static longitudinal maneuvering tests are related
to turning performance tests, but the purposes are entirely different and the techniques are
quite different. The concepts of stick-fixed and stick-free maneuver points, which are very
much kin to stick-fixed and stick-free neutral points, are reviewed and flight test tech-
niques for determining maneuvering characteristics are discussed.

7.1 THEORETICAL FOUNDATIONS

Longitudinal maneuvering stability is concerned with disturbances in angle of attack
and load factor, but not speed. In other words, the subject matter in this chapter will con-
centrate on load factor as the parameter of primary interest and ignore speed changes in
contrast to Chapter 6 where load factor was always one. Parallel to the development of
stick-fixed neutral point concepts with respect to elevator deflection, stick-fixed maneuver-
ing stability concepts will be based on elevator angle deflections. Similarly, the stick-free
maneuver point will be studied through the changes in stick force experienced by the pilot.
These ideas lead to the following figures of merit:

& Elevator angle per g (stick-fixed maneuvering)................coooeeenene ég.e_
& Stick force per g (stick-free maneuvering).............c.cocoeurinneniicnne égﬁs-

To begin our study of accelerated flight, let us consider one of the simplest
cases, a wings-level puli-up.

ACm =Crmgt +Crmg, ABg + aac:,

Aq 7.1

(a) Straight and Level Trim Condition (b) Wings Level Pull-up
L=w (L = nW)

Fig. 7.1 Differences Between Level, Unaccelerated Flight and a Wings-Level Pull-up
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7.1.1 Steady, Wings-Level Pull-up

Consider an airplane that has been trimmed for level flight at a given true airspeed.
Assume that it is climbed and then dived without altering the power setting (changing both
the altitude and airspeed) and then a pull-up is initiated using the elevator alone. Instan-
taneously, the airplane will pass through the level flight timmed (equilibrium) condition
during the maneuver and if care is taken this condition can be attained at the original alti-
tude. As suggested in Fig. 7.1, both angle of attack and load factor will be greater in the
accelerated maneuver than in level flight. Lift coefficient will increase and there will be a
positive pitch rate generated. These changes in angle of attack and in pitch rate cause a
change in pitching moment coefficient compared to the original level flight equilibrium.
Hinge moments for the control surface are also affected; that is, both C, and Cy, are
functions of a, 8¢, and q. Notice that g is pitch rate, not dynamic pressure. To avoid con-
fusion, dynamic pressure is denoted by g in this book.

Considering pitch rate an instantaneous source of centrifugal acceleration (that is, at
any instant of time, the flight path can be approximated by a circular arc) and using New-
ton's second law relates pitch rate to normal load factor and true airspeed as follows:
q-L-18 (7-2)

K
This pitch rate contributes to the total pitching moment experienced by the airplane by ef-
fectively increasing the angle of attack at the horizontal tail or the canard. (For simplicity,
we will consider only conventional tail-aft configurations in this introductory course.) Fig-
ure 7.2 illustrates how the angle of attack at the horizontal tail is affected by the airplane's
pitch rate.

I‘ ) b ’l Horizontal Tail
q

Airplane c¢.g.

Velocity component
due to pitch rate g

Fig. 7.2 Effective Increase in Horizontal Tail Angle of Attack Due to Pitch Rate

7.1.1.1 Elevator Angle per G. Following Etkin's approach! with minor modifications,
we can derive the first of our measures of merit. The pitching moment increment due to
the pitch rate in curvilinear flight depends on changes in angle of attack, elevator position,
and pitch rate. [f the total pitching moment coefficient can be considered a linear combina-
tion of contributions due to each of these variables suggested in egn. 7.1. The increment
of Cp, due to the pitch rate during-a wings-level pull-up that has negligible angular ac-
celeration (this restriction implies a nearly circular path) can be written as:
AC, = C,,,u Aa+a%"Aq+Cm5. Adg
With our assumption of a near circular path, the pitching moment increment due to rotation
is 0, just as it is in straight and level flight equilibrium condition. Then,
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Cm, Aa+ a—C""—Aq
ABg = %q (7.3)

CMo.
The increment in angle of attack due to pitch rate can be related to the increment in lift
coefficient necessary to sustain the maneuver.

AL (n-1
ACL =-6—§=£__$—s-—w—=(n—1p‘_tn.m
where CLtim = the lift coefficient in straight and level flight at the given speed
and altitude.
The change in angle of attack is then given by:
Au = AC, 'CLb. Adg
CL

oL

Substituting this expression for Ao and eqn. 7.1 for g,

Cm laCcL -Cy, As,)+ o , Cnm, k-1, - C,, A% +Em (-1

CLu oq CL.l oq Vo
ms. m&.
which simplifies to:
8Cm (n-1)g
CpCL. +—-MmF %
ASg _ My ™~ Lim 8q Vo

n-1" C.Cm, —Cm,Cu,

X
)

while recalling that

Cup = w , and defining the relative mass parameter as 1= —p—z—';c: the expression for

gqs
elevator angle per g becomes:
X X Cm
c, |Z9_"mwi, ¢ .
. CLa L"""(E 6)+ 2’4 (74)
n-1 c,_ac,,,s. - C,,,GCLG.

7.1.1.2 Stick-Fixed Maneuver Point. Paralleling our previous definition of stick-fixed
neutral point, we now define the stick-fixed maneuver point as the airplane center of
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gravity position for which elevator angle per g vanishes. Mathematically, we set eqn. 7.4
to 0 and define x,, as the stick-fixed maneuver point:

me an Cmq
0=C L C_|—-—
L ( c c )+ 2n

X X X C
which is solved for — P to give: —T2. =P _ "M (__1 (7.5)
5 c ¢ 2u|C Gy,

Of course, :8"’1 can be rewritten with this expression for stick-fixed maneuver point:

X X
c C —;‘i——i’_'—‘l)
Mo __ - Lm( c ¢ (7.6)
n_1 CLquS. “CmaCLs.

The quantity in parentheses suggests another margin analogous to the stability margin
in Chapter 6 (page 121). The stick-fixed maneuver margin is a measure of aircraft ma-
neuverability and is defined as:

X X,
MM="TP_"9 7.7
C C

a5, 4
an

Fig. 7.3 Stick-Fixed Neutral and Maneuver Points

Typically, the stick-fixed maneuver point is about 0.06¢ behind the stick-fixed neutral
point for a conventional tail-aft airplane!. Considering the definition of the relative mass
parameter,

2m Z(W/s)

H= == = (7.8)
PSC  PogC

it is clear that as either altitude or wing loading increases, p increases. Equations 7.5 and
7.8 imply that either of these changes causes the maneuver point to move closer to the
neutral point. Taken as a whole, a large airplane with a large tail and long tail moment
arm, having a low wing loading, and flying at sea level will lead to the greatest difference
between the stick-fixed neutral point and the stick-fixed maneuver point. Said another

e e
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way, large transport airplanes tend to be more sluggish than fighter airplanes and they are
hardest to maneuver at sea level. Figure 7.3 illustrates the relative positions of the two
stick-fixed points. Notice also that the elevator angle required to maintain a constant load
factor increment in the pull-up does not reverse sign until the cg moves aft of the maneu-
ver point, that is, the airplane can be maneuvered even though it is statically unstable. Of
course, this statement does not take into account the dynamics involved and should not
be construed to suggest that one should always design for this condition. [t does, how-
ever, suggest one of the reasons that relaxed static stability has become an attractive al-
ternative for high performance airplanes.

7.1.1.3 Stick Force per G. In Chapter 6 we leamed that stick force is proportional to
the elevator hinge moment. It is natural to infer that the increment of stick force necessary
to maintain an increment in load factor in a wings-level pull-up is also proportional to the
increment in hinge moment.

AFg = GGS¢CeCh,
Still considering conventional tail-aft tail configurations only, the contribution of pitch
rate to local angle of attack at the horizontal tail is illustrated in Fig. 7.2. The angle 0 is

defined by the ratio of the velocity component due to rotation to the velocity component
due to translation.

tand = gf%gw—"" or, for small changes in angle of attack

- J

0w %elin radians (7.9

o0

Then the total increment in angle of attack at the horizontal tail is due to both the incre-
ment in wing angle of attack required to provide the necessary additional lift and the in-
crement in angle of attack due to pitch rotation at the tail.

e
Aag = Aay|T-—|+0
t w( aa)

ACL (n-1W (n-1)g
But Aoy = ——, AC| =-"—— ,and g =
ow=g =T T

Then Aoy =(n- 1{%%(1 - %) + gé,‘-]

By assuming that Aay, = écg’-— , we neglect any contribution to C; due to elevator de-
L,

flection. This assumption is equivalent to taking C & 0 for this maneuver. Recalling
eqn. 7.4 with this assumption incorporated,

Xeg Xmp
2 C’-m(_c:"‘%’—
- 31 = C and the incremental change in elevator hinge moment is:
- ms,
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ACh, = Cp, A(lt"‘ Ch Ase

It foliows that the change in hinge moment per g is obtained by using the definition of
Cl i, @nd the facts that

L,m,poo __
V2 o and Cm,,. = -8,V to get
o Xeg xmp
= + —_—
— 2
n-1 Ce, Vi Cm,.

or

ACh, Cha,CL,,,,,, { Ch aeVH( S CLQZ, ,Xog _Xmp
n-1" agWy Lc,,sc,_a( o ) e &

(7.10)

Turning our attention to stick-free conditions, we compared the stick-fixed and stick-free
neutral points in eqn. 6.14

an an (1 FW Lu, (1_§)

c Hn CL oo
. Chﬂ.t ae
where Vj; =~ V. and the free elevator factor is defined as F =7-
n CLquLG,
Then, xf’_p - Xfp =Vy CL“‘ (1 - g.e_)_chi_a_e_
(o] c Cl__‘l \ do CLW CL&.

which, when substituted into egn. 7.10, leads to:

(7.11)

YT T

n- 1 aeVH LC E .CI_ql k c

Next, we consider the tail contribution to the damping in pitch in order to eliminate the
Xmp term from eqn. 7.11. This increment in pitching moment is by far the most important
contnbutlon to the damping in pitch, usually at least 90% of the total Cm 1. This increment
in pitching moment is given by:

VHCL, a4t
Voo

Vo

ACq =-VyACy, =- which implies that (agq”’) == and
t

o (VeYoCm) _ Wl !
My ~\ & aq ), 3
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Since the tail contribution is such a large part of Cp,,, we will simply allow for the wing
and body contributions to this damping derivative through K, where K is on the order of
1.1, and write the damping in pitch for the complete airplane configuration as

K 2VHCL,,, £,
Cmy =——5— (7.12)
X K2vyC, ¢
Substituting eqn. 7.12 into eqn. 7.5 and solving: x'gp = g" + "ot (7.13)
Returning to equation 7.10, substituting for xmp and using Ch"‘ = CL“‘
e ' Cry, 2 -1)’

AC Ch, CL,. X,

he _ ~hs Lm{xiy_ " (K+F-1 aeft_VH... (7.14)
n-1  agVy L ¢ ©¢© ne

The inaehent in stick force that the pilot must apply to generate the wings-level pull-
up we have been analyzing is related to the required change in hinge moment through the
gearing ratio G.

AFs = ACh’GCTSece

Rearranging eqn. 7.12 and substituting ACj, into the expression for stick force

Ay - [Ch,Clum { Xcg _Xnp A
_GqS,ce( 7 I‘_’ = +(K+F-1 " (7.15)

n-1

This expression is one form of a stick force per g expression. However, we can simplify
the form somewhat by developing the concept of a maneuver point to include a stick-free
case analogous to the neutral point definitions.

7.1.1.4 Stick-Free Maneuver Point. The stick-free maneuver point is defined as
the airplane center of gravity position for which the stick force per g vanishes. In pilot
terms, it is that cg position at which zero stick force is required to pull up at any normal ac-
celeration. Using the definition of C; ., again, eqn. 7.15 reduces to

we '
Afs _ GSec,( e Ix"" - xg" +(K+F -1(3%%!“—)]

Then, the stick-free maneuver point x'mp comes from

Zmp LT’-+(K+F—1(MYJ'-) (7.16)
c c ue

Equation 7.16 lets us write stick force per g in terms of the stick-free maneuver point.




148 Longitudinal Maneuverability Tests Chapter 7

AFs C"G Xcg X;"P
—~2=GW/ 2 - 7.17
n-1 &l S)Sece(aev,., I c 717

Recognizing that :Fs1 is an approximate form of stick force per g (strictly speaking, stick

force per g is the gradient %); thus, in the limit:

oFs _ Chs, Xog Xmp
= G(W/S)Sece[aevH ]( = " J (7.18)
As we did with the stick-fixed maneuver point, et us close this section with a summary
of the physical meaning of these results. First, the preceding analysis is based entirely on
a steady state load factor being maintained throughout a wings-ievel pull-up. The equa-
tions shed no light on transient conditions between the initiation of the pull-up and the time
that the steady state trajectory is reached. Furthermore, if the stick force per g or the ele-
vator angle per g is measured in tuming flight, the equations must be altered as we will
see in the next section. Having reminded you of these limitations, we note:
¢ Stick force per g varies linearly with cg position and is negative for xgg > xpp" it
must be emphasized that this statement has nothing to do with stick travel per g,
only stick force per g. Stick travel per g is related to stick-fixed conditions.
¢ Stick force per g varies directly with wing loading and directly as the "volume”
(Sc) of the airplane. High wing loading airplanes like the F-15 require more force
to move the controls and almost always use an irreversible control system to help
the pilot. Large transport or cargo airplanes with large control surfaces also re-
quire a mechanical advantage of some type to fly with acceptable pilot forces
while maneuvering.
¢ In the absence of Mach number and Reynolds number effects, stick force per g is
independent of speed. This resuit shows up in that eqn. 7.18 contains no speed
or speed dependent term other than Cha, . Of course, this derivative, like most

other stability derivatives, is strongly dependent upon Mach number.

¢ The relative mass parameter affects the relative distance between the stick-free
neutral and maneuver points in just the same ways (altitude, size, and wing load-
ing) as it did the difference between the stick-fixed neutral and maneuver points
(see section 7.1.2).

7.1.2 Turns

As noted above, the theory developed so far does not properly account for the pitch
rate contribution to either elevator angle per g or stick force per g in tuming flight. Col-
lecting maneuvering stability data in a turn can be a much less time-consuming process
than collecting data with a series of wings-level pull-ups. Since time, especially flight test
time, is money, the well-informed flight test engineer must understand the differences in
maneuvering flight test measurements taken with both test methods. There are two types
of turns ordinarily used to collect maneuvering stability information: (1) a steady level turmn



Chapter 7 Longitudinal Maneuverability Tests 149

and (2) a windup tum. A steady level tum implies a constant load factor, constant altitude,
and constant true airspeed. A windup tum is a dynamic maneuver in which a constant
load factor is maintained as airspeed is allowed to decrease until some limiting condition is
reached.

Consider the forces acting during a constant altitude, constant airspeed tumn as
sketched in Fig. 7.4. Dividing the vertical component of lift by its horizontal component:

w
Fig. 7.4. Load Factor in a Tumn
Leos®_gr . Vo glan®
Lsin ® 2 r Vo

where Q is the angular velocity about the local vertical axis. The components of Q can be
resolved as shown in Fig. 7.4. Notice that in a steady level tumn, there is a component of
Q about the y body-axis and a component about the z body axis. We are interested in the
pitch rate g, which is the component about the y-axis.

. gsin2® g(1—oos2¢g) g ( 1 J g( 1)
=Qsin®= = = e - sd):—— ——
9 n Vocos ® Vi,cos® Vi, \cos @ co Vy n n

Taking equilibrium (trim) as a steady level tum at ng

PSR - (PO A X (S
9-% Vco(n n) Voo(no nO)

Simplifying, q = Vg-(n —no)f+nny). Recalling eqn. 7.3 and modifying it slightly to fit level

o0

tum dynamics, Ajg =-————=—————, and also modifying the expression for the incre-

mental angle of attack in a similar fashion for the change in load factor to go with the pitch
(n-n0)C,,, —Cs, ABe
Ci,
We can now express the increment of elevator deflection required to maintain the
pitch rate in the level tum.

rate in the turn, Aa. =
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Collecting terms that do not have the factor (n - ng) on the left side and those that do on

the right side and solving for A%e
n-np
cg
Cm CL. +CL Cp. ——(1+nng)
Asg _ " Foam ™ e ™Mse y/2
n- no Cmu CLS. - CLn. Cm8°
- Adg 8¢ . " .
If we take the limit as n —» np, —n - n Using the definitions of the relative mass
—Np

parameterand C; . .

cg pooSCLm 1
aﬁe _ Cmu CLtnm + CLu Cmq —'4—W‘—-“"(1 + —n—2—J

on Cm,C,, ~Ct,Cnm,,

Xog X
Then, using Cpp_ =Cp_ (-_é’g- -%] to simplify the expression slightly,

1
Cm |1+—
Xog _ﬁ’£+L"2)

CL.Clym| &

¢c ¢ 2n (7.19)

Be _
an Cma CLE. - CLﬂ Cma.
Setting eqn. 7.19 to zero to solve for the stick-fixed maneuver point gives
Cm (1 + LJ
Xmp | Xnp "\ _n? (7.20)
c c 2 )

Equation 7.20 clearly shows that the difference between measuring the maneuver

points in a turn and in a wings-leve! pull-up is a factor of 7+ —12— This difference shows up
n

in each of the maneuver points with no change in the rest of the form for the rest of the

equations. Obviously, as n gets large, each pair of measurements is approximately equal.

Johnson3 has provided a comparison of data for the two types of maneuvers as sketched

in Fig. 7.5 (next page). Notice that as n gets larger, the slopes of the two curves become

nearly identical, precisely what the theory predicted.
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Steady

Symmetric
Turns

Pullups

Difference in
slopes comes
from the additional

4 damping term pro-
\ portional to
u? 1+ n—12-

Difference in Fs

is due to the damp-
ing term being pro-
portional to 1 +

1
n
] | ! { | [
1 2 3 4 5 6

Normal Acceleration - n
Fig. 7.8 Variation of Control Forces in Different Test Maneuvers

7.2 LONGITUDINAL MANEUVERABILITY TEST METHODS

It is the flight test engineer's responsibility to prepare a matrix of test conditions (air-
speeds, airplane configurations, power settings, altitudes, and the like) the test team will
use to collect maneuvering flight data. Typically, this matrix will be decided well in ad-
vance of the actual flights, perhaps even in the master plan agreed upon before the first
fight. One of his primary concems will be how to reduce the size of the matrix and still
adequately define the handling characteristics of the vehicle. Obviously, the contractual
specifications and the FAR requirements that must be demonstrated will guide this plan-
ning process. A brief discussion of the techniques used in fying each maneuver will also
be of assistance in test planning.

In each of the test methods, as in all stability and control testing, careful trimming of
the airplane to specified speed and altitude is absolutely essential to obtaining good data.
The pilot should be held to very close tolerances on trim conditions if precise measure-
ments of angular position and control forces are to be made.

7.21 Symmetric Pull-up Method

The objective in this maneuver is to establish a steady load factor as early in the ma-
neuver as possible and maintain it as the airplane pitches through the horizontal. The
data recorded includes indicated airspeed, normal acceleration, elevator position, and ap-
plied stick force. Automatic recording is almost essential because the pilot must try to
achieve the nominal test conditions (airspeed, altitude, and constant acceleration) with the
longitudinal reference axis as nearly horizontal as possible. Figure 7.6 illustrates good and
bad data runs for a wings-level pull-up.

This test method is very time-consuming and the piloting technique requires practice,
skill at estimating speed decay, and aggressive maneuvering to arrive at the required test
conditions without delay. After trimming the airplane in level flight at the desired conditions
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and recording these trim conditions on the data record, a climb is made to start the ma-
neuver 200 to 500 feet above the test altitude at some airspeed slower than the trim air-
speed. Power is set and a dive angle selected that will accelerate the airplane back to the
trim airspeed just before reaching the trim altitude. Ideally the pull-up would be initiated
and the normal acceleration established so that the aim load factor, airspeed, and altitude
all occur just as the airplane is pitching through leve! flight. As Fig. 7.6 shows, it is ideal to
have the g onset be smooth and rapid with no overshoot and for the load factor to remain
constant until the control input is released. A common error is sketched in the right part of
Fig. 7.6 where the load factor has been allowed to decrease as the airspeed decayed.
Getting an ideal data trace may take several practice runs to iterate and find the right
starting airspeed, altitude, and dive angle combination. It is also very helpful to have a
real-time data display with at least normal acceleration and indicated airspeed so that data
points which need to be repeated can be identified before trim conditions are changed. In
judging quality of a data point, the following conditions are important:

& Load factor must be constant (zero slope) at the instant data are read.

& Stick forces must be constant.

4 Trim must be set carefully and recorded to insure that equilibrium stick

forces are measured precisely.

ALTITUDE + 1000 ft

AR IR

A

.9=0 e=0

GOOD MANEUVER ! POOR MANEUVER
Fig. 7.6 Examples of Good and Bad Wings-Level Pull-up Data

In sum, the wings-level pull-up is an accurate, though not very time-efficient, method
for collecting longitudinal maneuvering stability information. Now, let us consider alterna-
tive test methods.

7.2.2 Steady Turn

7.2.2.1 Stabilized Load Factor. Trimming carefully and recording the equilibrium
data are just as important for this tuming maneuver as for the wings-level pull-up. After
trim conditions are recorded, a climb is made up to about 2000 feet above the test altitude
and then the airplane is banked to a fixed angle while maintaining the selected load factor
and airspeed precisely. Speed is maintained by carefully adjusting pitch attitude and
climbing or descending as necessary. Both airspeed and load factor must be maintained
precisely. (Typical limits for acceptable variations during the maneuver are +1 knot and
+0.1g for bank angles up to 30° and +2 knots and $0.1g up to about 60°.) The need for
such precision demands that the pilot have sensitive accelerometers and sensitive air-
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speed indicators in the cockpit for continuous references. All data should be collected
within @ maximum altitude band of 2000 feet from the trim altitude.

When a bank angle of 60° is reached, the usual technique is to maintain a constant
bank angle while attempting to step up through the load factor range in 0.5g increments.
As for the lower bank angles, airspeed is maintained constant by adjusting the pitch atti-
tude. To stabilize at each of these increments of load factor becomes increasingly more
difficult as load factor increases because the load factor goes up exponentially with bank
angle. Consequently, this technique is largely applicable for configurations where the limit
load factor is not much greater than 2. Transport/cargo airplanes and other airplanes in
the power approach configuration allow the use of the stabilized g steady tum.

7.2.2.2 Slowly Varying Load Factor. This variation of the steady tum is most ap-
propriate for highly maneuverable airplanes with limit load factors greater than 4 and per-
mits a more economical data collection at the high load factors. It is often combined with
the stabilized g method.

After the usual careful trim shot is recorded at the nominal test altitude, the working
data band is again chosen. Typically, a band of 42000 feet is used for this method as well.
The airplane is slowly rolied into a continuously increasing bank while the load factor is si-
multaneously increased. The rate of onset of g is held at 0.1g/second or less and indi-
cated airspeed is maintained as closely as possible (1 knot is desired). Care must be
exercised to avoid reversing the stick forces during this dynamic maneuver, otherwise, the
friction and breakout force deadband will make it very difficult to interpret the data. It will
usually be necessary to "piece together” the data since it is rare to obtain the complete
range of load factors without descending outside the +2000 feet allowed for data collec-
tion. Using the stabilized g method up to about 60° bank angle and then switching to the
slowly varying g method is the most common way to collect maneuvering flight test data
for fighter and trainer airplanes.

7.2.3 Windup Tum

This method is sometimes called the constant g method since the primary goal of the
pilot is to maintain a constant load factor. In this case the trim conditions are chosen close
to the maximum speed for the test. Since the maneuver is certainly a dynamic flight con-
dition, you do not have to insist on trimming exactly on aim airspeed. However, the trim
state should be recorded before taking data and there must be no compromise that the
equilibrium was stable for at least 10 seconds with hands off.

After the trim condition has been established and recorded the airplane is placed in a
turn at some constant load factor and the data recorder is started. Pitch attitude is ad-
justed to climb or dive the airplane and maintain a 2 to 5 knots/second rate of airspeed
decay. Typically, a slight climb will be required to maintain this airspeed decay rate at
small bank angles and a descent will be needed as the bank angle increases. Data
should only be coliected within the +2000 feet specified for all maneuvering flight tests.
Maintaining the load factor constant (not necessarily exactly at the selected nominal load
factor) during the maneuver is absolutely essential to acquire repeatable maneuvering
flight data. Frequently, it will be necessary to discontinue taking data because the altitude
tolerance from the trim altitude has been exceeded. The pilot should note the airspeed
departing the altitude band and the next segment of data should be started at an airspeed




164 Longitudinal Maneuverability Tests Chapter 7

slightly above this airspeed once the airplane has been climbed back into the allowable
altitude band. This procedure will allow the engineer to reduce the data with a check on
the continuity of the data. Airspeed records should also be marked where at the onset of
buffet and when the constant load factor can no longer be maintained (often called the "g-
break”). Windup tumns can then be repeated at the same trim conditions for increasing in-
crements of load factor. Typically, 0.5g increments are used at higher altitudes and about
1g increments are used at low altitudes. The exact values of load factor are not important;
it is important that a constant load factor be maintained throughout any given windup tum
and that the entire range of allowable range of load factors is covered. As in all fiight test-
ing, care must be taken to avoid exceeding established limits, especially when the flight
envelope is being explored for the first time. Maneuvering flight tests, especially windup
tumns, are particularly susceptible to inadvertently overstressing the vehicle. Figures 7.7
and 7.8 show windup turn data2; these plots illustrate typical ways to present data.

Breakout Force + Friction =212.5 Ibs
3oA Friction = +0.5 Ibs
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Fig. 7.7 Stick Force per G from a Windup Tum

7.2.4 Concluding Remarks

7.2.4.1 Instrumentation Required. From these brief descriptions of longitudinal ma-
neuvering test methods, the necessity for automatic recording of the pertinent parameters
is obvious. The minimum instrumentation required, as suggested by Johnson3 but with
details and emphasis added, includes the following:
¢ Normal acceleration must be measured as close to the airplane center of
gravity as is feasible, displayed for the pilot, and recorded automatically. As
already noted, the pilot's display of load factor must aliow him to fly to a
resolution of approximately 0.1g if he is to be expected to produce accept-
able maneuvering flight test data. A magnetic tape recorder, telemetry, or
some other means of continuous automatic data collection is a must for ob-
taining accurate samples of continuously varying data like these.
€ Airspeed indications must be displayed on a sensitive indicator for the pilot,
especially for those methods that require constant airspeed. Automatic re-
cording is also essential to alleviate the pilot's workload and to insure preci-
sion.
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Fig. 7.8 Longitudinal Maneuvering Flight Test Data

¢ Altitude can be recorded from a standard altimeter, set to 29.92 inches of Hg
to provide pressure altitude. It is not absolutely necessary to record altitude
information on the recorder, though it often is.

& The forces typically applied by the pilot must be recorded, but no display is
required for the pilot. It is very desirable to have a near real-time display for
the flight test engineer to examine so the pilot can be advised when it is
necessary to refly a maneuver prior to retrimming the airplane at a new flight
condition. Such a quick-look capability usually pays for itself in test time
saved in short order.

& Positions of control surfaces, of the pilot's controller (stick, wheel, or hand),
and of longitudinal trimming devices should also be recorded and displayed
on strip charts or other near real-time displays. It is possible to omit the last
two of these position measurements, but they are highly desirable and are
well used to help interpret the data.

¢ Angle of attack should be recorded continuously during longitudinal maneu-
vering. Again, pilot display of angle of attack is not absolutely essential but
it is very convenient for the pilot and helps the engineer reduce the data and
compare it to other sources of information like wind tunnel tests.
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€ Accurate tracking of center of gravity movement for the airplane is impera-
tive for this type of test. Often, this tracking can be done by hand-recording
the fuel counter readings or even fuel gage readings, on a cruder scale.
(Production fuel gages are notoriously inaccurate and should only be used
as a last resort.)

4 The recording device should have some means of recording time elapsed
and synchronizing all of the data channels to the same time base. For digi-
tal systems, the flight test engineer must be very careful in comparing con-
tinuously varying data that has been sampled at different times. Even small
time differences can introduce artificial phase shifts between important vari-
ables. This synchronization of the data is particularly important for control
surfaces moving at near their maximum rates. Of course, this factor is more
important for the dynamic data to be discussed in Chapter 9, but it can also
be important in determining stick force per g variation when the inputs are
made rapidly.

Example 7.1: The following maneuvering flight data were collected in a Bell P-63 at 5000 feet on a stan-
dard day and a nominal gross weight of 7780 pounds. The aircraft was in its normal cruise configuration
(gear and flaps up, cow! flaps closed). Estimate the stick force gradients from each set of data (considering
each direction of turn as a separate set of data). Use these estimates to find the predict the average stick-
free maneuver paint for these conditions.

;
|
|
3
i
3
|
]
i

X9 _0.231 X9 _0.262
(] c ;
Left Windup Tum Right Windup Tum Left Windup Turn Right Windup Turn
Fs n F, s n F s n F3 n ’
25 13 6.156 1.95 20 14 25 1.4
10.0 28 17.5 4.25 35 225 13.0 4.3
16.0 4.1 26.0 56 10.0 4.0 17.5 55
235 5.4 140 52 20.5 6.3
X X
29 _0.274 9 -0.304
¢ c
Left Windup Tum Right Windup Turm Left Windup Turn Right Windup Tum
Fs n FB n Fs n F, n
31 22 30 1.8 16 1.95 3.0 37
36 37 32 35 2.0 3.0 56 57
8.0 45 9.5 53 30 4.7
10.3 6.0 13.0 6.6 3.6 6.8

We will estimate the stick-free maneuver point graphically, assuming that all curves are linear (which
allows us to use a linear least-squares curve fit to each set of data). Plotting the points shown in the tables
above and fitting each set of points with a straight line gives the charts on the next page. Clearly, there is
enough data scatter that not all the straight lines have the same intercept (as they theoretically would if the
measurements were perfect and if our simplifying assumptions were all absolutely correct). Nonetheless,
we can easily extract the siopes of each curve for the given center of gravity locations. Tabulating these
slopes and plotting them against cg location, the following table and charts resuit.
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Xeg Slope for  Slope for

¢ Left Tum Right Tum
0.231 5.070 5283
0.262 3.269 3.669
0.274 2.048 2.226
0.304 0.825 1.300

As the chart on the lower left shows,
the intercepts on the abscissa give
estimates of the stick-free maneuver
point for each set of turns. The least
squares straight-line curve fits give:

A

X
= -59.343—%"— +18.692

for the left tumn and

o
: X
g Ty r— Afs o 56,3432 1 18.205
Tum =—cw— ¢
g ....................... for the right tum. Solving these two equations
.xa : for the two estimates and averaging, we get:
g,?_ e — Xmp _1 (18.692 . 18.205) or
laneuver n =5 ER a4
s M atmatos T 2\59.343  56.343
é- Xmp _ 0.315+0.323
2 : c 2
0.20 0.25 0.30 035 04 ;
. X
Center of Gravity Location - —;9- _'g—” ~0.319

Of course, the problem could have been solved by ignoring the difference between the left and right
tum data. However, by considering the data as it is naturally grouped the test team is encouraged to ex-
plore reasons for the differences in the data. Often this kind of approach will lead to better understanding

of the underlying physics of the experiment.

7.2.4.2 Estimation of Stability Derivatives. Johnson3 also suggests that maneu-
vering flight data can provide good estimates of CLa.' Chs_» and C,,q. First, plot the perti-
nent gradients versus the center of gravity in feet, as sketched in Fig. 7.9 (page 158).
Elevator effectiveness can then be approximated using the inverse slope of the rate of
change of elevator angle with lift coefficient versus cg position.

ox, Sq
C, =—Z "~ 7.21
b 3 | Statlt .21
oCN
n,W

where Cy is the airplane's normal force coefficient defined as Cy = 75

The elevator hinge moment parameter due to elevator deflection comes from
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(7.22)

%)
———g- tCLﬂt S,L’t
Mcg
C,,6 =

. Gbec2W

where 1 is the ratio of elevator lift effectiveness to stabilizer lift effectiveness and
G is the elevator gearing in radians/ft.
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Fig. 7.9 Contro! Surface Gradients

If ©is set equal to 1 and the elevator dimensions are replaced by the corresponding
stabilizer dimensions, egn. 7.22 applies to an all-moving horizontal tail. Also, both eqgns.
7.21 and 7.22 apply without modification to data collected in either steady tumns or in
wings-level pull-ups. Finally, C,,w can be calculated from

("mp - X;np)‘:h q
Ch,, = e (7.23)
1-&

_ 180(, 1
Cu, TSty —22 |+ 189 ~)
L Bttt s +1|:S( *n

if the data were coliected in a steady turn. If instead the data were collected in wings-level
pull-ups, the term 1 +-’1:'- is left out of the denominator.
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7.3 SUMMARY

This chapter reviewed the basic principles governing maneuvering flight stability and
described concisely how to collect flight test data to measure the necessary stick forces,
control surface deflections, pilot input forces, and normal load factor that typically are used
as measures of merit for this kind of stability. The feel of the airplane (and therefore the
pilot's opinion of it) depend rather strongly on these maneuverability measurements. We
will have more to say about the pilot's subjective opinion in Chapter 9 when dynamic sta-
bility measurements are introduced. Typical flight test measurements for maneuverability
may be made either using wings-level pull-ups or in a tum. in either case the dynamical
system is not truly in static equilibrium, but a pseudo-equilibrium (constant non-zero accel-
eration is assumed to simplify the techniques. Corrections between the two basic types of
trajectories (wings-level pull-ups or tums) are necessary if data taken using the two differ-
ent maneuvers are to be compared; these corrections are particularly important for ma-
neuvering load factors just slightly in excess of one.
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Chapter 8
STATIC LATERAL-DIRECTIONAL STABILITY TESTS

The concept of static stability for the lateral-directional modes of motion cannot be as
simply presented as it can for the longitudinal modes. First, there are two moment equa-
tions and one force equation involved and the moment equations are coupled kinemati-
cally through the product of inertia Ixz, as well as aerodynamically. Second, the lateral
mode (roll) has no inherent static stability; no aerodynamic restoring moment is generated
directly by rolling. Rather, a secondary moment is generated through the directional axis
due to sideslip and dihedral effect becomes the dominant factor. Third, the controls used
to produce moments about either of the axes also produce moments about the other. Ai-
leron deflections produce yawing moments and the rudder produces a significant rolling
moment. In spite of these three facts, it is still instructive to measure the static directional
stability and the dihedral effect through steady state tests and to quantify the control
authorities about the x and z axes with steady state maneuvers. These steady state test
methods are the subject of this chapter, but the reader will do well to keep in mind that lat-
eral-directional dynamics (see Chapter 9) are very important because of the strong cou-
pling between these two axes.

8.1 THEORETICAL FOUNDATIONS

For this introduction to static lateral-directionat flight test methods it is sufficient to ig-
nore the side force equation and concentrate on the two moment equations. Using the
notation of Etkin1 and simplifying the equations slightly:

C. =C,BB+C£pp+CA,r+CA5.Sa+Clar8, 8.1)
Ch= C,,BB+C,,pp +C,,,r+C,,5.83 +Cn6’8, (8.2)
Of course, for static conditions, p = r= 0, and these equations simplify to:

C.=CuyB+Cusy 8a+Cuy br (8.3)
Cn =C,,‘,|3»+C,,a.8£| +C,,5r8, (8.9

Equations 8.3 and 8.4 emphasize that the dominant aerodynamic terms for static condi-
tions are Clp and Cp,, with stationary controls. For static directional stability ("weather-
cock" stability), C,,g > 0; and for the airplane to have "wing leveling” tendencies, C 25 < 0.

8.1.1 Directional Stability and Control

As indicated above directional stability depends primarily on the value of C,,B and the
major contributor to this derivative is the vertical tail. The fuselage and nacelles produce a
significant effect, though secondary to the vertical tail in most conventional designs. Di-
rectional control is exercised primarily through the rudder, though the ailerons contribute a
significant yawing moment about the z axis also. This coupling of the controls are another
important reason that lateral stability and directional stability must be considered as inter-
related problems. These two axes cannot be separated for any meaningful stability and
control analyses.
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Fig. 8.1 Yawing Moment Produced by Sideslip

8.1.1.1 Weathercock Stability. Weathercock stability refers to the tendency of a
vehicle to tum into the relative wind when sideslip is encountered. To have directional
stability, the sideslip must produce an aerodynamic yawing moment that tends to restore
the airplane to a zero sideslip condition (Fig. 8.1). The relevant stability derivative, which
must be positive with the usual sign conventions for positive sideslip and yawing moment,
is Cp,,, represented by the slope of the curve in Fig. 8.2. Although C,,p is similar to Cp,_ in
that both are the dominant terms for static stability, the wing configuration and the center
of gravity position have relatively minor effects on C,,.. For a more complete discussion of
the contributions of the vertical tail, the fuselage and nacelles, and the wing, see Etkin',
Roskam?, or the notes from one of the Test Pilot Schools34.5.

Fig. 8.2 Rudder Deflection versus Sideslip
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8.1.1.2 Directional Control. Aircraft and missiles are, for the most part, symmetric
vehicles. If a symmetric vehicle has positive directional stabiiity, it will tend to fly at zero
sideslip. Rarely are such machines intentionally flown with the sideslip angle other than
zero for long periods of time. However, when engine failure occurs or when some other
asymmetric flow field occurs (like slipstream rotation from a propeller or simply turning
flight), sideslip must be controlied. In conventional airplanes the rudder is used for this
purpose. The stability derivative that characterizes this control authority is called "rudder
power" and is represented by Cns,' Rudder deflections are necessary to maintain constant
sideslip whenever asymmetric power is applied, to hold steady sideslips, and to coordinate
turns when aileron deflections produce unwanted sideslip. This derivative is one of those
that has different algebraic signs, depending on what scheme is used for denoting positive
angular deflections. The most common method, the one used in most NASA publications,
is not always convenient in flight test. Left rudder, under this convention, leads to a nega-
tive yawing moment. Hence, Cns, is negative. The other approach3, preferred in flight
test, makes Cns, positive since positive control deflections are defined as those which pro-
duce a positive moment about the axis in question. The reader is cautioned to take care-
ful note of the method used to assign positive signs to the control deflections in any litera-
ture studied.

Steady sideslips lead to a simple method for measuring rudder power. During any
steady sideslip the rudder deflection itself is proportional to the ratio of the weathercock
stability Cp, to Cp,, as can be readily deduced from eqn. 8.3 by solving for 5, and then
taking the partial derivative with respect to p. The result is

C
B, “"fxed (8.5)

aﬁ - Cn;,
where the "4 Subscript simply emphasizes that the rudder is not free to fioat.
Recalling that the signs for Cp, and Cns, are both positive using the “flight test con-
vention” eqn. 8.5 and Fig. 8.2 illustrate that the slope of the rudder deflection versus
sideslip curve must be positive under this convention for static directional stability to exist.

Example 8.1: A small business jet with a conventional (reversible) control system has the following lateral-
directional control derivatives: Cz, = - .085/rad; Chs, = 0.00005/rad; C.t5, = -0.00001/rad; Chns, = 0.005/rad.
For a series of steady, straight sideslips at

Sideslip () __ Aieron () _ Rudder () 30,000 feet and a Mach number of 0.55, the fol-
-4.50 312 34.98 lowing set of aileron and rudder deflections were
-4.02 278 31.21 measured. Assuming Cga. and Cns, are much
2.03 1.41 15.82 larger than C-ls, end Cna,- calculate approximate
0.01 0.04 0.02 values of the stick-fixed directional stability and
204 1.40 15.48 the dihedral effect at these flight conditions.

3.99 277 3122 From the data given, approximate slopes are:
451 3.1 -35.02 % = - 7.8 /rad and Ra 0.69 /rad.
Using equation 8.5 and its counterpart for dihedral effect: F: 4, =-0.045 /mﬂ

Cng =0.039/ rad
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8.1.1.3 Effect of a Freely Floating Rudder. The rudder hinge moment coefficient is
approximated by specializing eqn. 6.10 (for a symmetric airfoil and no tab deflection).

Ch =Cha,:°‘F +Ch8,8r (8.6)
The rudder fioat angle is obtained by setting Cy, to zero and solving eqn. 8.6 for Vrioe'
Ch agE
8, = ——f— 8.7)
free Chsr (

w|&

Defining a, like ag in section 6.1.2.3; that is, a, = (%?L) and CVs, = a, . The verti-
r “tnm

cal tail side force coefficient is given by

Cyy =C, (-B+0) +&3,; (8.8)

$0, eqn. 8.7 and the definitionez -t + can be used to eliminate «, for rudder free con-
ditions (again using a prime to denote a floating surface).

Ch - a,C,,uF
Cy. = C, F ~ 8 o a,: Clppor| -5 (8.9)

8.1.1.4 Yawing Moment Due to Lateral Control. The yawing moment due to ai-
leron (for conventional airplanes) is often called a cross-coupling derivative because it
produces a moment about an axis other than the one for which it is primarily intended.
Aileron defiection is used to produce rolling moment, but inevitably it also produces yawing
moment as a secondary effect. Lateral control devices generally cause a rolling moment
by creating an unbalanced lift about the plane of symmetry. For conventional ailerons the
half of the wing with the higher lift will also have higher induced drag, producing a yawing
couple about the z axis. Of course, deflecting a surface like an aileron also produces a
change in profile drag. For conventional ailerons at subsonic flight conditions, induced
drag usually dominates and the yawing moment produced by deflecting ailerons is oppo-
site to the desired direction of roll. The effect is then called adverse yaw; C,,\. is negative
for this case. If profile drag predominates, as it usually does at supersonic speeds for a
conventional aileron surface, C,, is positive. The effect is then called proverse or com-
plementary yaw. It is desirable for C to be zero or even slightly positive; designers may
go to considerable lengths to achleve"iﬁls goal.

8.1.2 Lateral Stability and Control

The rolling moment equation is the one aircraft moment equation for which there is no
natural stability. That is, an angular displacement in bank angle produces no tendency to
retum to an equilibrium bank angle. This state of affairs is in contrast to the tendency to
retumn to a static equilibrium angle of attack when displaced in pitch about the y axis or to
the equilibrium sideslip angle (usually zero) when displaced about the z axis. The natural
tendency about the x axis is to return to a zero roll rate, but not to an equilibrium bank an-
gle. It is, however, desirable to return to wings level flight after a small bank disturbance
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for most purposes: this characteristic is the only sense in which we can speak of lateral
"stability." The dominant term in eqn. 8.2 is C‘b' which produces this effect.

8.1.2.1 Dihedral Effect Dihedral effect or C. is affected most by the geometric di-
hedral and/or by the sweep angle of the wing. Both Etkin' and Roskam? (and many other
texts) give excellent discussions of the physical mechanisms that cause this "wings-level-
ing" phenomenon. Wing-body aerodynamic interference also increases or decreases di-
hedral effect, depending on the vertical placement of the lifting surfaces on the fuselage.
A high wing produces an increment of rolling moment that retumns the airplane to wings
level when sideslip occurs and a low wing gives the opposite effect. Finally, the vertical
tail also contributes an increment in C., that depends primarily on the size of the vertical
tail and the vertical tail moment am. This moment arm changes with angle of attack and,
for large angles of attack, can reverse the sign of this increment. Secondary factors that
may affect C,, include aspect ratio, taper ratio, external tanks, and wing flaps. Again,
Roskam's discussion of the individual contributions to C., and his illustrations of typical
variations with Mach number will be valuable to the interested student.

8.1.2.2 Lateral Control Power. The most common lateral control devices are ailer-
ons, although spoilers and differential horizontal tail deflection are also common. Differ-
ential elevons, seen frequently on tailless designs, are similar in principle to ailerons. Ai-
lerons, the most representative of lateral control surfaces, produce a roil command dif-
ferent to either the rudder or the elevator. In fact all forms of lateral control mentioned re-
sult in a rate of roll (rate command) instead of an angular displacement. Lateral control
power, C o’ is negative using either the sign convention suggested by Etkin1 or the flight
test approach. That is, a positive aileron deflection (right aileron up) produces a positive
rolling moment because of the decreased lift produced over the right wing and the in-
creased lift produced over the left wing. The exact value of the lateral control power (or
aileron effectiveness as used by some texts) is difficult to estimate accurately and wind
tunnel testing is usually in order. An expression3 relating aileron control power to airfoil
section (after aileron deflection), ratio of the area of the control surface to the area of the
wing, and the location of the wing center of pressure along the span is given by

Gy = ltea™
8. Sb
where cLa. is the lift curve slope with the ailerons deflected and y is the distance
from the airplane x axis to the wing center of pressure, again with ailerons deflected.

8.1.2.3 Rolling Moment Due to Directional Control. Another of the cross-coupling
derivatives is C, , the rolling moment coefficient produced by deflection of the rudder.

Simply stated, this derivative is the non-dimensional rolling moment resulting from the side
force generated by the rudder multiplied by the non-dimensional moment arm measured
from the reference body axis up to the center of side force on the vertical tail. Because it
is measured from the reference x axis (frim condition), this length is a function of the per-
turbed angle of attack.

(8.10)
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Cy, zv
Cs, =—“l',—-— (8.11)

Because of this dependence on z,, C, 5 decreases with increasing C; .

8.1.3 Lateral-Directional Matrix Equations

The static lateral-directional equations (8.3 and 8.4 plus the side force equation) can
be expressed more compactly in matrix form. The aerodynamics are clearly coupled, un-
like the static longitudinal case. Of the four control derivatives in equation 8.12, only the
side force derivatives, CYs, and Cy6 , are negligible for most airplanes.

Cy CY,; CYS, CY5'_ CL 5’3
Cs|=|Cay Cay, Cay 0|2
) |c,

5, (8.12)

g Cn da Cn 8 0 o))

Another complicating factor, from the stability and control test engineer's perspective,
is that the lateral control (§,) is of a different type than the directional control (5,). The
rudder, like the elevator, is a control that commands displacement; that is, the rudder is
used to command an angular position. On the other hand, the ailerons are used to com-
mand an angular rate; they are rate controls. This difference means that different sensors
are needed to measure the effectiveness of each type of control. In fact, measurement of
the primary usefulness of the lateral control cannot be measured by static means. A dy-
namic test method (described in Chapter 9) must be used.

These facts mean that static lateral-directional flight tests are slightly more difficult to
conduct than longitudinal ones. There are at least twice as many parameters to be re-
corded simultaneously for these tests as was the case for static longitudinal measure-
ments. Automated data collection, therefore, becomes more desirable.

8.2 STEADY STATE FLIGHT TEST METHODS

Requirements for lateral-directional static stability handling qualities vary considerably
from civil to military specifications, as do longitudinal requirements. Of course, the prudent
flight test engineer should be less concerned with the requirement and more interested in
insuring that the design being tested is safe to fly and easily controlled by the typical pilot
who will fly the machine. The requirements are merely guides which try to insure that
minimum standards are met. Any design is a compromise pitting these good handling
qualities against the pragmatic and very real need to produce a cost-effective airplane.
This compromise is evaluated in every flight test, but lateral-directional requirements are
particularly subjective.

FAR requirements®: 10 jllustrate this subjectivity:

(1) The static directional stability, as shown by the tendency to recover from a
skid with the rudder free, must be positive for any landing gear and flap position
appropriate to the takeoff, climb, cruise, and approach configurations. This must
be shown with symmetrical power up to a maximum continuous power, and at
speeds from 1.2V, up to the maximum allowable speed for the condition being
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investigated. The angle of skid for these tests must be appropriate to the type of
airplane. At larger skid angles up to that at which full rudder is used or a control
force limit in Part 23.143 is reached, whichever occurs first, and at speeds from
1.2Vg, to Va, the rudder pedal force must not reverse.
(2) The static lateral stability, as shown by the tendency to raise the low wing in
a slip, must be positive for any landing gear and flap positions. This must be
shown with symmetrical power up to 75% of the maximum continuous power at
speeds above 1.2Vs,, up to the maximum allowable speed for the configuration
being investigated. The static lateral stability may not be negative at 1.2Vs,. The
angle of slip for these tests must be appropriate to the type of airplane, but in no
case may the slip angle be less than that obtainable with 10° of bank.
(3) In straight, steady slips at 1.2Vs, for any landing gear and flap positions, and
for any symmetrical power conditions up to 50% maximum continuous power, the
aileron and rudder control movements and forces must increase steadily (but not
necessarily in constant proportion) as the angle of slip is increased up to the
maximum appropriate to the type of airplane. At larger slip angles up the angle at
which the full rudder or aileron is used or a control force limit contained in Part
23.143 is obtained, the rudder pedal force may not reverse. Enough bank must
accompany slipping to hold constant heading. Rapid entry into, or recovery from,
& maximum slip may not result in uncontroliable flight characteristics.

FAR Part 23.177a

Static lateral stability must be positive; meaning that dihedral effect C,, must be
negative. There must be a wing-leveling tendency when sideslip is generated. Observe
also that these requirements cover virtually the entire flight envelope, including the speed
range just above stall up to maximum allowable speed and reasonable configurations. it
should strike you that demonstrating compliance with these requirements can take an
enormous amount of flight test time! You should also be impressed with how nonspecific
the adjectives are and how much room that leaves for interpretation by individual FAA in-
spectors.

The requirements for transport category airplanes is rather similar:

(a) The static directional stability (as shown by the tendency to recover from a
skid with the rudder free) must be positive for any landing gear and flap position
and symmetrical power condition, at speeds from Vs, up to Veg, VLE, or VFc/VmC
(as appropriate).

(b) The static lateral stability (as shown by the tendency to raise the low wing in
a sideslip with the aileron controls free and for any landing gear and flap position
and symmetrical power condition) must be positive at VFrg, VLE or VFc/Vme (as
appropriate).

(c) In straight, steady sideslips (unaccelerated forward slips) the aileron and
rudder control movements and forces must be substantially proportional to the an-
gle of sideslip, and the factor of proportionality must lie between limits found nec-
essary for safe operation throughout the range of sideslip angles appropriate to
the operation of the airplane. At greater angles, up to the angle at which full rud-
der control is used or a pedal force of 180 pounds is obtained, the rudder pedal
forces may not reverse and increased rudder deflection must produce increased
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angles of sideslip. Unless the airplane has a yaw indicator, there must be enough
bank accompanying sideslipping to clearly indicate any departure from unyawed
flight.  FAR Part 25. 177

The miilitary specification!! that spells out static lateral-directional requirements is a bit
more specific. Like the FAR, rudder deflection or force must produce sideslip opposite to
the direction of applied directional control to meet the military specification. In addition the
rudder forces and rudder deflections must remain linear for £10° and £15° sideslip, re-
spectively. The military document also limits maximum allowable rudder pedal force to
250 pounds for maximum rudder deflection at any point in the envelope. Furthermore, in a
steady sideslip, aileron deflection in the same direction as sideslip must accompany the
rudder requirements. The wing-leveling tendencies due to dihedral effect shall not be so
strong that more than 75% of roll control power nor more than 10 or 20 pounds (depending
on the whether the lateral controller is a stick or a wheel) of force are required in normal
use. These examples illustrate the quantified requirements incorporated into the military
handling qualities requirements, though they are not all the considerations for such lateral-
directional tests. The responsible flight test engineer will carefully study and analyze all
applicable requirements documents for complete details during the test planning phase.

A
5,

Stable Unstable .~
7

Fig. 8.3 Aileron Defiection versus Sideslip

From this discussion of typical static-lateral directional requirements and from the
theoretical considerations discussed in section 8.1, it is clear that the measures of merit
used in such flight tests are closely tied to control forces and surface deflections. Van der
Maas’ refers to this approach to measuring stability as control position stability. Quali-
tatively, Figs. 8.2 and 8.3 indicate the relationship between control surface deflections and
sideslip that are expected for a subsonic airplane with acceptable controis-fixed lateral-
directional characteristics. Similar sketches could be drawn for aileron and rudder forces
as a function of sideslip with the controls-free (vehicles utilizing reversible flight control
systems). Of course, controls-free stability considerations have no meaning for a fully
powered (irreversible) control system like the ones on most high performance fighters.

8.2.1 Test Methods to Determine Dominant Stability Coefficients

The basic test method is the steady, straight sideslip — a classical, proven way to de-
termine static directional stability and dihedral effect from a single maneuver. it depends,
though, on prior knowledge of the control derivatives like C . 58 and Cns,' Like any other
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stability and control testing, the method also demands appropriate instrumentation, careful
attention to trim, and precise control of airspeed and altitude. Because data are collected
point by stabilized point in the steady, straight sideslip technique, it takes a lot of flying
time to completely explore the fiight envelope for all configurations of a given airplane.
Consequently, sfowly varying methods are aiso used to speed up the process. Both
methods will be discussed in the following paragraphs.

8.2.1.1 Steady, Straight Sideslips. The classical steady, state test method is com-
monly used to obtain measures of C,, and Cns, for all classes of airplanes. The stan-
dard data collection technique is fairly efficient for most airplanes and flight conditions and
therefore needs modification. Simplicity is its strength.

Setting up for this maneuver is essentially the same as for other stability tests. After
leveling off at the nominal test altitude the test pilot must trim the airplane with the usual
care for stability and control data. To check the trim prior to taking data, he should release
the controls and the airplane's airspeed and altitude should not change for at least 10 sec-
onds. The control surface positions and forces at these trim conditions should be re-
corded just before starting the maneuver. Sideslip limits for the flight conditions must be
meticulously observed; they should be reviewed in the preflight briefing and, if the in-
strumentation and ground support include real time read outs, this parameter should be
monitored as a flight safety item. Exceeding sideslip limits has caused loss of control and
even structural damage in the past. Though steady, straight sideslips are not normally
considered hazardous tests, normal prudence should be exercised.

In this test maneuver data are collected at constant, stabilized headings. The pilot
should choose a reference point on the distant visual horizon and use it to fly a stabilized
heading for each individual point (sideslip angle). Rudder and aileron are applied, essen-
tially simultaneously, to set up a stabilized sideslip. This cross-controlled condition is an
unnatural piloting technique; the rudder is normally used to maintain zero sideslip in all
maneuvers. Using rudder and aileron in opposite directions, particularly at large sideslip
angles, gives the pilot a sensation of "sliding sideways in the seat" due to the lateral forces
that are applied. These unusual sensations and unnatural control applications mean that
the pilot must concentrate carefully on setting up the conditions and maintaining them.
Crosschecking the point chosen on the visual horizon along with the cockpit instruments
for constant heading and bank angle should allow the pilot to determine when he has
achieved a steady, stabilized sideslip. When equilibrium conditions have been attained,
the data system should be turned on to record altitude, airspeed, sideslip angle, bank an-
gle, control surface deflections (aileron, rudder, and elevator), and control forces for all
three axes. From such data, plots like Figs. 8.2 and 8.3 can be constructed and, assiifye
ing the ggntrol pogger derivatives are known, C‘aa and Cna, can be calculated from

| -8 —L of th .
slopes 2 and T of the curves

8.2.1.2 Slowly Varying Sideslips. As was indicated earlier, the pure steady, straight
sideslip method can be time-consuming and is often modified to make the data collection
more efficient. The time saving is largely achieved by changing the sideslip conditions
continuously rather than stabilizing at each rudder/aileron position. Trimming is done the
same as for the stabilized method and the pilot must still pick out a point on the distant ho-
rizon and maintain a constant path toward it. But, at this point the technique changes.
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Rudder and opposite aileron are blended in slowly and in concert so that a constant track
is maintained. To acquire the data, automatic recording of some form must be used and
the data are collected continuously. The slowly varying method obviously saves time if +
does not change too rapidly (no more than about 1 °/second is a good rule of thumb) and if
the test pilot can maintain the proper integrated rate of change of rudder and aileron to
give constant track. Such a dynamic maneuver is harder to fly than the stabilized one
and, when conditions are not carefully maintained, the point must be flown again. Natu-
rally, such repetitions eliminate the advantage of the method. But, the potential for saving
significant amounts of flight test time favors the slowly varying technique and it is probably
the most common way to collect static lateral-directional data.

8.2.1.3 Steady Turns with Rudder Fixed. This flight test technique, though no
longer widely used since parameter estimation techniques have become popular, offers
the advantage of simplicity and relatively uncomplicated instrumentation requirements.
For our purposes, it is a useful way to teach the fundamentals of such measurements.

As always, the airplane must be carefully trimmed at the desired altitude and airspeed
conditions. The pilot then holds the rudder at the trim position and banks the airplane us-
ing the lateral control alone. This bank should be entered slowly since a steady sideslip
and bank angle is sought and too abrupt an aileron (or lateral control) input may induce a
Dutch roll oscillation that hinders data collection. Once equilibrium has been attained, 5,,
8., Fa Fr, ¢, B, and r are recorded, preferably with some form of automatic recording in-
strumentation. Sensors for measuring each of these quantities must be provided. The
procedure is repeated at several increments in bank angle and the same parameters are
recorded at each test point. Care must be taken not to exceed sideslip limits and it may
become increasingly difficult to maintain airspeed and remain within 1000 feet of the nomi-
nal test altitude at larger bank angles. The elevator should be used to control airspeed but
care must be taken to not introduce spurious lateral control movements while making cor-
rections with the elevator. Measurements should be made during turns in either direction.

Data from these tests are plotted to obtain trim curves of 54 and F, versus bank angle

and plots of g and ¢ as functions of nondimensional yaw rate -;\7 . These plots can be
used to calculate the damping derivative C,_, though we will pursue this data reduction.

8.2.1.4 Steady Turns with Ailerons Fixed. This test method is essentially identical
to the one discussed in the preceding section, except that the turns are commanded by
rudder alone and information is measured to calculate C . rather than Cp, . Again, we will
not pursue this damping cross derivative further in this introductory text.

8.2.1.5 Use of Steady Sideslip Data. The basic steady sideslip flight test technique
is a very useful one. Obviously, it provides a quick, but accurate assessment of the static
lateral-directional stability of the airplane. In addition steady sideslip data can be used to
measure the rudder control power derivative C,, 5 and the aileron control power derivative
Cga ., as we will illustrate more completely in the next section. To obtain additional infor-
matlon like these control derivatives, the flight test planner must often add equipment or
devise means of applying known external moments. But, the usefulness of such a simple
test is remarkable.
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8.2.2 Test Methods to Determine Control Effectivengss

Measuring the effectiveness of the controls is one of the more important purposes of
static lateral-directional flight tests. Since the rolling and yawing moment equations are so
tightly coupled, these tests are also some of the more difficult to conduct with certainty.
There are methods that utilize movement of the vertical position of the cg to measure ai-
leron effectiveness but they are not very accurate and, consequently are not in general
use8. We will ignore them, too. However, steady, straight sideslips at differing longitudi-
nal c.g. locations can produce rudder control effectiveness data that are usable. A second
approach that will be discussed for measuring Cp 5 involves the use of a parachute at a
known location on the wing. If the parachute's drag coefficient is also known, the resulting
drag force can be calculated. The rudder necessary to overcome this known yawing mo-
ment is a direct measure of its effectiveness. Similarly, an asymmetric moment can be
applied about the roll axis by positioning a weight at a known spanwise location and
measuring the aileron deflection necessary to counteract it in equilibrium flight. This latter
method is straightforward and is quite accurate since it can involve no change in drag
other than the induced drag due to deflection of the aileron. Obviously, all these tests still
take into account the coupling between lateral and directional modes.

—p
- ° "
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Fig. 8.4 Effect of cg Shift on C,,p

8.2.2.1 Steady, Straight Sideslips at Different C.G. Locations. In eqns. 8.12 we
can usually ignore the effect of aileron (or other lateral controls) on the side force. If the

rudder side force term can be neglected and ¢ is small, the equations reduce to:
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Cy) [cy © 0 C SB
Cs|=|Csy Csy, Cup, O 8‘: (8.13)
Cn) (Cny Cns, Cns, )| g

If we now fly a series of steady, straight sideslips covering a range of B, equations
8.13 can be written and solved for each of the flight conditions. If we move the c.g. loca-
tion between two such series of steady, straight sideslips, the only aerodynamic coeffi-
cients that change significantly are C,,p and C, & As long as the tail moment arm is large
compared to the shift in c.g. location, C,, . is also essentially independent of ¢.g. position.
The change in C, 5 CanN be calculated from (using the geometry of Fig. 8.4, page 172):

Axgg (8.14)

Crg, =Crgy +Cw

o

Using equations 8.13 and the siopes % and %%’— from the series of steady, straight

sideslips, Cyﬂ can be calculated:
o
Cyp =-C Taﬁ (8.15)

The slopes % and % are usually independent of cg location, but it is good practice to

check this assumption by taking sideslip data at several cg positions. Eliminating the side
force equation, any two sideslip conditions can be evaluated using

Cr, -c,,s.(aﬂ);c,,sr(aﬂ 2)_o and Cp, =Cp,, % 1+C"s, % 1_0

Defining AC,, 5 = Cn 8 " Ch ” and observing that the aileron slope change with sideslip is
usually quite small,

3 8
ACpy +Chny, ((—51-3'—)2 '(—aFr),J ~0 (8.16)

If the moment arm for the vertical tail (distance the center of pressure of the vertical
tail is above the c.g. for an aft tail airplane) is established, Cysr can be estimated from the
value of C,, & calculated from eqn. 8.16:

Cy, b

5, = ~Cns, 7y 6.17)

The data reduction for this test is very straightforward, though the flying can be tedi-
ous because it is not always easy to alter the longitudinal c.g. location in flight. Rudder
deflection and bank angle are plotted as functions of sideslip angle as they are for all
sideslip tests. At B = 0 the slopes of these curves are obtained and C; is calculated for
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the test conditions and the test weight. The slopes % and % are plotted for each cg

location. Then, Cyp, Cn & and Cy&are computed from eqns. 8.15, 8.16, and 8.17.

This test method is rather cumbersome and is only moderately accurate. A large
number of sideslip points are required to credibly establish the small differences that de-
termine the slopes of the measured variables. These differences come from two relatively
large numbers so the information is highly uncertain. The technique is not often used be-
cause of the test time needed to acquire the data.

8.2.2.2 Yawing Moment Produced by a Wing Parachute. The second method of
directly measuring rudder effectiveness is also cumbersome to use. It is, of course, im-
perative that the parachute can be deployed in flight and jettisoned after the data are
taken. Safety concemns can become hazards if care is not taken to ensure that parachute
deployment and jettison is completely reliable. Uncertainty added to the process because
few parachutes are completely stable after deployment.

Typical installations for a wing parachute are sketched in Fig. 8.5 on the next page.
Figure 8.5b shows one possible way to provide some stability for the parachute, especially
when the wing tip vortex excites the oscillations. The more simpiistic (and less practical
hardware configuration) is illustrated in Fig. 8.5a. The simpler installation gives the in-
cremental yawing moment created by the parachute as:

AN=T¢ (8.18)
B B
YA A/
3 . S T ?\\ L
. D iy p— P KN
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T
; T
(a) Direct Measurement (b) Indirect Measurement
of Parachute Force of Parachute Force

Fig. 8.5 Wing Parachute Installations

The measurements can be made and the results expressed in terms of x¢g, a, and the
force P rather than direct measurements like T and ¢. If this arrangement is used, Van der
Maas suggests taking data at several different tether cable lengths.

The condition for equilibrium at zero sideslip (eqns. 8.13) is simply AC, = C, 5,A5r-
where AC,, is the incremental yawing moment coefficient.

A known AC,, is provided by the parachute since it can be calculated from the para-
chute's drag coefficient and the moment arm in Fig. 8.5a. Of course, the parachute force
can be measured directly (further complicating the instrumentation scheme) with either a
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force gage in parachute riser or in the tether cable as suggested in Fig. 8.5a. But by defi-
nition AC,, is also

and a direct calculation of rudder effectiveness is then possible. The rudder side force co-
efficient follows from eqn. 8.17 with the required rudder control effectiveness given by:

Cos, = AS,

The piloting technique for these tests is that described for the steady, straight sideslip
method. Care must be taken to avoid oscillations and, if the Dutch roll oscillation is not
well damped for the airplane, it may be difficult to stabilize the parachute. Safety proce-
dures should be carefully rehearsed in advance. Clearly, this test is one of the those
which might benefit enormously from flight simulation of the planned profiles and careful
evaluation of possible emergency procedures on an engineering flight simulation.

8.2.2.3 Meagsurements with Weights at Known Spanwise Locations. A technique
similar to the one described above can be used to measure lateral control effectiveness.

Like most other static lateral-directional tests, this one also invoives flying a series of
steady, straight sideslips. An unbalanced rolling moment is generated by positioning a
weight at a known spanwise location. If the airplane can carmy fuel in tanks that provide
an adjustable and precisely known lateral imbalance, there is no need to install special
stores or to add weights than can alter the flutter characteristics of the vehicle. How to
achieve the known lateral imbalance and still guarantee adequate handling qualities during
landing and takeoff is a practical issue of significance to the test planner. Aileron and rud-
der deflections (and the corresponding control forces) required to balance the known
asymmetric rolling moment are measured over a range of sideslips.
At zero sideslip the equilibrium condition suggested by eqns. 8.13 reduces to:

ACA = C 4 &ASa N
giving an expression that allows direct calculation of the aileron control effectiveness from
measurement of AC, and Asar:
AC,
Cts, ~ 25,
At the same time the aileron deflection produces an increment in yawing moment that
must be counteracted by the rudder.
CnsA8g + CpsAB =0
From this equilibrium expression it follows that
A,
Cnsa AS a
Pilot procedures for this test are no different from those described for other steady,

straight sideslip tests. Most of the care to be exercised is associated with fue! transfer or
stores jettisoning to attain the desired lateral imbalance. At least two different measurable

(8.19)

~~Cus, (8.20)
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lateral cg positions must be tested. Three or more such cg locations are necessary to
check for nonlinearities in the estimated data.

Data reduction for this test is similar to previous ones. First, measured 3, values are
plotted against B. The slope of this curve at p = 0° is needed, but measurements at other
sideslips allow fairing of the 5, - B curves and give a better estimate of the slope at zero
sideslip. Then, with the rolling moment known, eqns. 8.19 and 8.20 allow direct calcula-
tion of the two aileron control derivatives C,, ’ and Cpz.

8.2.3 Estimation of Stability Derivatives from Steady Lateral-Directional Tests

Having detailed tests that provide flight test estimates of the control effectiveness de-
rivatives, let us briefly summarize how these static lateral-directional test measurements
are used to confirm wind tunnel data and analytical estimates of these same derivatives.

First, the control effectiveness derivatives C, ) Cn & Cy&. and Cy& are determined
from one or more of the control effectiveness tests descnbed in section 8.2.2. With these
values in hand the dominant lateral-directional stability derivatives, C, P and C, > (along
with the less important Cy,) are determined from plots of control surface deflections and
forces measured at each of the sideslip angles. The resulting functional relationships,
hopefully all linear for conventional airplanes, are experimentally determined in steady,
straight sideslip tests or the slowly varying sideslip variation of the test. Next, the yaw rate
derivatives, C, and Cp,, are calculated from data recorded in steady turns initiated with
aileron or rudder alone. In this fashion, nine of the most important lateral-directional pa-
rameters can be estimated with reasonable accuracy from essentially static tests.

8.3 SUMMARY

Static lateral-directional flight tests are slightly more complicated both in measurement
techniques and in data reduction requirements than are their longitudinal counterparts.
Coupling between the two relevant moment equations accounts for this complication.
However, if control effectiveness derivatives are known or can be measured accurately
with specially designed tests, simple steady, straight sideslip tests can reliably determine
the dominant lateral-directional derivatives C, 8 and C, 5 While they are not as often con-
ducted nowadays (since parameter estimation identification aigorithms have become so
widely used), steady tumns using aileron or rudder alone also make it possible to straight-
forwardly estimate C,_ and Cp,- Allin all, these kinds of flight tests provide a wealth of
information for a moderate amount of effort and rather minimal data reduction schemes.
Their most serious drawback is that they do require more data collection time than some
of the more modem techniques like parameter estimation. Of course, such techniques
also need sophisticated instrumentation and they consume large amounts of digital com-
puter time to extract the same stability coefficients.
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Chapter 9
DYNAMIC STABILITY TESTS

Flight testing to determine the dynamic stability of an airplane is even more compli-
cated than the tests outlined in the previous three chapters for static stability tests. Al-
though is it usually still possible to decouple the equations of motion for the longitudinal
and the lateral-directional cases, the analysis is considerably more complicated. Dynamic
stability, as the name implies, is concemed with the long-term effects of disturbances on
the vehicle. It requires that we study the time-related behavior of the response of the
dynamic system, not just its initial tendency after a disturbance from equilibrium.
Andersont has captured the essence of dynamic stability:

A body is dynamically stable if, out of its own accord, it eventually retumns to and
remains at its equilibrium position over a period of time.

Static stability measurements are necessarily made with all forces and moments in equi-
librium. Conversely, dynamic stability measurements, while they are usually initiated after
carefully timming the vehicle, must be made with the forces and moments not in
equilibrium. Furthermore, measurement of these dynamic quantities must include some
form of time correlation in order to have meaning.

Of course, dynamic stability is closely related to static stability. While an airplane can
be statically stable without being dynamically stable, it cannot be dynamically stable
without being statically stable. Moreover, dynamic stability testing is concemed with the
ability that the vehicle affords the pilot (or controlier) to change from one equilibrium
condition to another. The speed and precision with which these changes can be made is
determined by the characteristic modes of motion of the vehicle.

Dynamic stability is not the only concern of the flight test team engaged in this facet of
flight testing. The handiing qualities (sometimes called controliability) of a manned
airplane are also of prime importance and many of the requirements that drive dynamic
stability spring from the handling qualities as well. Again, both static and dynamic stability,
along with the characteristics of the control system, the kind of airplane, and the task to be
accomplished, determine the handling qualities of the airplane. Controllability has been
defined in terms of what the pilot is tasked to do:

Controllability may be defined as the capability of the airplane to perform, at the
pilot's wish, any maneuveriﬂ required in total mission accomplishment2.

However, controllability means something quite different to the controls engineer and
the term handling qualities is to be preferred because of this ambiguity. From this
discussion it should be clear that the handiing qualities of any manned aircraft depend
heavily on subjective assessments. Certainly most handling qualities requirements are
based on pilot opinion3.

Before the test team can measure the characteristics of such dynamic motions, it is
essential that they have a thorough understanding of these and other terms, the modes of
motion, and how to quantitatively define them. Let us tum now to laying the theoretical
foundation for the measurement of these dynamic properties.
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9.1 THEORETICAL FOUNDATIONS

To properly understand the dynamics of aerospace vehicles requires a brief return to
the six degree-of-freedom equations of motion that have been developed in many
textbooks4:5.6 and to the definitions used to quantify the modes of motion. First, we need
to fix the definition of certain terms used in dynamic flight analysis.

9.1.1 Definition of Terms and Assumptions

As stated in the introductory paragraphs, dynamic stability requires that the motion of
a body ultimately retum to its equilibrium position. There are at least two ways in which
physical systems retum to (or diverge from) equilibrium as shown in Fig. 9.1. The
exponential decay (or divergence) is associated with a linear factor in the governing
characteristic equation, while the damped (or divergent) oscillation is associated with a
quadratic term in the characteristic equation. Of course it is also possible for oscillatory
motion to be undamped and this condition implies neutral dynamic stability. Fortunately,
all linear systems can be represented mathematically represented by a combination of ei-
ther linear terms or quadratic terms in the characteristic equation; that is, the time-de-
pendent solutions are linear combinations of either exponential decays or divergences and
damped, neutrally damped, or divergent oscillations.

t

(a) Exponential Rise (b) Exponential Divergence
to Steady-State (Unbounded)

(c) Undamped Sinusoid (d) Damped Oscillation (e) Divergent Oscillation
(Neutral Dynamic Stability) (Dynamically Stable)  (Dynamically Unstable)

Fig. 9.1 Possible Responses of Linear Dynamic Systems

Since any linear dynamic system can be represented by a combination of no more
than second order factors, it is instructive to review the definitions used to describe the
dynamic behavior of an airplane. Figure 9.2 depicts a spring-mass-damper system that
we will use in making these definitions.

Mathematically the solution to the second order spring-mass-damper system is
identical to solution of the airplane's longitudinal equations of motion. Only the constants
change. The equation describing the spring-mass-damper system with no external forcing
function is:
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mi + ¢x + boc =0 and the characteristic equation is: a2 +%x+;"‘,—= 0 9.1)

Smooth
Surface

Fig. 9.2 Spring-Mass-Damper Analog
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/ Damping
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Fig. 9.3 Characteristic Roots in the Complex Plane

For the airplane's longitudinal analog of this motion one needs only to define the
aerodynamic "spring” that corresponds to k and the damping terms that correspond to c.
Typically, the stability derivative C,,  adequately describes the aerodynamic "spring” and
the pitch damping C,,7 relates to the damping coefficient c in the anaiogous aerodynamic
system. The aircraft moment of inertia is the analog to the mass m in the simpler me-
chanical system.

To introduce additional definitions of interest in an airplane's dynamic behavior, let us

now consider the roots of eqn. 9.1 and how they are affected by changes in —:7 and %

These roots are:

2
c c k
Ago=—m—zt | =] -2 9.2
27 2m (Zm) m ®2)

2
if ( 2m) :7 the roots lie along the real axis in the complex plane (Fig. .3). This

situation results in an exponential decay if a root is negative or an exponential divergence
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if the root is positive. The time-domain behavior of such a root is illustrated in Fig. 9.1a.
Other terms used to describe this type of dynamic behavior are aperiodic motion or
deadbeat subsidence (for a negative root). A system that has a decaying exponential
mode of motion is often referred to as overdamped. If the damping is reduced or if the

2
spring constant is increased until (2—;-) = % the system is said to be critically damped.

Critical damping is indicated on Fig. 9.3 by the point on the real axis where both real roots
coincide: Ago = _?c”_'_ at point C. The motion is still aperiodic at this point, but it is on a

boundary. Any increase in % or decrease in —’% will produce a complex conjugate

2
solution to the characteristic equation because (5%1—) - —:7 <0. Physically, an oscillation

will result. The characteristic equation can also be written in terms used to define
oscillatory behavior and compared to eqn. 9.2,

)3’2 + 200, +m£ =0

which has the solution
A2 =-Go,t m,,\/1 -2 (9.3)
Undamped Imaginary
L =0

Underdamped

158 >0/ e _ ]
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Damped l<— {o, Real
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S

Fig. 9.4 Motion Parameters on the Complex Plane

The damping ratio £, which compares the actual damping to critical damping (Fig.
9.4), is a measure of how rapidly an oscillation decays or of how rapidly an exponential
decay or divergence occurs. For critical damping, £ =7. The system is said to be un-
derdamped if 0 <{ <1 and undamped (or neutrally damped) if {=0. The undamped
natural frequency o, is a measure of how often the peak amplitudes occur. The

L e o g
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damped frequency of the oscillation (which, strictly speaking, is not a frequency) is simply
Oy =0p \/1 -—Cz . (The time response is not purely periodic unless {=0. Consequently,
® is sometimes called a conditional frequency’, indicating that it has the units and many of

the properties of a frequency.) The period of the oscillation is T = ?— Each of these
d

parameters is used to quantify the characteristics of oscillatory roots. The angle 0 is

measured from negative real axis to a line drawn from the origin in the complex plane to

the characteristic root (or eigenvalue) in question. Therefore, this angle defines a vertical

line of constant damping ratio. Clearly, a number of parameters associated with the

modes of motion can be represented on the complex plane.

The transient response of the dynamic system to inputs also must be characterized in
terms of "quickness" parameters and there are terms used that indicate both the speed
with which the system responds and whether or not it reaches the ultimate value
commanded by the input without exceeding or "overshooting” that value. The steady
state (or new equilibrium) response of the system to an input is that value which the out-
put will eventually reach. Typical steady state output responses to a step input are shown
in Fig. 9.5. Generally, second order systems will show some oscillatory behavior as sug-
gested by Fig. 9.5a. The damping factor {o is the real component of the characteristic
root that controls the rate of rise or the rate of decay of the system response after an
input. It appears as the constant in the exponential term of the time-domain solution of the
system equations. As sketched in Fig. 9.5a, this constant defines the shape of the
envelope bounding the peak amplitudes of the oscillation typical of second order dynamic
system. The time-to-half-amplitude (or time-to-double-amplitude in the case of an
oscillatory divergence) is the time required for the amplitude of the motion variable under
consideration to change by a factor of two. The time-to-peak-amplitude f, is the time
required to reach the maximum amplitude of the output.

Ay Ay
— { =02 —
B 0.4 B
B 0.7 B
10— fL_ = L | ____Steady State _________
i 15 i
1 [ ] [} 1 - 1 | ] ] 1 -
t t
(a) Second Order System (b) First Order System

Fig. 9.5 Responses to a Step Input

Maximum overshoot (or peak overshoot) is the largest deviation of the output re-
sponse to a step input during the transient motion and this amplitude is a strong indicator
of the relative stability of the system. It indicates how precisely the system can move from
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one equilibrium state to another. It follows that the percentage maximum overshoot is
given by:

Percent Maximum Overshoot = max imum overshoot x100% .
steadystate

Settling time {; is another parameter used to measure the transient behavior of a
stable linear system. It is defined as the time required for the response to a step input to
decrease and stay within a specified percentage of its steady state value. Rise time {,is
defined as the time required for the output to increase from 10% of its steady state value
to 90% of its steady state value when the system is excited by step response. (An alter-
native approach sometimes used is to give the rise time the value of the reciprocal of the
slope of the step response at the instant when the output is at 50% of its final value.)
Delay time {, is the time required for the output response to a step input to reach 50% of
its final value.

All of these time measures of merit are related to the time constant =. This charac-
teristic is defined as the time to reach 63.2 per cent of the steady state value for this first
order response (as shown in Fig. 9.5b) or for the envelope of the oscillatory peaks to
reach the same value. This latter fact means we can still use our definition of the time
constant for a second order response; it is still the real part of the root (and that is the only
part for a first order system) that sets the rate of convergence or divergence. An instability
or divergence implies a positive root. Note, though, that the damping factor as shown on
the complex plane is a negative number for stable systems. Since o is always positive,
the damping ratio £ is described as being negative when a positive real eigenvalue exists.
Heuristically, this "negative" damping is an appealing way to describe a diverging system.
(Again, strictly speaking, damping cannot be negative; but the terminology is widely
accepted and understood.)

9.1.2 Equations of Motion

There are two approaches commonly used in the United States to approximately
model the linear dynamic motions of an aircraft:. Both are based on Bryan's approach to
linearizing the equations by assuming that the aerodynamic forces and moments can be
adequately represented with a first order Taylor series expansion. (Etkin4 comectly points
out that this approach is mathematically flawed, specifically for cases where the
aerodynamic forces and moments change abruptly or when the control surfaces are
rapidly displaced, the first order approximation is inadequate. However, the transfer
function approximation that Etkin suggests to replace Bryan's method has not been widely
accepted and it depends on convergence of an infinite series that is not always
mathematically well-behaved.) We will restrict our comments to the two formulations that
use Bryan's approach, simply because it fits our purposes in this introductory text better
than any other approach for two reasons: (1) the flight test engineer is more likely to be
provided data based on Bryan's approach from wind tunnel and computational estimates
and (2) the bulk of the experimental measurements he must make can be readily verified
with this relatively simple linear model. These reasons are clearly pragmatic, rather than
scientifically satisfying. Nonetheless, they are appropriate for introducing the flight test
engineer to dynamic stability tests.

|
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The first formulation utilizes dimensional equations that virtually every textbook on the
subject of aircraft stability and control4. 5. 6, 17 develop, often in excruciating detail. Table
9.1 below summarizes the resuits, using dimensional stability parameters.

Table 9.1 Linearized, Small Perturbation Equations Using Dimensional Parameters

su + qu+geooseo=xu+xww+stw+xqq+ X sede
sw+ Ugq + g0sin©®g = Zyu + Zyw + Zy ww + Z,q+ Z5,8¢ (9.4)
sq = Myu + Myw + M, sw + Mgq + M 8
Lateral-Directional Equations
sv+ Ugr- Wop - gécos@p = Y, v+ Yy sv + Ypp+ Yr+ Y5055+ Y 55r

sp—!lﬁsr =+ Lisv+ Lpp+ Lir+ L5 Bg + L5 8, (9.5)
X

sr —il"isp =N, v +Nysv +Npp+ N.r +N5‘ 35+ Ns, 8,
X

In Table 9.1 lower case letters (except for s, which is the Laplace operator) represent
perturbed quantities; for example, U = Up + u, where the upper case symbols with the 0
subscript are the equilibrium (or trim) values for the parameter in question. It is assumed
in the equations presented that Pp= Qo =Rp = Vo = 0 and that all control surfaces are
initially in the trail position (3¢, = 84, = 57, = 0°) in the trim condition. There is by no means
consensus about the use of these symbols; Etkin uses &, m, and({ to denote the
perturbation control surface variables, while Nelson uses A, AS4, and A3, to identify the
same deflections. McRuer6 and his co-authors point out that the terminology most com-
monly used ("dimensional stability derivatives”) is more properly "dimensional stability
parameters” and the common usage is to include either mass or moment of inertia terms

the definitions: thatis, X, = %%X; is the form used for force derivative parameters and
Mq ;7?_%":_ is the form used for moment derivative parameters. Neison17 calls these
y

parameters “derivatives divided by mass (or inertia)". Each of these parameters is
evaluated at trim conditions in the Bryan linearization and is therefore a constant in eqns.
9.4 and 9.5. It is important to note that this nondimensional formulation is concerned with
direct measurements, while a second approach that still uses Bryan's linearization is
concerned with force and moment coefficients and nondimensional velocities. Most of the
aerodynamic stability derivative data that comes from wind tunnel measurements is
presented in this nondimensional form. Table 9.2 lists a common set of equations using
this approach. Typically, when the analysis is concemed with the data base itself, the
flight test engineer will use nondimensional forms. However, when he tums to calculation
of transfer functions, actual time histories, or camying out complicated time domain
simulations that are best illuminated with physical engineering units, the flight test engineer
usually prefers the dimensional form for the data. In any event, the flight test engineer
must be able to readily recognize and convert between the two forms of data.
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Table 9.2 Linearized, Small Perturbation Equations Using Nondimensional Coefficients
Longitudinal Equations
(24D - 2C; otan@y - Cx )b - Cx o+ C 8- Cx, 86 =0
(2C1,-Cz )0+ (2uD-Cz, D-Cz ) - (2u+ czq)a +Cpotan@y6 - Cz, 8,=0  (9.6)
- Cm,,b =(Cmy D - Cpy )+ (igD - Cpy )4 + Cmp 86 =0
9-De=0
Lateral-Directional Equations
2uD - Cyg)B - Cy, B +(2uD - Cy,)?- CLip - Cy; 84 - Cyydr = 0
~CapgB+(iaD - C2 )B-(igD+Cs)? - Cuty 85 - Cay$ = 0
- Crgh - (igD + Cp,)B + (icD - Cp )P - Cpy 84 = Cpyr=0 (9.7)
p+Ptan®y-Dp=0
P secOg-Dy=0

Small angle approximations are used to simplify these linearized equations. There are
several different forms for these equations, as Etkin points out clearly. The chief
differences lie in the definition of the normalizing unit of time (t* defined below), the choice
of the characteristic length (in fact, ¢ is defined differently for the longitudinal and for the
lateral-directional equations), and the definitions used for the nondimensional stability
coefficients themselves. Summarizing, the following definitions apply in Table 9.2:

w v c b, £ m . u . _ qc . Iy
& — m— == - = = = = T e
* Uo P Up 2 o 2 UO # pS¢ y Uo 9 2Uyp ‘s psz.'i

I A R Y
p: y r= N ’A= y In = Y IE= N }:—'

20, 20, pst? C pse? st

Derivatives with respect to ? are indicated by D.

9.1.2.1 Longitudinal Modes of Motion. For a stable vehicle, the longitudinal motion
characteristic equation results in two different oscillations; the eigenvalues are two
complex conjugate pairs. One pair, usually called the phugoid, describes a low frequency
interchange of potential energy and kinetic energy, which is very lightly damped with a
period of 30 seconds or longer. 1t typically takes place with negligible change in 9. A
second oscillation, the short period, occurs at V. Its period is usually an order of
magnitude less than that of the phugoid; hence, its name. Fortunately, this oscillation is
weli-damped throughout most of the flight envelope.

9.1.2.2 Lateral-Directional Modes of Motion. Solving the quartic lateral-directional
characteristic equation typically produces two real roots and a single pair of complex roots
for a stable conventional airplane. The real roots correspond to the roll mode and to the
spiral mode. Typically, the roll mode has a time constant that is much shorter than the
spiral mode. The oscillation described by the complex pair is called the Dutch roll mode
of motion and it is moderately damped within the flight envelope for a conventional vehicle.
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Fig. 9.6. Use of Pilot Opinion Ratings10

9.1.3 Handling Qualities

The parameters defined above are excellent tools for engineers and designers; in fact,
these individuals must have a solid grasp of such dynamic measures of merit.
Unfortunately, few operational pilots are engineers. And it is the pilot alone who has the
ultimate responsibility for controlling the airplane. The ease with which the pilot (whether
he or she is in the machine or on the ground) can fly the vehicle to accomplish the tasks
which it was designed has a very strong infiuence on the usefulness of the machine. How
easy an airplane is to fly for a given operational task comes under the subjective heading
of handling qualities. For the design engineer and for the flight test team it then
becomes necessary to communicate with the pilot and assess the handling qualities of a
design before it can be developed to have, not just “good" performance, but also "good"
handling qualities. Since "goodness” is a subjective measure, there is a need to relate the
engineering parameters defined previously and the pilots’ opinions regarding the airplane.
The most useful guidelines that have evolved over the years are the military’s handling
qualities specifications?.18 for manned aircraft and their substantiating documents8.
These specifications spell out the ranges of parameters that historically have given
acceptable handling qualities. Nonetheless, these documents are historical and often
there is no information on how a new design innovation might affect handling qualities.
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For that reason the test pilot and the flight test team must be familiar with pilot rating
schemes and how they should be used in the evaluation of handling qualities.

Pilot opinion surveys, utilizing pilot rating scales like the Cooper-Harper scale, have
been used extensively to quantify this subjective information8. Figure 9.6, adapted from
Cooper and Harper10, illustrates the general principle. A large number of pilots were
asked to fly a specific airplane performing a well-defined task and ¢ and o, were altered
over a wide range of values. From this statistical base and the opinions recorded, an
acceptable and an unacceptable range of values of { and ©, were inferred. This rather
simplistic illustration does not tell the whole story, however.

9.1.3.1 Closed Loop Response versus Open Loop Response. The damping ratio
and the undamped natural frequency discussed above are properties determined solely by
the airplane and its flight control system, that is, they are open loop parameters. The
pilot's inputs close the loop, since he or she acts as an observer (or sensor) and a
controller (control law and actuator). The open loop part of the system is shown in the
dashed rectangle in Fig. 9.7, which depicts the closed loop system as well. The compo-
nent block labeled pilot command is itself a very complex transfer function. A given pilot,
performing a particular task at a specific time will have one set of dynamic response
characteristics. Change any of these conditions and the human response is likely to
change. This human variability (or, in the best light, adaptability) dictates that flying qual-
ities experiments be carried out under carefully controlled conditions. It also means that
the real test of an airplane's handling qualities is in providing satisfactory closed loop re-
sponse with a large number of pilots.

Desired ‘
Sta Emor I “prot || PILOT AIRCRAFTEQUATIONS |
S COMMAND TR .. OF MOTION - .
STABILITY
L AUGMENTATION ™
L__SYSTEM = |
State Observed by the Pilot

FOR AN OPEN-LOOP SYSTEM, THIS FEEDBACK PATH IS OPEN
Fig. 9.7. Closed and Open Loop Block Diagram

9.1.3.2 Pilot Rating Scales. In the mid-1950s the Society of Experimental Test Pi-
lots (SETP) organized a session of technical papers at an annual meeting of the Institute
of Aeronautical Sciences, one of the predecessor organizations for the present American
Institute of Aeronautics and Astronautics (AIAA). One of the papers?! presented was ti-
tled “"Understanding and Interpreting Pilot Opinion." In 1984 Robert P. Harper, Jr., was
invited to give the Wright Brothers Lecturel! at the 25th AIAA Aircraft Systems Design,
Operations, and Test Meeting in San Diego. Much of this work was carried out in variable
stability airplanes and in ground simulators but perhaps the most significant result was the
widely used 10-point Cooper-Harper rating scale (Fig. 9.8). This rating scheme is based
on a series of binary decisions in response to the following questions:

& s the configuration controllable or uncontrollable?
€ s the airplane acceptable or unacceptable?
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¢ s the airplane satisfactory?
Except for a "no" answer to the first question, each of the responses leads to a possibility
of three different levels of controllability, acceptability, or satisfaction. If the pilot will lose
control of the vehicle during some portion of the mission, then it receives a rating of 10
(the worst qualitative assessment). Now, let's tum our attention to defining the terms that
govem these dichotomous decisions.

Demands on the Pilot in

ADEQUACY FOR SELECTED
a A Selected Task or Required Operation

AIRCRAFT
CHARACTERISTICS

TASK OR REQUIRED OPERATION*

LEI
HIGHLY DESIRABLE Factor for Desired Performance

GOOD; NEGLI- Pilot Compensation Not a 2
BLE DEFICIENCIES Factor for Desired Performance

FAIR: SOME MILDLY UN- Minimal Pilot Compensation Re- 3
PLEASANT DEFICIENCIES quired for Desired Performance ")

( EXCELLENT Pilot Compensation Not a ,\
D

MINOR BUT ANNOY- Desired Performance Requires ,D
ING DEFICIENCIES Moderate Pilot Compensation

MODERATELY OBJEC-  Adequate Performance Requires 5
7/ TIONABLE DEFICIENCIES Considerable Pilot Compensation

VERY OBJECTIONABLE BUT Adequate Performance Requires 6
TOLERABLE DEFICIENCIES  Extensive Pilot Compensation )

FACTORY WITH-
our IMPH?OVE-

MAJOR Ag,eqﬁatq Perfo_;n;:nc:’e Nglgo Attainable |
wi| laximum Tolera t Compen-| 7
‘ DEFICIENCIES sation; Controllability not in_Question

MAJOR Considerable Pilot Compensation 8
DEFICIENCIES is Required for Control

MAJOR Intense Pilot Compensation lIs 9
DEFICIENCIES Required for Control )

e MAJOR Control Will Be Lost During Some |4,
éﬁ DEFICIENCIES Portion of Required Operation

*Definition of Required Operation Involves Designation of
Flight Phase and/or Subphase with Accompanying Conditions

PILOT
DECISIONS
Fig. 9.8. Cooper-Harper Pilot Rating Scale

Controllabllity is the ability to command a desired response which is dictated by the
intended use. In answering the first question, how much attention the pilot must pay to
achieve the desired control is not considered. The airplane is controllable if he can
command the desired response even if he has concentrate all his attention on flying the
machine to the exclusion of all other matters. However, it is not controilable in the context
of the mission if he cannot maintain control of the airplane with the effort and attention
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available over and above his other mission duties. Hence, the airplane can be un-
controllable for a given mission, even though it does not crash. Cooper-Harper pilot rat-
ings always assess controllability for an intended mission. Therefore, the mission and its
individual tasks must be clearly and completely defined before pilot ratings have meaning.

Acceptable suggests that the vehicle can accomplish the mission. Acceptable does
not say how well the required tasks can be performed. It may require an inordinate
amount of the pilot's attention to achieve the required level of performance, but it can be
done. If the effort, the concentration, and the workload necessary to complete the mission
are too high, the pilot may reject the airplane and declare it unacceptable.

Satisfactory implies "adequate for the purpose.” In pilot ratings, satisfactory does not
necessarily imply perfection (almost no machine is perfect!). It is good enough that he is
not asking that it be fixed; it can meet all the requirements of the assigned mission.

To infuse as much objectivity as possible into the pilot rating process, definition of the
mission is perhaps the single most important factor. Not only must the mission be defined,
it must be understood alike by both the evaluation pilot and by the test engineer. What the
pilot is required to accomplish with the vehicle and the circumstances under which he must
perform the mission are two essential elements in this definition. The circumstances may
be part of the system being evaluated (like the cockpit displays, the configuration of the
airplane, or the weapon controls, for example) or they may come from external influences
(like whether turbulence is present or absent, the pilot's level of fatigue, or his proficiency
in the task). Since virtually all engineering tests must simulate to some degree, this lack of
total realism must be clearly understood by both the test engineer conducting the test and
the evaluation subject. It would, for example, be quite impractical to evaluate a close air
support airplane in an environment including all the ground-to-air defenses that were found
in Central Europe in the 1980s.

It is absolutely wrong to presume that any numerical pilot rating totally describes any
subject's qualitative assessment. The data collection phase during pilot rating experi-
ments must also include these narrative comments. The rating itself is merely a summary
of all his subjective feelings with regard to the defined task. Any evaluation pilot should be
required and encouraged to make qualitative comments over and above the numerical
rating. A good flight test engineer will thoughtfully prepare for the debriefing session,
seeking to ask questions that will bring out the subtleties that the numerical ratings
frequently gloss over. This debriefing session, where these extra comments are most
likely to be elicited, should occur immediately after each evaluation. This need for
immediacy suggests strongly that a voice recorder is needed during the flight for compilex
mission profiles. Communication, as is true throughout such an experimental process, is
of the utmost importance.

Perhaps the most important single element in the subjective rating process is trust
between the evaluation pilot and the engineer conducting the experiment. The pilot must
be encouraged to believe that the engineer is vitally interested in the qualitative data, and
the engineer must be just as assured that the pilot wants to give him accurate, meaningful
data. Even when the pilots' comments oppose the engineer's judgement of how the
airplane ought to behave based on his knowledge of its characteristics, both parties must
strive to communicate and understand each other.

Let us now return to the linearized longitudinal equations of motions succinctly
summarized in Table 9.1.
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9.1.4 Longitudinal Dynamics

If we define the state vector for the nondimensional equations as x =[u a § B]T,
then the dynamic system can be expressed in conventional state space form.

2uDd =(2C,,tan®,, + Cxu)ﬁ +Cy & -Cry® * stese
(2u-Cp)Da  =(2C,+ C,)u +Cpa +(2pn+ Czq)é + Cz's’se
iBDé - Cm&Da = Cmua + Cmau. + Cmqé + Cm8’83
Do =§ (9.8)
Equations 9.8 are easily manipulated into matrix form:
Cyx =Ayx + Bqu (9.9)
where,
(2]1 0 0 0 (ZCLln'm tan Oyim + Cxu Cx(JL 0 - Cl.m
c, = 0 2u-Cy 0 0;“‘1= 0 Cz, 2u+Czq 0
\ 0 0 o 1 \ 0 0 1 0
(Cx5. ]
Cz a
By = e |. and, of course, x=| .
Cm, q
L 0 ()

In this simplified longitudinal case, where we have assumed that the elevator is the control
(that is, power is not changed and there are no other moveable longitudinal controls), u is
a scalar — not a vector; that is, u = 5. If C41 exists, eqns. 9.9 can be put into "standard"”
form by taking C;-7A; = Aand C;/By = B. Then x= Ax+ Bu. Ais called the plant ma-
trix and B is called the control matrix.

Operating on eqns. 9.9 with the Laplace operator, they are transformed into algebraic
equations which can be solved straightforwardly. if we take Laplace transforms with the
usual assumption of zero initial conditions,

(2us -2Cy,;tan®,,. - Cx,) U (s)- Cyx,afS) - CLyiS(s) = stese(s)

(2L, - C,)0 (8) + (21 - Cog)s - CoJa(s) - (2u+ Cr) 4(5) =Cpleld  (610)
- Cm,d (s) -(CmgS + Cmy)os) + (igs - Cm,(s)) g(s) = Cmsese(s)

s -4(s) =0

Of course, the free response is obtained by solving the equations with the forcing
functions (Bu) set to zero. Since the system is linear, the forced response can be ob-
tained separately and added to the solution for the free response. The free response can
be readily obtained using Cramer's rule or any similar method for solving linear algebraic
equations. Symbolically solving for a due to an elevator input, Cramer’s rule gives:
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afs) _ detNe? (s)
3o(s)  detA(s)

2CLlrim tanOgim +Cxu ste 0 -CLMm
0 C 2u+C 0
where N3¢(s)= 0 Czﬁe “C Zq 0
M5 Mg
0 0 1 0
2CLtﬂm tanOyim +Cxu CxcL 0 -chn'm
0 Cz, 2p.+Czq 0
As)= 0 Cm, Cm, 0
0 0 1 0

The denominator determinant in the above equation is simply the determinant of the
pseudo-plant matrix A4, which when set to 0, is the characteristic equation of the dynamic
system and its roots are called the eigenvalues. For our simplified longitudinal equations
the characteristic equation is a quartic and, for most conventional airplanes, it can be fac-
tored into two quadratic terms. These two quadratics describe two oscillations of widely
differing frequency; both are illustrated in Fig. 9.9. The lower frequency one is called the
phugoid and the higher frequency one is the short period mode of motion.
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Fig. 9.9 Computed Time Histories after an Elevator input

Typical periods for the phugoid are on the order of 30 seconds to a minute and a half,
while those for the short period are usually an order of magnitude less. The phugoid is
also very lightly damped or even slightly divergent. The pilot's inputs are made often
enough that he usually can control a divergent phugoid and not even be aware of a long
period instability. Such handling qualities often occur when the airplane is configured for
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landing (the power approach (PA) configuration in handling qualities requirements3.) The
short period oscillation is consequently of greater importance because the pilot must con-
trol it immediately if it is not well-damped. If his reactions are too slow or are phased im-
properly, his commands may even drive the closed loop system unstable. Of course, the
dynamics of the control system itseif may hamper or even preclude the pilot from making
appropriate corrections. Such short period motion occurs essentially at constant true air-
speed. This fact leads us to an approximation (section 9.1.4.2) for the short period that
can be useful in planning flight tests.

9.1.4.1 Dimensional Form of the Equations. The linearized longitudinal equations
of motions have also been written utilizing dimensional derivatives. McRuer, Ashkenas,

and Graham® developed these equations with assumptions that essentially parallel the
previous development. Taking stability axes that align the x-axis with the relative wind in
the trim condition, Wy;m = 0. Xy = Xg =0 have also proven to be satisfactory assump-

tions. Then, eqns. 9.4 can be rewritten in matrix form:

Cax=Ax+Bau (9.11)
1 0 00 Xy Xw 0 — g cOSOim
01-2; 0 0| Z, Zw Uim+2Z4 0

where C2=|o _m. 1 o' 225\M, M, M, 0
0o 0 o1 0 0 1 0

Xs. u
V4 a
and By = M8° ;and, x= q
L

0 0

9.1.4.2 Short Period Approximation. Considering eqns. 9.6 with i = 0 (no pertur-
bation in true airspeed), four equations in three unknowns result. Since G is simply re-
lated to the pitch attitude by taking the derivative with respect to time and since the x force
equation represents a balance of momentum change in the direction of u, it is logical to
select the z force equation and the pitching moment equation to approximate the two un-
knowns of interest, « and 0. Sticking to the Laplace operator form and the non-di-
mensional stability coefficients and assuming that Cz, and Czq are negligible, eqns. 9.6

reduce to:
(2us - Cza)a - (2us + CLMmtanG,ﬁm)e = Czagse
-(Cmg S + Cmg)a * (igS - Cm)s8 = Cpms,Be

For these simplified equations the characteristic determinant yields a cubic in s that factors
readily into a trivial s = 0 factor and a quadratic factor if we assume that O, = 0

(9.12)

a,s?+ass+ap=0 (9.13)

where a, = 2ig
arn=C. C. -20C.
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Dividing eqn. 9.13 by a, and comparing this result with the standard form for dynamic
response given in egn. 9.3:

Cchza -2uCp,, d - 2n(Cpy, +Cmq )'CzaiB
o)nsp ~ 2ij an Csp ~

9.14
2(9,,” ( )

These approximations are too complicated to provide ready insight into the important
derivatives that affect the short period mode's undamped natural frequency and damping
ratio. In the expression above for Opgg the product Cquza is often quite small relative to
the Cp, term. Thus, Cp, is clearly the dominant derivative in estimating Ongp though
physical configuration and flight conditions also play a part through u and jg. Similarly, in
the first term for §sp, Crp & may be small (though , more often, it is simply ignored) in com-
parison to Cmq. Omitting Cpp, from the expression alters the form of the result not at all

and often the value of the damping term very little. The damping ratio depends primarily
on the stability derivative Cmq. Of course, the moment of inertia about the y axis again is
important, as are the flight conditions. Taking these assumptions into account, eqns. 9.14
simplify to:

-C -2uCpy, -Cy i
©ngp ~" i;"“ and Cgp ~ 2(;’,1 = (9.15)
sp
With dimensional derivatives these approximations take the form:
-M, -2,
Ongp My and Lgp z—z-;n— (9.16)
sp

Care must be exercised in applying these approximations. The primary reason for in-
troducing them is to clarify which stability derivatives most influence each of the dynamic
figures of merit. Do not use eqns. 9.15 or 9.16 when precise values for Ongp and Cgp are
needed. Too many assumptions are involved.

9.1.4.3 Phugoid Approximation. As Fig. 9.9 suggests, the phugoid oscillation oc-
curs at essentially constant angle of attack (remember o is the perturbation in angle of at-
tack from the trim condition). Thus, the equations of motion can be reduced from 4 to 2
with a line of reasoning similar to that used for the short period approximation. In this case
the moment equation is the logical candidate for elimination since the rotational motion has
little effect on the exchange of kinetic and potential energy that the phugoid represents. If
we neglect Czq. again take Og;p, = 0, and also utilize the fact that o ~ 0 during most of the
phugoid oscillation, the x and z force equations reduce to:

(2us - Cxu)ﬁ + Clyin® - C,%é‘,e =0

(2Cyim - Cz,) G - 2us0 - CZ%Se =0 (9.17)
Naturally, the resulting characteristic equation for these approximate equations is slightly
simpler than for the full set. Noticing that the lift is little different from the weight so long as

we do not perturb the vehicle too far from the equilibrium (trim) conditions, a quadratic
eauation like (9.13) aaain results with these coefficients:
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31 =- zquu
@= 2C‘—trfm2 - ClyimCau
Ci,.. (2C - ) C
o m Ltrim Czu and C..p o Xy
2JCle (ZC‘Mm - Czu)

However, except for the transonic flight regime, Cz, is usually small compared to
2CLim consequently

(9.18)

®n,, 2

Ltrim Cxu
—= and -
@ ¥ 2 %0~ ~2%2c,,
To interpret eqns. 9.19 physically, we must recall that ®p,, is expressed in nondimen-

(9.19)

sional time units; that is, radians/airsec, where as noted in Table 9.2, t" = :;—. So to put
0

®n,, into physical time units, we must divide eqn. 9.17a by this parameter. Carrying out
w
this division and noting that C;,. = andthat n=—¢4;

puEmS pgSt’

o »—2 pgSt ""‘f'" . Y2 (9.20)

P Pug,ms JEW Utrim
In trimmed level flight, still ignoring transonic effects, Cy, = - 2Cp, Thus,

Coy Do
9.21

%o~ JZ-CLMm * \/-2_Lm'm ( )
The phugoid damping ratio can also be approximated with dimensional derivatives:
4 al (9.22)

3 - .

P 20, P

Equations 9.20 through 9.22 must be used carefully, but they show that the phugoid
natural frequency is inversely proportional to true airspeed. This approximation suggests
that the phugoid time constant t, = 0.138up. It also indicates @,,, and , are roughly inde-
pendent of altitude and gross weight of the airplane. Blakelock12 shows that both these
frequency parameters do depend on variations in density, evidently because of the effects
of terms neglected in this analysis. For equilibrium flight eqn. 9.21 implies that ¢, is di-
rectly proportional to total vehicle drag. As trim airspeed increases at constant altitude,
phugoid damping ratio increases as the square of the airspeed. Similarly, if true airspeed
is held constant, £, decreases in direct proportion to the change in density with altitude.
While these approximate equations do not give accurate answers, they do offer insight
into the most important stability derivatives affecting the phugoid.
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Example 9.1: Several examples of typical aircraft dimensional stability derivative data are given by
McRuer, Ashkenas, and Graham®. The data in Table 9.3 summarize such stability derivatives for an attack
airplane flying at low subsonic speeds. Solving the characteristic equation that resuits from equations 9.11
with the data in Table 9.3 we get: ®ng, = 1.5611 rad/sec and Csp = 0.3588. Using approximations like
eqns. 9.20 and 9.22: @~ 1.5082 & Lgp = 0.2600

Table 9.3 Longitudinal Data for a Subsonic Fighter (M = 0.2, h = sea level )

Xy -0.0813 (sec™1) M, -0.0029 (ft-sec)!
Xy -0.0312 (sec™) M, -0.0102 (f-sec)!
X5, 0.00432 (ft/sec/rad) M;, - 0.000646 (fr1)
z, -0.026 (sec'!) My -0.48 (sec’?)
Z, -0.307 (sec’!) Ms, - 2.21 (sec™?)
z, - 0.001681 Ms,, 0.000152 (sec™?)
Z, -7.07 (ft/sec/rad)

Note: This airplane has both a trimmable horizontal tail and an elevator (denoted by subscripts 5, and 3,
respectively, above). Elevator deflection does not affect the X force equation.

The approximate undamped natural frequency differs from that calculated from the full characteristic
equation by approximately 3.4% while the estimated damping ratio is about 17% higher. A similar calcula-
tion for the phugoid mode yields considerably less satisfactory results, with the approximation giving an er-
ror of approximately 34% in o, . and over 200% in Cp These approximations are useful for quick estimates
of the short period but the phugoid estimates are extremely crude.

Table 9.4 Stability Derivatives Significantly Affecting Longitudinal Oscillations12

Aerodynamic Motion Parameter Effect on Motion Parameter
Parameter Affected Most
C,,,q Short period damping ratio, s,  Lsp increases with increasing Cmq
Cme Short period undamped natural o, sp iNCreases with increasing Cp,,,
frequency, ®ngp
Cx, 0r Do Phugoid damping ratio, £, Cp increases with increasing
Cx, 0r Do
1 Phugoid undamped natural fre- @p, increases with increasing
Cz,or\l o~ quency, ®
Veo i Cz, or (L)
Zu Vw

9.1.4.4 Sensitivity to Longitudinal Stability Derivatives. Blakelock2 has also ex-
amined the sensitivity of the damping and natural frequency of the longitudinal modes of
motion to variations in Cy,, Cy,. Cz,Cxs: Cmy Cm, @nd C,,,q. Table 9.4 summarizes his
findings for a four engine jet transport.

9.1.4.5 Summary of Linear Lonagitudinal Dynamics. The linearized longitudinal
equations of motion used to analyze airplane pitch dynamics illustrate the complexity of dy-
namic flight tests. Approximate equations of motion, obtained to help the flight test engi-
neer anticipate trends in dynamic figures of merit, must be used with good judgment.
They give insight to help you plan dynamic flight tests more efficiently and to help you spot
trends in data collected that indicate undesirable longitudinal dynamic characteristics.
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9.1.5 Lateral-Directional Dynamics

The linearized lateral-directional equations (see Tables 9.1 and 9.2) are separated
from the longitudinal ones by assuming that the product of inertia /y; is negligible and that
there are no other aerodynamic or control surface coupling terms are of significance. With
these decoupled equations we can study the asymmetric dynamic response of an airplane

or a missile. If we choose the state vector to be x = [B p ? ¢]T, we can put eqns. 9.7
in matrix form:

2uDB = Cy,p +Cy, P -(2n-Cy)F +Cpyb+ Cys,8a*+ Cysor
I'ADﬁ - IEDf = C.lpﬂ + C.lpﬁ + C‘rf + 045.83 + 018’8, (9.23)
-igDp+ icDF = Cpg + Cn,,l3 +Cp, 7 +  Cps8a+ Cng Sy
Db = p
These equations can also be put into the matrix form of eqn. 9.9
(2u O 0 O gyp gyp Cy, -2p Crpp,
0 ip -ig O £ Y Ce 0
Cs= f R ;. Ag= B P r
310 -ig ic O "*7|Cp Cn,. Cn 0
\0 0 o0 1 0 0 0 1
(Cyss  Crs, B
C C b
Bj = C““ﬂ <8¢ |. and, of course, x = P
ns. ng, r
Lo o ¢

Again, if Cy exists, this control equation can be put into "standard” form by premul-
tiplying the plant and the control matrices by Cs"?: Cs"TAg= A and Cs1B3=B.

9.1.5.1 Dimensional Form of the Equations. The linearized lateral-directional
equations of motions can also be written to utilize dimensional derivatives. Again, see
McRuer, Ashkenas, and Grahamé for the full development and the complete set of as-

sumptions.

Cyx=Agx+Byu (9.24)
1 0 o 0 Yy Yp Yr-Vo -—gcosbypy
0 ’x -Ixz 0 . Av 4p 4,' 0
where Ca=\o _1p 1, 0 MTIN, N, N 0
0 0 0 1 0 o 0 1
Ys’ Ysr v
Ly, L5 p
B e rl and x=|.
7 Moy Ms, 7
0 0 ¢
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For either set of lateral-directional equations the control vector includes at least two
elements.. For conventional aircraft, u” = [ 3, 5, ]. The plant matrix sets the free re-
sponse of the dynamic system: its eigenvalues describe transient behavior. These char-
acteristic roots typically include two aperiodic and one oscillatory mode of motion (two lin-
ear factors and one quadratic factor). These three modes of motion make up the asym-
metric dynamics for a conventional airplane. In Figure 9.10 all three of the modes are su-
perimposed after an aileron input excites them. It is almost impossible to pick out to the
roll mode. The oscillatory Dutch roll mode appears to dominate.

4 . , , . .
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[T )
. et

...........................................................................................

p - Degrees/sec
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&
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Fig. 9.10 Lateral-Directional Dynamic Response

9.1.5.2 Roll Mode. The roll mode, as the name implies, describes the response of the
airplane to a lateral or roll command. For a conventional airpiane, the control surface input
would be the aileron. The expected response is a decaying exponential in roll rate with a
small time constant, usually on the order of 1 or 2 seconds. MIL-F-8785 requires that this
time constant be less than 3 seconds3. This mode is illustrated later in Fia. 9.17.
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9.1.5.3 Roll Mode Approximation. Etkin4, Blakelock'2, and Roskam® all retain only
the rolling moment equation to give an approximate expression that will show which of the
stability derivatives most directly influences the roll mode time constant. The rolling mo-
ment alone is assumed to contain all needed information. Moreover, the § and 7 terms

are neglected.

Ixp - Lpp=0 (9.24)
2 8' T T T T T H T T
{ . H ' \ ' H H \ H
0 ol 5 : At i : : 1: :
3 M “mM=o02
@ 4y iff Sea Level e : :
8 R 1 A4D Skyhawi Simulation |
. 8 : M = 0.2, Sea Lovel
- M = 0.5, 35,000 feet

. i { i i i i i i i
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Fig. 9.11 Stable and Unstable Spiral Modes of Motion

9.1.5.4 Spiral Mode. The second first order response from the lateral-directional
equations of motion has a much longer time constant, typically about 10 times that of the
roll mode. This spiral mode relates time to the airplane's tendency to roll and descend if
no control action is taken. Bank angle is the most logical dynamic flight test measurement
used to describe the spiral mode. Like the phugoid mode discussed under the longitudinal
response, the spiral mode can be controlled easily by the pilot under normal circum-
stances even if the bank angle is divergent. The time-to-doubie-amplitude must, however,
be long enough so that the pilot does not have to devote an excessive amount of his at-
tention to this correction. Figure 9.11 illustrates both a divergent and a convergent spiral
mode, from simulations for the A-4 Skyhawk aircraft model given by McRuer, Ashkenas,
and Graham®. The spiral mode is typical of many aircraft in that at high altitude and rela-
tively high angle of attack the spiral often becomes divergent. Also, notice that the time
constant for the divergence is quite long, suggesting that this instability will likely be a mi-
nor nuisance to the pilot. Both military and civilian requirements documents for this mode
of motion allow some instability of the relative ease with which such divergences can be
controlled by the pilot.

9.1.5.5 Spiral Mode Approximation. Roskam® suggests an approximate expression
for the spiral mode, generated using the same general approach as above. However, as
we will see shortly, this approximation is often quite inaccurate. The highly coupled nature
of lateral and directional modes of motion is largely responsible for making such estimates
unacceptably crude. Part of the difficulty lies in deciding which of the four equations best
represents this mode of motion. We note that p changes little in a spiral, suggesting that
elimination of the side force equation may work; further, in the spiral transient, the roll
rates are usually quite low. So, following Roskam, we will try taking p = O while ignoring




198 Dynamic Stability Tests Chapter 9

the side force equation. Simplifying eqns. 9.7 with these approximations, extracting the
simplified characteristic equation, and solving for A4 yields:
l —ClﬂCnr 'C"B CAI 926

s- IZCZB ,XZCnp ( ’ )

+
Sgbh Sgb

For conventional airplanes and stability axes, I,(,C,,’3 << [,C 2p because of the relative sizes
of I, and /,,. Then, eqn. 9.26 simplifies further

ClBC,,r - C,,'5 Cs,
Sgb

The inaccuracy of this approximation is highlighted by using Blakelock's example of a
jet transport and calculating the spiral mode eigenvalue and its associated time constant
from the full set of equations. The results are: ig = 0.004/sec and T5 = 250 sec. By way
of comparison, eqn. 9.27 gives: Ag~ 0.099/sec and Tg = 10.1 sec. Rather obviously, the
approximation leaves much to be desired. About all we can say is that it did show the spi-
ral to be unstable; but this approximation does a very poor job of predicting the time re-
sponse character of the mode. Roskam points out that the asymmetric aerodynamic
forces depend on B, ¢, and s, rather than on B, ¢, and y. The damping terms associ-
ated with ¢ and s are often of the same magnitude as those due to B. Consequently,

they cannot be neglected safely. However, the approximation exercise was not wholly fu-
tile, for we can pick out the significant stability derivatives from eqn. 9.27. The numerator
term on the right, coupled with the knowledge that dihedral effect is negative for a con-
ventional airplane, leads to the following condition for a stable spiral mode.

C‘BCn’ > Cn” Clr (9.28)

Again, because the spiral mode has a relatively long time constant, it is not absolutely
essential that it be stable. As Blakelock shows, many airplanes have divergent spiral
modes at low speeds and convergent ones at high speed. It is often quite within the ca-
pability of the pilot to correct for spiral divergences. In fact the spiral mode and the Dutch
roll mode are both strongly affected by dihedral effect; increasing dihedral (making Czp
more negative) to drive the spiral mode more stable can reduce Dutch roll damping. Often
a slight spiral instability is accepted to improve Dutch roll damping, a parameter that often
has a much larger effect on lateral-directional handling qualities. So, except during the
performance of certain tasks (instrument approaches, for example) requiring virtually all of
the pilot's attention, the handling qualities as perceived by the pilot may be largely unaf-
fected by an unstable spiral mode. Moreover, the spiral mode can be controlled fairly eas-
ily with stability augmentation; yaw dampers, even in their simplest forms, can be designed
to improve spiral stability in a closed loop automatic control system.

9.1.5.6 Dutch Roll Mode. This lateral-directional oscillation is a tightly coupled roll-
ing and yawing motions usually occurring at medium to high frequency and having moder-
ate to light damping with no yaw damper installed. Typically, at cruise conditions the pe-
riod of the oscillation is on the order of 3 seconds. The ratio of bank angle to sideslip an-

Ag =~ (9.27)
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gle % is a key parameter; it often indicates how pilots will react to such an oscillation.

Usually, a low % ratio (yaw dominates the Dutch roll) is more acceptable to pilots than an
oscillation in which relatively large bank angle excursions take place. If the Dutch roll is
lightly damped and/or the frequency is too high, it may be necessary to add a yaw damper
or similar automatic flight control system component to augment the natural characteristics
of the aircraft.

9.1.5.7 Dutch Roll Approximation. RoskamS, Blakelock'2, and Nelson1® ap-
proximate the Dutch roll oscillation by simpiifying the equations of motion, though each
uses a slightly different approach. They also arrive at similar conclusions. Blakelock sug-
B(s)
8r(s)
pole-zero cancellation that effectively negates the roll subsidence factor in the lateral-
directional characteristic equation. This cancellation implies that the rolling moment equa-
tion can be ignored for an approximation to the Dutch roll mode. It is assumed, therefore,
that Dutch roll consists of only sideslip and yaw. Moreover, pure sidesiip (thatis, B =-v)
and zero change in the V,, during the maneuver are postulated. Then r = Y. Under
these assumptions the side force equation does not contribute at all to the free yawing
motion; that is, - Yg B = Y55 Thus, Blakelock's approximation is based entirely on the
yawing moment equation.

gests that examination of the rudder input transfer function shows that there is a

(N + 52— Nys)w= 0 or (s?- Nys+Ng)® ~ 0 (9.29)

If we compare eqn. 9.29 to the standard form for a damped quadratic,

Onpy ,/Na | (9.30)
Cp.GSb

This expression clearly shows the dependence of ® ngy OD Ng. Also, Ng = , which

/
emphasizes the direct link of @p, to altitude (through @ ). Like the short peri;d, Onpy is
also directly proportional to V,,. So, increasing airspeed increases wp, and increasing
altitude decreases o, -

Alternatively, we could slightly improve our approximation by solving the reduced or-
der set of equations (side force and yawing moment equations only) as both Roskam® and

Nelson19 do. This approach is useful for airplanes with low dihedral effect. The resulting
characteristic equation is

Y YaN NpY,
2_ LR I s _Br
{s ‘("’*n)*(vm Ny - )J“o

Now, the approximate expression for . is slightly more complicated.
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[YpN; + NgVo ~ NpY; (8.31)

The middle term in eqn. 9.31 usually dominates the lateral-directional oscillation; so, this

approximation is in effect adding small terms to the approximation of eqn. 9.30.
From the characteristic equation the damping ratio £, is approximated by:

Yp+ Vo N, (8.32)

Cor=- 20 np, Voo
Nr
Damping ratio is dominated by the second term, which is set by the ratio — —J.N= anditis
B
also related to @, using similar reasoning as we did for ®np, -

Example 9.2: Returning to the airplane considered earlier to illustrate longitudinal dynamics to provide ad-
ditional insight into lateral-dynamics and our approximations. The data® are summarized in Table 9.5.

Table 9.5 Lateral-Directional Data for an Attack Airplane (M = 0.2, h = sea level )

Y - 22.9 (Vsec2/rad) 25, 1.875 (sec2)
Ysa -0.606 (f/sec2/rad) 45, 0.1284 (sec?)
Ys, - 0.00272 (f/sec?/rad) Ng 28 (sec’d)
£ -3.21 (sec?) Np -0.111 (sec)
<4y -0.412 (sec’1) N, -0.296 (sec’!)
£, -0.0317 (sec’!) Ns, - 0.0242 (sec™?)
Ns, -1.272 (sec?)

Table 9.6 Effect of Altitude and Airspeed on the Roll Mode of an Attack Airplane

Flight Conditions Time Constant (seconds)
. . Approximation Full Equations
Alti feet Airspeed
fude (feet) (fpe) (eqn. 9.25) (eqns. 9.7)
Sea Level 223 242 1.78
Sea Level 950 0.26 0.26
35,000 487 1.87 1.78
35,000 681 1.23 1.19

Substituting the derivatives from Table 9.5 into the approximate relations and comparing to the solu-
tion of the complete small perturbation lateral-directional equations gives an approximate ®p Drthat is about
8.5% smaller than comes from the complete equations: Onp, is 1.894 rad/sec from the complete set of
equations, while the approximation gives 1.6823 rad/sec. The same comparison for GDr shows that Dutch
roll damping ratio is overpredicted significantly; Cpr is approximated as 0.1185, compared to 0.0502 for the
complete equations result. This error is over 100%. For this example at least, this Dutch roli approximation
gives a fairly reasonable estimate of Dutch roll frequency, but the damping ratio is unreliable. The ap-
proximation typically gives such resuits. Roskam applies a similar approximation to a small business jet and
finds that the Dutch roll frequency is predicted quite well (1.62 rad/sec from the approximation compared to
1.618 rad/sec from the approximation). Again, the damping ratio is not predicted well (0.058 from the ap-
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Fig. 9.12 Duich Roll Transient Response (Full 6 DOF Response to Rudder)

Table 9.7 Effect of Altitude and Airspeed on the Dutch Roli Mode of an Attack Airplane

Flight Conditions Damping Ratio ®p (rad/sec)

Altitude  Airspeed | Approximations  Full Equations Approximations  Full Equations
(feet) (fes) | (eqns. 9.31/9.32) (eqns. 9.24) | (eqns. 9.31/9.32) (eqns. 9.24)

Sealevel 223 0.1185 0.0502 1.68 1.89
Sealevel 950 0.1180 0.1203 8.58 8.29
35,000 487 0.06980 0.0734 234 2.55
35,000 681 0.06580 0.0625 3.37 347

Table 9.6 summarizes the effects of airspeed and altitude on the roll mode and Table 9.7 illustrates the ef-
fect of these variables on the Dutch roll mode. Each tabulation shows the errors introduced in using our
approximations. Clearly, the complete equations are preferable. These complete equations generated the
time histories in Fig. 9.12, showing the character of the Dutch roll. The time histories show the strong
damping that develops at high dynamic pressure; there is a stark contrast between the first two time histo-
ries in Fig. 9.12 that illustrate this effect. Also, the decrease ine ngy 88 aititude increases is clearly seen.

Finally, notice the large increase in o npy 88 airspeed increases at either altitude
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9.1.5.8 Sensitivity to Lateral-Directional Stability Derivatives. Blakelock12 also
considers the sensitivity of the lateral-directional modes of motion to variations in the
asymmetric derivatives. Table 9.8 summarizes and compares the effects of the most sig-
nificant of these derivatives on this type of motion, just as we previously did for the longi-
tudinal modes of motion. Notice that our example, using the mathematical model of a
rather different airplane, leads to the same conclusions.

Table 9.8 Effects of Stability Derivatives on Asymmetric Modes of Motion12

Stability Motion Parameter Effect on Motion Parameter
Derivative Affected Most
Cn, Cor Increase |Cn, I to increase damping
C"u ®np, Increase C,,B to increase natural frequency
C‘p Roll Subsidence Increase l C 2, | to increase roll mode time constant

Spiral Divergence Increase IC 4 | to improve spiral stability

9.1.5.9 Summary of Linear Lateral-Directional Dynamics. The linearized lateral-
directional equations of motion illustrate clearly just how complex asymmetric motions are.
The approximate equations are even more inaccurate than they were for the symmetric
motions. Though these approximations are useful for planning flight tests, they must be
used with discretion.

9.2 DYNAMIC FLIGHT TEST METHODS

Flight tests designed to determine dynamic characteristics of airplanes are some of
the most challenging. The flying precision required and the care in data reduction required
are primarily responsible for this challenge. Moreover, the subjective character of closed
loop handling qualities is tied very closely to open loop dynamic characteristics of the ve-
hicle and its control system; so, cooperation and understanding between the pilot and the
flight test engineer are absolutely essential to obtaining meaningful results from such tests.
First, consider how open loop dynamics can best be excited.

9.2.1 Types of Control Inputs

An infinite number of inputs could be used; indeed, random excitations from atmos-
pheric disturbances excite the dynamics when encountered. However, most linear dy-
namic theory is built around three ideal inputs — step inputs, pulse inputs, and doublets
(Fig. 9.13). Except for the phugoid and the spiral modes, dynamic motions are usually ex-
cited by rapid pilot inputs. No control system can provide an infinite rate of surface move-
ment; ideal inputs cannot be achieved. Even if the control system could provide such
rates, pilots cannot perfectly return the surface exactly to its trim position for stick-fixed in-
puts. Pilot inputs are not repeatable from test point to test point, much less from pilot to
pilot. Some flight test programs now use automatic flight control system inputs to excite
dynamic modes. Repeatability is improved when electromechanical inputs are pro-
grammed into the flight profile. The Shuttle Orbiter and the X-29 are two test programs




S W e T W

Chapter 9 Dynamic Stability Tests 203

where such programmed inputs were used to advantage. Both the test pilot and the test
engineers on the ground simply monitor the resulting motion.
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Fig. 8.13 Control Inputs for Dynamic Testing

9.2.1.1 Step Input. ideally, a step inputis a movement of the control surface to the
desired position in zero time. The surface then remains in that new position, either be-
cause the pilot holds it there or because the surface has no tendency to float with aero-
dynamic forces (as in an irreversible control system). Of course, if the stick or rudder is
freed and the trim mechanism moves the stick or rudder back to the original position, the
input is no longer a step. The final level is not maintained. No real control system can
provide an input in zero time; therefore, as Fig. 9.13 shows, there is a finite slope to the
actual input. Naturally, a step input has the undesirable effect of setting the control sur-
face to a new trim position, which causes the vehicle to take on a new equilibrium state.
An elevator step input will cause an airplane to stabilize in a new attitude and at a new trim
airspeed some time after the step input is made. In other words, any oscillation that is ex-
cited by a step input will not retum to the original equilibrium state. Dealing with these two
equilibrium states in response measurements can be tedious.

9.2.1.2 Singlet. As Fig. 9.13 also shows, a singlet (often called a pulse) is merely a
step input, followed a short time later by a negative step input of the same size but op-
posite sense. The surface defiections occur instantaneously in an ideal singlet. Again,
such infinite rates of movement of any physical mechanism are impossible.

9.2.1.3 Doublet. A doublet, merely a singlet followed immediately by a second pulse
opposite in sense to the first one, is an even more common technique used to excite dy-
namic modes of motion. A doublet is ordinarily. used when an oscillation exactly (or as
close as possible) about the original equilibrium point is sought. For quick evaluation of
dynamic characteristics without mathematical analysis, such a time history is easy to inter-
pret. As can be seen from Fig. 9.13, the doublet is a periodic function if performed per-
fectly. This picture makes it easy to visualize the frequency content of this type of input
excitation. As you might expect, the nature of the response depends on the frequency of
this input. We will have more to say about this frequency dependence when we tum our
attention to the longitudinal modes of motion. Let us consider first the phugoid, which has
littie dependence on the nature of the input; in fact, one does not even have to use the
primary control surfaces to excite this oscillation.
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9.2.2 Phugoid Test Methods

The first step in setting up for virtually any of the dynamic tests is to carefully trim the
airplane at the desired test conditions. The engineer should insist that the desired equi-
librium conditions are attained before any excitation is applied. Of course, there are some
types of tests where the airplane cannot be trimmed completely. For example, the Shuttie
Orbiter (or any other glider, for that matter) cannot be trimmed for constant airspeed and
altitude. So, data must be collected in a dynamic environment. However, most of the
elementary test methods described in this book start from true equilibrium conditions and
the pilot must trim the airplane with care. A good rule of thumb is that, if airspeed and air-
speed can be maintained within 0.5 KIAS and 20 feet for 10-15 seconds, trim is satisfacto-
rily established. The pilot must make no control inputs during this time. The phugoid test
is one of the tests for which such a careful trim point is essential.

A singlet of fairly long duration is used to excite the phugoid. Actually, the duration of
the singlet is not critical; it is best to simply hold the initial step in long enough to reduce
(or increase) the indicated airspeed by some set amount (approximately 5% of the trim in-
dicated airspeed is a good starting estimate). Care should be taken to retumn the control
surface as nearly as possible to the original trim position; otherwise, the oscillation will
have a climb or dive superimposed on it and the analysis is a bit more difficult. Depending
on which type of measurements are sought, the pilot may fix the stick after returning it to
the neutral position (stick-fixed oscillations) or he may release it after returning it to the
neutral position (stick-free oscillations). Both types of oscillations should be examined if
the control system is reversible. Of course, the airplane’s free response is sought, the pi-
lot must make no longitudinal inputs after retuming the stick to the neutral position. How-
ever, small lateral control inputs to keep the wings level are allowed while the oscillation is
being recorded. But, bank angles as small as 5°-10° may affect the phugoid damping ratio
(€p) and its undamped natural frequency (o, p ). For some vehicles, it is more convenient

to reduce the airspeed using speed brakes or even power than by elevator or horizontal
tail inputs alone. Any method that will start the exchange between potential and kinetic
energy is satisfactory.

As with all dynamic parameters, it is best to record the phugoid oscillation with some
form of automatic recording device, though this oscillation is usually of low enough fre-
quency that the pilot can time a period with a stop watch. Airspeed, altitude, or pitch atti-
tude all give accurate phugoid oscillation parameters with their response character. if you
lack instrumentation, a video tape or motion picture camera of the instrument panel will
provide an accurate measurement of the phugoid parameters. One ftrick to obtain repeat-
able periods for the phugoid is to mark the time when the vertical velocity indicator passes
through zero rate of climb or descent. Of course, the period of the oscillation is between
the adjacent times for zero rate of climb when the indicator is moving in the same direc-
tion. You should not start timing to obtain this parameter until after the short period (if it is
excited by the input) has damped out. Typically, a haif cycle of the phugoid is quite ade-
quate for the short period motion to be negligible; so timing for the phugoid should start no
sooner that one phugoid half-cycle after the input excitation is removed.

Calculated phugoid time histories are shown in Fig. 9.14. We will defer discussing
how to extract phugoid damping ratios and frequencies until we have reviewed meas-
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urement of lateral-directional dynamic modes. Notice that the phugoid oscillation is lightly
damped in all cases and that ®n, increases as altitude increases.

9.2.3 Short Period Test Methods

The pilot is quite sensitive to short period frequency and damping; these parameters
have a strong influence on pilot ratings for virtually any precision fiying task. The pilot
senses dynamic parameters through both visual and tactile perceptions. He observes the
pitch attitude variations, he feels the normal accelerations, and he visually records infor-
mation from all available indicators (angle of attack indicator, accelerometer, or pitch rate
indicator). All of these cues are integrated in the human brain to give frequency response
information about the airplane's dynamic behavior. The stability and control manuais2-9
from the test pilot schools have more complete discussions of how each of the dynamic
parameters affects pilot opinion of an airplane. Perhaps the most complete document dis-
cussing this important aspect of airplane dynamics is Chalk's work8. This document is
*required” reading for those regularly engaged in flying qualities tests.
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Fig. 9.14 Phugoid Oscillation
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The most common input used to excite the short period is the doublet discussed pre-
viously (see Fig. 9.13). This type of input is usually quite good for exciting the short period
while suppressing the phugoid, simply because the input begins and ends at the trim pitch
attitude at very nearly the trim airspeed if performed correctly. Starting the doublet with a
nose down pitch rate first is slightly more comfortable for most pilots, but satisfactory data
can be obtained with the opposite initial pitch rate. This periodic input causes transient
deviations in pitch rate, normal acceleration, angle of attack, and pitch attitude that are as-
sociated with the short period motion. A typical short period oscillation for a light twin is
shown in Fig. 9.15.
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Fig. 9.15 Short Period Response to a Doublet for a Light Twin

The airplane response must be measured after the control inputs have ceased; but,
unlike the phugoid measurements, the important part of the time history is immediately af-
ter the doublet is completed. For that reason it is important that control inputs be recorded
simuitaneously with the other dynamic parameters. It should also be obvious that record-
ing devices are essential for obtaining quantitative measures like short period damping ra-
tio, undamped natural frequency, and damped natural frequency (Csp. Opgp and oy, 500 F&
spectively). The pilot can obtain a rough estimate of {sp, by counting the number of peaks
of the osciliation in pitch attitude until he can no longer discern an osciliation. If the
damping ratio is 0.1 < g, < 0.7, as it is for most aircraft,

T
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Cap 7 - number of peaks counted
sp 10

The singlet can also be used to excite the short period mode of motion. Unfortu-
nately, especially for slow-responding airplanes like most commercial airliners and most
bombers and tankers, this type of input also excites the phugoid and it is not easy to sepa-
rate the two quadratic factors in analyzing the data. It is useful for quick-responding air-
planes that also have enough pitch damping to cause the short period to subside before
the phugoid oscillation develops.

Finally, a form of the step input can also be used to excite the short period when the
airplane has a low frequency short period and/or heavy damping of this oscillation. It is
especially appropriate for this type of airplane when a larger amplitude motion is needed
for accurate data reduction. The disadvantages of this excitation method are that it re-
quires more test time and maneuvering by the pilot. It will likety not be quite as repeatable
as the simpler doublet form of excitation. This technique is sometimes called the "2g pull-
up" method, though of course any normal acceleration level consistent with the airplane
limitations and the pilot's skill could be used. After carefully trimming (as always), airspeed
is traded for altitude and then the pilot pushes over to establish a shallow dive. The dive
angle must be adjusted for each configuration and for different points in the operating en-
velope. This adjustment is often an iterative process and adds to the amount of test time
that this excitation method requires. Trim altitude should be approached in a steep
enough nose-down attitude so that the pilot can pull up sharply to the desired normal ac-
celeration and establish a constant pitch rate. As the airplane approaches the initial trim
attitude in this rotation, the pitch rate should be constant, normal acceleration should be
constant at approximately the desired value, and the altitude should be very close to the
initial trim altitude. At that point the longitudinal controller should be smartly neutralized
and either fixed in the neutral trim position or freed at that position.

The use of the traditional second-order dynamic system measures of merit (like
damping ratio and undamped natural frequency) alone has led to inexplicable discrepan-
cies between pilot opinion ratings and these measures of merit. The military specifica-

n
tions3.8 state requirements in terms of another parameter, por The ratio of maximum

pitching acceleration to steady state normal acceleration during maneuvers is roughly

(o,,sg

%
a
Csp and ®ngp alone. Obtaining this parameter for each test condition is often a simple task
if analog recording devices are available or if digital systems have a high enough sample

rate. If the normal acceleration and the angle of attack at any desired flight condition can
be recorded, obtaining % is a simple division. One way to obtaining such data is a near-

equal to the ratio . This parameter seems to indicate initial response better than

sinusoidal pumping of the longitudinal controller while recording normal acceleration and
angle of attack. The frequency of the periodic input can be varied to cover the entire
range of frequencies of interest. These data can also be used to determine the minimum
transient stick force per g ratio. This ratio is usually obtained when the stick is pumped at
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a frequency close to w,.,. Care must be taken by the test pilot in making such inputs to
keep them small enough to avoid overstressing the airplane when the input frequencies
are close enough to Ongp that they might excite a resonance or lead to pilot-induced
oscillations. Use very small amplitude inputs and build up to larger ones only if needed
for data analysis when conducting such a test. Having completed our discussion of
longitudinal dynamic test methods; we now turn to lateral-directional measurements.

9.2.4 Dutch Roll Test Methods

The only remaining oscillatory motion normally encountered in dynamic flight testing is
the coupled lateral-directional oscillation. The other lateral-directional modes are typically
aperiodic. For that reason we will defer discussion of the test methods associated with
the spiral mode and the roll mode until after discussing the Dutch roil.

This oscillation can be quite uncomfortable to both crew and passengers and may
seriously affect the utility of an airplane if it is objectionable. Swept-wing commercial air-
liners often need yaw dampers to augment the natural damping of the aircraft. Otherwise,
passengers might even become ill from Dutch roll excited by atmospheric turbulence.
Military ground attack aircraft may not allow precise tracking of targets at low altitudes if
this oscillation is not damped artificially.

Dutch roll, like the short period, is most commonly excited by a doublet, though other
forms of inputs can be used. The rudder pedals are usually the pilot controller used to
input this doublet. If the pilot input is not quite symmetric, it is very easy to excite the roll
mode and/or the spiral mode and make data analysis difficult. Also, the test team must
keep the dynamic sideslip limitations of the airplane in mind when performing deliberate
Dutch rolls. Finally, on vehicles operated at high dynamic pressures, deliberately inducing
Dutch rolls can load the vertical surfaces highly. Several test aircraft have lost parts of the
vertical tail or the rudder due to excessive aerodynamic loads during such dynamic
overshoots. Appropriate care must be exercised; loads may be monitored in real time if
the aircraft is highly instrumented and has telemetry capability.

An aileron singlet can also be used to excite the Dutch roll. Ordinarily, such a ma-
neuver is started with the airplane at some steady bank angle. Aileron is applied as rap-
idly as possible (near a step input) to roll out of the tum. Opposite aileron is abruptly
applied as the wings approach level flight. For some aircraft, like those with large mass
and high inertias, this technique often provides more realistic amplitudes of Dutch roll
oscillation than do rudder doublets. This input, like the rudder doublet, may end with the
rudders fixed or free in the neutral position.

The Dutch roll can be also be excited by another form of the singlet, though this con-
trol input involves the use of two controls simultaneously. The controls are abruptly re-
leased from a steady, straight sideslip by simuitaneously neutralizing both the rudder and
the ailerons (and then either fixing or freeing both of these controls at the neutral point).
This technique is applicable for some airplanes for which a single control input (either
rudder doublet or aileron singlet) does not adequately excite the Dutch roll oscillation.
Ordinarily, it is only needed if the Dutch roll is highly damped. Releasing the controls
abruptly from a large sideslip can produce unexpected results, from dynamic overshoots
of maximum allowable sideslip angle to structural overloads on the vertical tail. Such
safety considerations dictate that the pilot should build up cautiously by starting with small
values of B and then increasing p incrementally until an oscillation with satisfactory char-
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acteristics is achieved. Do not attempt this form of excitation from maximum static side-
slip angles without such a preliminary buildup.

Whatever the type of input, quantitatively analyzing Dutch roll measurements also re-
quires recording devices to be on the airplane. Like all the other airplane oscillations, ex-
tremely high frequency data recording is not essential. Frequencies of interest in these
motions are usually on the order of 10-25 Hz; so, digital recording is possible with rela-
tively low cost instrumentation. Do not forget, however, that the sampling theorem states
that discrete sampling rates must be at least twice that of the highest frequency of inter-
est. Most flight test agencies target a sampling rate an order of magnitude greater than
the highest motion frequency being studied.

A typical Dutch roll oscillation is depicted in Fig. 9.16. This particular test sequence
was initiated by a rudder doublet. Notice that the aperiodic lateral-directional modes
affect this oscillation. It is virtually impossible to excite the Dutch roll without exciting the
other two modes of motion. To extract {pr and @p,, from such response time histories,
we must first understand how to test for the spiral mode and the roll mode.

....................................................................................

...................................................................
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Fig. 9.16 Dutch Roll Oscillation Excited by a Rudder Doubiet

9.2.5 Spiral Mode Test Methods

The first aperiodic mode to be considered is a slow divergence or convergence in
heading when the airplane is displaced in roli from the wings leve! equilibrium state. Ex-
citing this mode requires no control input. After trimming carefully at the desired test
conditions, simply roll the aircraft to a bank angle of approximately 10° and stabilize in the
ensuing tum. Then, either fix or free the ailerons and the rudder (the elevator may be
used to maintain airspeed constant). If the airplane tends to roll out of the tum, the spiral
mode is stable (convergent). The time-to-half-amplitude can be measured by timing how
long it takes to roll from a 20° bank to a 10° bank. Conversely, if the airplane tends to roll
further into the bank, the mode is unstable and the time-to-double-amplitude can be
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obtained by noting how long it takes to proceed from the original 10° bank condition to 20°
bank. When using this test method, care should be taken to avoid bank angles greater
than 20°. If ¢ gets larger than this value, the linearizing assumptions used in the small
perturbation equations are no longer valid. For multiengine airplanes, care must be taken
to ensure that all engines are producing the same thrust, otherwise, the asymmetric
moment produced by the engines will overpower the spiral mode behavior.

The spiral mode usually has such a long time constant that it has little effect on the
handling qualities of a conventional airplane even if it is unstable. This point is illustrated
in Table 8.9%. Notice that the minimum times-to-double-amplitude are significantly longer
than the usual Dutch roll period, but if they are shorter than indicated, pilots object be-
cause the spiral mode will require attention during precise maneuvering tasks. Such
additional pilot workload is particularly unwelcome during any precision maneuver that
occurs over a long time period, like instrument approaches or takeoffs and landings.

Table 9.9 Typical Spiral Stability Requirements: Time-to-Double-Amplitude (seconds)

Class Flight Phase Category Level 1 Level 2 Level 3
land IV A 12 12 4
BandC 20 12 4
itand Il All 20 12 4
~-Adapted from Chalk®
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Fig. 9.17 Roll Mode Tests: 45°-45° Bank Change for a Light Twin
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9.2.6 Roll Mode Test Methods

The roll mode is most often excited by a step or a singlet aileron input. Figure 9.17
ilustrates the results of a roll mode test excited by a step input for a general aviation light
twin. Procedurally, the most efficient way to collect roli rate measurements is to roll from
a chosen bank angle to the same bank angle of the opposite sign; once stabilized at this
opposite bank angle, roll back in the other direction with an identical step aileron input of
the same magnitude. Temporary stops are often used to keep the aileron inputs to ap-
proximately the same size and to make them precise and repeatable. Of course, the
usual necessity for trimming precisely at the desired flight conditions applies to this test
also. The choice of the initial bank angle to use largely depends on the type of aircraft
being tested. Typically, fighters, trainers, and other smaller airplanes are more maneu-
verable and 45° is used. This bank angle change was used for the light twin in the ma-
neuver depicted in Fig. 9.17. For larger aircraft, 30° is more appropriate. Some require-
ments documents specify times to roll through 60° or 90°; if these data are also sought, be
sure the pilot carries the roll slightly beyond the bank angle of opposite sign before
stopping the roll. Otherwise, the times will be inaccurate. For timing such rolls, recording
bank angle and surface position time histories is highly desirable, though stop watch tim-
ing of such rolls gives approximate information if instrumentation is meager. In any case,
you must record such time histories to extract the dynamic information; the roll mode time
constant is almost always too short to be observed manually. It is also useful to record
variations in airspeed during roll mode testing, especially as you build up to maximum
aileron deflections. It is permissible to use the longitudinal control (elevator) to help
maintain airspeed during rapid rolls. Such roll tests should be carried out in both direc-
tions, since there are often factors that produce different roll dynamics in each direction.

0.2.7 Basic Data Reduction Methods

As promised earlier, we now tum our attention to data reduction techniques. In this
introductory text we will confine our study to simple methods, techniques that would have
been called "hand-calculations”. Of course these basic tools could be impiemented on a
computer, but before you automate a process, you need to understand it. So, we will de-
scribe the data manipulations in graphical terms to make the material easy to understand.
Most of the calculations can be readily automated; in fact, homework exercises used by
the author in formal classes often ask students to write simple programs to obtain perti-
nent dynamic parameters from response data. Much of the material in this section is
adapted from Appendices lil and VB of Chalk's reportS.

Table 9.10 Applicability of Basic Graphical Techniques For Determining £ and o,

Name of Method Range of Applicable Damping Ratio
Transient Peak Ratio (TPR) -05<¢<05
Modified TPR (MTPR) -0.5<¢<05
Time-Ratio (TR) 05<<1.2
Maximum Slope (MS) 05<f<1.2
Separated-Real-Roots (SRR) £>1.1

Adapted from Chalk8
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While it would be useful to apply more advanced tools like parameter estimation to re-
sponse data collected in flight, these more advanced topics simply cannot be adequately
covered in an introductory volume. The student should not take this omission to suggest
that these more advanced topics are unimportant. In fact these tools are routinely used in
every major flight test center. 1liff'3 has worked in this field throughout his career at the
NASA Ames-Dryden Flight Research Facility. His 1987 Wright Brothers Lecture is a very
good overview of this approach to both modeling dynamics and estimating stability deriva-
tives. Ljung's textbook'4 gives an even broader view of parameter estimation methods.
While these topics are important, we have chosen to limit the scope of this text to
introductory material only. Even if you use parameter identification extensively, these
simpler techniques should be helpful in evaluating your computerized results.

There are four basic data reduction techniques (plus variations) to be discussed and
each of them is best suited for analysis of specific problems. All of them give £ and o, for
a second order system and, of course, our usual quartic characteristic equations readily
break down to no higher than second order components. Table 9.10 summarizes the
applicability of these four methods for extracting { and @, from measured oscillations.
The choice of method is tied rather closely to the damping ratio of the mode of motion to
be analyzed. The most important method to be discussed is the transient peak ratio
(TPR) method. it is the most usable of the reduction schemes if - 0.5 < { < 0.5, the most
common range for pp, Cgp. @nd Cp,. The time-ratio (TR) method and the maximum slope
(MS) method both fit a slightly higher range of £, 0.5 < £ < 1.0, though both of them may
be helpful for { up to 1.4. The separated-real-roots (SRR) is useful for the real roots
common with the lateral-directional quartic. All of the methods presented assume that the
time history being analyzed starts with zero slope at the initial time, {p. It is also assumed
that this timing starts with {p = 0. Of course, the assumption is made that any of the
oscillations associated with aircraft dynamics can be isolated and analyzed as either a
first or second order response. With these applicabilities and assumptions established, let
us now turn to a detailed description of each method.
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Fig. 9.18 Measurements for TPR and MTPR Methods

9.27.1 Transient Peak Ratio Method. Figure 9.18a shows the basic TPR
method, while Fig. 9.18b illustrates a modification that does not require finding a steady
state system response. First, we determine the transient peak ratio (TPR) from:
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. . . Ax3 Axp
or if the modified TPR method is used: —— = —= = ‘. If the ratios are not
Ax2 Axy
identical (and they typically are not, for actual flight test measurements), an average of the
measurements is often used. Whatever the procedure, once the TPR is selected, the
damping ratio can be read from a chart like Fig. 9.19. Finally, ®, comes from the meas-
urements, since the damped period, T, is scaled as the time between the local maxima or
minima or is the measured time between the steady state crossings (Fig. 9.18a). Then,
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Fig. 9.19 Transient Peak Ratio Versus Damping Ratio

9.2.7.2. Time-Ratio Method. To use the time-ratio (TR) method, you must be able
to ascertain steady state equilibrium after the excitation has subsided. This method, de-
scribed by Dolbin15, utilizes three specific values along the output response curve to
calculate three estimates of ¢, at selected fractions of the change in the output variable.
As shown in Fig. 9.20, these times are measured where x, the output response, is
0.736Ax, 0.408Ax, and 0.199Ax below the final steady state value, respectively, for At,,
At, and Af;. Then the ratios At,/At;, Afy/At,, and (At; - AL)/(At, - At,) are calculated and
used to enter the chart shown in Fig. 9.21.
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Figure 9.21 yields three estimates of {. We could simply average these three
numbers, though it is a good idea to weight the £ according to how much the oscillation
measurements are distorted from a pure second order system. Generally, At, is the least
accurate of the time measurements because it is quite sensitive to our choice of ¢,
Moreover, the response is often affected significantly in this region by control system
dynamics, which introduce higher order responses. On the other hand At, can also be in
error due to uncertainty in choosing the final steady state value. These factors mean that
you should use some engineering judgment in considering which damping ratio to choose.
But, the TR method does provide you with three checks. Finally, the undamped natural




Chapter 9 Dynamic Stability Tests 215

can also be determined straight from the chart in Fig. 9.21, just as the values for { were
obtained. The only difference is that a,t;, ®,t; and o,t; are read from the ordinate of the
chart and then divided by the appropriate time to obtain three estimates of o, Naturally,
the remarks about use of engineering judgment in either averaging or choosing the best
estimate of o, are still applicable.
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9.2.7.3 Maximum Slope Method. The maximum slope (MS) method was devel-
oped16 to reduce the inaccuracies in the TR method that are associated with determining
the steady state response. Figure 9.22 shows the basic parameters to be taken from the
response time history for the MS calculation. In this approach, the peak amplitude of the
response and the maximum slope of the tangent to the transient rise are used instead of
intermediate times (as in the Time Ratio method). However, the MS technique has its own
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inherent error source: the amplitude Axy is usually very small and difficult to measure ac-
curately. This error effects { mostly; o, is largely unaffected by this uncertainty. The ra-

tio % is then calculated and used to enter Fig. 9.23, where both £ and »,AT can be

obtained graphically. Then, rather simplistically, @, = @z‘;T ,

9.2.7.4 Separated-Real-Roots Method. As Table 9.10 indicates, the separated-real-
roots (SRR) technique was developed to evaluate responses composed of two unequal
real roots. It is useful only if the damping ratio is large enough to ensure strongly con-
vergent aperiodic modes of motion. Typically, the roll mode from the lateral-directional
quartic is characterized by such behavior. Therefore, it is often analyzed using the SRR
technique, especially if the spiral mode is also convergent. Figure 9.24 sketches out the
parameters to be taken from the output response measurements. Once again, it is nec-
essary to select the steady state output and the method is moderately sensitive to how ac-
curately this value can be determined. Moreover, with this approach you must also plot
Ax(t) on semilog paper. After the faster root (f,) has decayed, the semilog paper will be a

Ax
straight line, whose slope determines the lower root (t;). Then, t, =t4 —AX—?, where Axg'
0
is the intercept of the straight line on the semilog graph. Alternatively, ¢, can be deter-
mined from the slope of a semilog plot of Ax(f) versus t.

T~

to

~

§0.368Ax,
t>

Fig. 9.24 Measurements for the Separated-Real-Roots Method

Whichever of these two graphical methods is used to obtain t; and 5, the damping
ratio and the undamped natural frequency come from:

(+t)e, 1
L= 2 and ®p, = i,

To help reduce the sensitivity of the SRR procedure to errors in graphically estimating
the steady state response, a modification (due to Dolbin15) may be helpful. The values of
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Ax(f) are simply measured in such a way that determining the steady state response level
is unnecessary. They are measured at equal time increments as suggested in Fig. 9.25a.
Then, each value of is Ax(f) simply: x(t + AT) - x(t),

where AT = (t;-tg) =(ta-t) = -+ =(tqe1-tn)

Ax(ts) —{[ - CIAXM 70

Ax(t1)\( --dg-41-
Ax(tg) — 1 S

) ]

1
\ 1
1 ]
1 1
1 '
]

] ]
t; ts t3 tg t5 tg t7

log Ax

® ! £
Fig. 9.25 Measurements for Dolbin's Modified Separated-Real-Roots Method

Plotting Ax(f) on the semilog scale as suggested for the basic SRR method leads to
the same result as before, except that no steady state value for the response had to be
graphically determined. There is usually more scatter in the data points on the semilog
plot with this modified approach, but the slope of the faired line is often more accurate. If
you are using the unmodified SRR technique and assuming that £ > 1, but it is actually
less than 1, you may not be able to find a part of the semilog plot that can be adequately
fitted with a straight line. It will probably be obvious that some sort of error has occurred.
With the modified method, this sort of faulty assumption is not as likely to be noticed. You
can usually fit a straight line with reasonable scatter to these points. However, with the
two real roots that you extract from these modified calculations, { and o, will be grossly in
error. If you suspect that the damping ratio is only slightly greater than 1, check the re-
sults of the SRR method using the TR or the MS methods.

Example 9.3: The time histories on the next page were generated from a simulation of an F-88 Scorpion
ﬂyingatZ0,000feetonastandarddayataMnumberofo.ess (660 fps). The airplane weight was
30,500 pounds. GmphicalWesﬁmateﬁnshonpeﬁoddampingmbmdmmdanpedmmmaqum
using the time-ratio method. Then, repeat the estimate using the maximum slope technique. The first plot
shows the overall pitd'rateresponseofmeScorpionforseveral seconds after a very small step elevator
input (just over 1 degree change in elevator position). This small input is removed approximately 1 second
after initiation. Clearly, the free response is heavily damped.

To graphically estimate the required damping ratio and undamped natural frequency, we must greatly
expandmescalestohaveanyhopeofreasonableacuxacy. We will choose the region where the re-
sponse trace just drops into the negative range and analyze the overshoot characteristics. However, for
the time ratio method we also must know the steady state value and we notice from the above chart that it
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is just slightly above the zero grid line, at approximately 0.01 degrees/second. We could even take the
statistical average of the readings at 10 seconds or beyond to get this value.

5 4
=g 3
u=§ 1
§EL_ 0
S8 .9 . -
28 Lb. = Elevator o S
1% @ Deflection - Ade : :
s _sH---fne- N S SO
2 8 | | s
SRV S R S w—
Q-8 M
Q i i :
0 2 4 6 8 10
Time - seconds

Next, we measure from this steady state value for pitch rate down to the minimum pitch rate (as shown
in the figure below) to get a Ax of approximately 0.568 degrees/second.

06 , . : -

o
25 ;
8 :
°‘§ 00 A o0190ax~0. 113 ssec 1 k
.g : : /:/ 0.4064x = 0.231 '/sec
PP SN S R S ? AT . | e
Ax= 0.568 “/sec : : : 0.736A x = 0418 '/
; | |  AGn043800 | -
] N— \ ------- e e S S i
: : [At,sso 196sec : ' 5
N g — Aty=0.338 sec!
-06 i e S & Ty i i
1.8 2 2.2 24 26 28 30 32 34

Time - seconds

Next, draw the three horizontal lines in that correspond to the three levels of overshoot from the steady
state value of g suggested in Fig. 9.20 (0.199 Ax, 0.406 Ax, and 0.736 Ax). Where these overshoot levels
intersect the response curve, drop three vertical lines to the time axis and graphically measure the indi-
cated time increments from the time when the minimum g was achieved (the peak overshoot time). For this
example those values are shown on the chart above as: Aty = 0.196 seconds, Aty ~ 0.338 seconds, and
Atz 0.438 seconds. Forming the ratios necessary to enter Fig. 9.21:

‘:;2 ~ 172 which gives { =~ 0.50 from Fig. 9.21; 2:3 ~ 223 which gives =~ 0.57 from Fig. 9.21; and
1 1
Atz - Aty

which gives { =~ 0.55 from Fig. 9.21. Averaging these values, 0.52
At~ 070 gives { = 9 ging
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Reading from the other solid lines in Fig. 9.21 (the Frequency Time Product lines), we obtain the fol-
lowing values for @, Af and then o, : op Aty ~ 0.865, @pAfz » 1.46, and o, Af3 = 1.90.

w435 rad/ssc]

Dividing by the appropriate times and averaging again: Ongg

Now we tumn to estimating the same parameters using the maximum slope method. We still need the
expanded scale drawing of the response curve, which is repeated below. For this procedure start by
drawingalinetangenttotheresponsewrveatmepointofmaﬁmum slope for the response. for this pitch
rate response segment of the data, that line is tangent at approximately 2.5 seconds on our time scale.
Next, draw two horizontal lines at the minimum g and at the maximum q for the segment of data we have
chosen to analyze and extend them right and left, respectively, until they intersect the maximum tangent
line. From these points of intersection drop vertical lines fo the time axis and measure AT » 0.5 seconds.
Then, measure the approximate value of the second overshoot (the positive overshoot) above the steady
state value of g. Graphically, Axy = 0.08 °/sec. Then, forming the ratio needed to enter Fig. 9.23,

54,95

Ax 065
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88 oo e
P38
g \ B
0.2 - Axw 0.65 */sgc -~ niT T
PV SRR ¥ S sy s IS
: : AT = 0.5 sec —=} ;
-06 i i i i i i i
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Time - seconds
Similarly using the same ratio to obtain @, AT = 2.17 from Fig. 9.23,
_®aAT 217 ©, ~4.34 rad/sec
©n=TAT 050 Lo |

The values obtained from these two graphical procedures are reasonable. Since the response data
were generated mathematically, we know the actual values for and ,. These actual values are:

[C=0493 |and[ 0,=4.27 red/sec |

9.2.8 Calculation of Lateral-Directional Parameters from Response Data

This section illustrates how the techniques of the previous paragraphs can be applied
to analysis of the lateral-directional response to a step aileron input to obtain estimates of
all the roots of the quartic. The development follows closely Appendix VB from Chalk8.
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Naturally, we will continue to assume that linearity (and, therefore, superposition) holds
and that the response represents the usual roll mode, spiral mode, and Dutch roll mode
that are common to most rigid aircraft modes of motion. The complete roll rate response
to the hypothesized step aileron input might appear as shown in Fig. 9.26.

From such a roll rate response, we will see that typical components which correlate to
the eigenvalues of the lateral-directional quartic are of the form shown in Fig. 9.27. We
are postulating a convergent roll mode, a divergent spiral mode and a moderately damped,
medium frequency Dutch roll oscillation. It would be easy to synthesize the output re-
sponse by simply adding up each of these contributions to the total response. Indeed, the
time domain equation of such a total response illustrates this addition process that is

common to linear systems:
t t

p(t)=Kse s +K,e * +Kpe “Oromort cos(m,,D, 1-62, + \pp,,ase)

Typical Roll Rate Response
............ (Nonnalizedbylnitialpeak Value) :“
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Fig. 9.26 Roll Rate Response to a Step Input

But our task is not to add up the components from a known analytical result; instead
we seek to break down a measured response that already contains all the components
and identify the individual parameters - K, 15, K; tn Kpr pr and ep,. Chalk presents
both a graphical technique and an analog-matching approach, but we will restrict our dis-
cussion to the graphical method in this introductory text.

This technique produces good results only for a relatively conventional airplane with a
Dutch roll damping ratio less than approximately 0.3 and when the spiral and roll modes
are widely separated in frequency. This latter assumption allows us to expect that the roll
mode will have little influence after the first few seconds. Typically, t, is about 1 second
and such a first order mode will have reached approximately 95% of its final value within
3t after the excitation is removed. Consequently, after about 3-4 seconds, we can antici-
pate that the residual oscillation is composed almost entirely of the spiral mode and the
Dutch roll mode. Let us look at breaking out the spiral mode first from the time history
data after we can reasonably expect these two modes of motion to dominate.
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Fig. 9.27 Components of a Roll Rate Response to a Step Input

First, pick out the maximum and minimum points of the response from about 3 sec-
onds onward (to avoid contamination from the roli mode) and plot them on semilog paper
as sketched in Fig. 9.28. Rigorously, the points of tangency of the Dutch roll envelope to
the total response should be plotted, but simply taking the peaks is well within any graphi-
cal accuracy you are likely to attain. However, if you decide to numerically implement this
technique on a computer, keep this subtie point in mind. Local maxima and minima for
times less than 3 times the roll mode time constant (t,) should be ignored in this envelope
estimation. Clearly, we must have an oscillatory response measurement that lasts long
enough so that these later peak roll rates are well-defined. Smooth curves are then drawn
through the upper and lower peaks (maxima and minima, respectively) to define the en-
velope of the spiral mode and the Dutch roll mode components on the semilog working
plot. The numerical average between the envelope boundaries defines the spiral mode
component. This average should be a straight line on the semilog plot and K is the inter-
section of this straight line with the zero time axis. (K is also called the spiral mode resi-
due.)

The slope of the average straight line defining the spiral mode on the semilog plot
yields the time constant for this mode of motion through the following relationship:

Of course, the time-to-double-amplitude (for a divergent spiral mode as has been
sketched) or the time-to-half-amplitude (for a convergent spiral mode) can then be calcu-
lated directly using: {; orty,2 =0.6931¢
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p/po {Normalized Roll Rats)

0.1

0 1 2 3 4 5 6 7
Time — seconds
Fig. 9.28 Extracting the Spiral-Dutch Roll Mode Envelopes

The next step in the graphical procedure is to plot the spiral component on the linear
time scales and subtract it directly from the overall response time history (Fig. 9.29). The
resulting plot will contain both the roll and the Dutch roll mode components of the re-
sponse. But the spiral mode will have been removed. The only points that must be plot-
ted carefully are those in the first three seconds (so the roll mode can be extracted accu-
rately) and the peaks of the Dutch roll oscillation at later times in the oscillation. Figure
9.29 (next page) illustrates this step and the complete curves are shown there for clarity,
with illustrative points marked with triangles to show what you must do to actually obtain
and accurate estimate of the modal components.

Now, we return to semilog paper and plot the peaks (the later ones, of course) from
the combined roll mode-Dutch roll mode envelope (Fig. 9.29). This procedure is illustrated
in Fig. 9.30. As this sketch shows, this plot usually results in two paralle! straight lines,
one for the local maxima and one for the local minima. Of course the slope of either of
these lines should define &p,. If £p, has been previously estimated, this estimate should
be checked against these measured slopes. Do not forget that, strictly speaking, the
Dutch roll envelope does not touch the peaks. Rather the tangent points are just to the
right of the peaks for the convergent oscillation. This angular displacement is approxi-
mately sin -1 ¢ (in degrees); the time equivalent of the angle comes from the period of the

-
damped Dutch roll oscillation (Tp,): Torsin__Sor oy jow damping ratios ({p, < 0.3),

this displacement is small and can be safely ignored.
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Fig. 9.30 Semilog Plot to Estimate Dutch Roll Mode Damping Ratio

Finally, the estimated Dutch roll envelope is transferred back to the combined roll-
mode-Dutch roll mode time history (Fig. 9.29) to estimate the roll mode time constant.
Often, it is useful to enlarge the first few seconds of the oscillation, as shown in Fig. 9.31.

The Dutch roll mode period and damping ratio are now known; they are used to re-
construct the initial part of the Dutch roll component (enlarged scale of Fig. 9.31). This
reconstructed oscillation is subtracted graphically from the combined roll-Dutch roll mode
component time history to yield the roil mode time history trace. This estimate for the roil
mode component of the time history is also illustrated in Fig. 9.31. For the interested stu-
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dent, an altemnate method of determining the initial Dutch roll mode that utilizes polar plots
is given by Chalk. In the interest of brevity, that altemnative will not be covered.

........................
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Time —~ seconds

Fig. 9.31 Estimation of the Roll Mode Component

The roll mode time constant comes from Fig. 9.31. Calculating 0.368K, and drawing a
horizontal line at that value of normalized roll rate, the time where this horizontal line inter-
sects the estimated roll rate time history is .. We could also go back to the semilog plot
and find K, as the intersection of the straight line at t = 0 seconds, just as we did for the
spiral mode. Another way to obtain 1, is to simply calculate it from a time increment and

it = T Both al-

the natural logarithm of the corresponding amplitude ratio: 1, = W
k+1 k

ternative methods are illustrated in Fig.9.32.
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Fia. 9.32 Alternative Calculation of the Roll Mode Time Constant
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9.3 SUMMARY

Dynamic flight tests are one of the most challenging types of tests you will encounter
as a flight test engineer. They require a thorough understanding of stability and control
principles, a moderate knowledge instrumentation that can record the necessary parame-
ters automatically, insight into handiing qualities and how pilot ratings were developed,
knowledge of the types of standard inputs (pilot-induced or not) that produce responses
adequate for analysis, and at least an introductory understanding of how to extract dy-
namic measures of merit from response data. This chapter has explained each of these
fundamentals. The serious student of flight test dynamics should continue his study with
more training in experimental instrumentation, sampling theory, and in parameter estima-
tion. Each of these topics offers the flight test engineer more advanced tools. However,
the goal of this chapter has been met in introducing the subject of dynamic measurements.
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Chapter 10
PRINCIPLES OF AEROELASTICITY

Aeroelasticity'? is the study of the interaction between fluid forces, structural (elastic)
forces, and inertial forces. The three-ring diagram shown in Figure 10.1 helps to under-
score the interdisciplinary nature of aeroelasticity.

DIVERGENCE,
REVERSAL &
LIFT EFFECTIVENESS

AERODYNAMIC

FORCES STABILITY &

CONTROL.

FLUTTER,
BUZZ, & BUFFET
RESPONSE

INERTIAL
FORCES

MECHANICAL
VIBRATIONS

Fig. 10.1 Interdisciplinary Nature of Aeroelasticity

The combination of any two rings represents a discipline of aerospace engineering.
The combination of elastic and inertial forces forms the study of mechanical vibrations.
The combination of inertial and aerodynamic forces forms the study of rigid-body vehicle
stability and control. The combination of aerodynamic and elastic forces forms the study
of static aeroelasticity. The combination of all three rings forms the study of dynamic
aeroelasticity. Other disciplines such as control, thermal, and damage (aging aircraft) is-
sues may be considered as additional overiapping rings.

10.1 ANALYTICAL FOUNDATIONS

10.1.1 Aeroelastic Definitions

As in most specialties within aerospace engineering, aeroelasticity has its own jargon
and special use language. To begin, we need to establish a common set of terminology
for the phenomena unique to aeroelastic analysis.

10.1.1.1. Aeroelastic Divergence.

Aeroelastic divergence is a static aeroelastic instability leading to catastrophic
failure of the structure, and occurs when the aerodynamic forces exceed the elas-
tic restoring forces of the structural configuration.
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10.1.1.2. Control Reversal.

Control reversal is the loss of aerodynamic effectiveness for a control surface
due to deformation of the primary structure to which the surface is attached.

10.1.1.3 Lift Effectiveness.

Lift Effectiveness is the change in aerodynamic loads due to wing flexibility,
which typically leads to a change in the load distrnibution and an increase in lift.

Two characteristics of aeroelasticity are evident in the preceding definitions: (1) aero-
elasticity is dependent upon the flexibility of the vehicle's structure, and (2) aeroelasticity
involves a feedback between aerodynamic loads and structural deformations.

10.1.1.4 Flutter. Flutter is a dangerous structural dynamics phenomenon. From a
flight test perspective it is definitely a hazardous type of flight envelope expansion.

Flutter is a dynamic instability in which the structural modes that are affected by
aerodynamic loads coalesce to form a single aeroelastic mode that rapidly grows
with diverging oscillatory motion to structural failure.

Aerodynamic loads, especially those that are unsteady in character, are the source of
excitation energy for this destructive type of structural dynamics. Two or more interacting
modes of motion merge - dependent upon flight conditions — to form a single aeroelastic
frequency and mode of motion that resembles a combination of the participating modes.
From an energy perspective, energy is extracted from the aerodynamic fiow field and is
absorbed by the structure. For subcritical conditions, structural and aerodynamic damp-
ing dissipates this energy; for critical conditions, system damping is lost thereby leading to
a growing oscillatory motion that resuits in catastrophic flutter.

10.1.2 Aeroelastic Equations of Motion

In general, the equations of motion for the aeroelastic system may be cast in a form
similar to that of the forced mass-spring-damper system discussed in Chapter 9. Wiriting
them in matrix form

Mi+Cq+Kq=Fa (10.1)

where M, C, and K are the matrices that represent the structural mass, damping, and
stiffness, respectively, and q is the vector of generalized coordinates. In aeroelastic sys-
tems, Fa denotes the time-dependent, motion-dependent (that is, the "unsteady”) aerody-
namic loads,

FA=MAii+CAd+KAq+F (10.2)

where Ms, Ca, and K, depict aerodynamic inertial, damping, and stiffness contributions
which depend upon flowfield conditions (Mach number, altitude, and velocity) as well as
the motion of the vehicle's structure, and F denotes the external loads such as those
arising from gusts, turbulence, and buffeting. Equations 10.1 and 10.2 may be combined,
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(M-Ma)i+(C-Ca)i+(K-Ka)g=F (10.3)

This expression may be solved in either the frequency domain or the time domain.
For the frequency domain approach, harmonic motion is assumed so that g = pe™; thus,
substitution into eqns. 10.3 gives:

(2 (M - Ma)+ A(C - Ca)+ (K- Ka))B =0 (10.4)

F is not considered in this homogeneous solution. Equations 10.4 are solved as
eigenvalue problems in which the eigenvalues are complex numbers; hence, A =3+ jo,
where 5 represents the aeroelastic damping and o represents the aeroelastic frequency. B
is the aeroelastic mode shape associated with the complex eigenvalue. Thus, the re-
sponse of the structure of the vehicle is g =pe®e*/!, where °* represents a decaying
or growing motion depending upon the sign and e represents a constant amplitude os-
cillatory motion. We note that the possibility of negative damping comes from the pres-
ence of aerodynamic forces.

Three important trends must be monitored during flight tests:

(1) changes in frequency characteristics for changes in flight conditions,

(2) changes in damping characteristics, and

(3) changes in amplitude of response.

These changes are related to the motion described by e* and .

(a) Exponential Rise (b) Exponential Divergence (c) Undamped Sinusoid
to Steady-State (Unbounded) (Neutral Dynamic Stability)

Fig. 10.2 Oscillatory Motion

The eigenvalues indicate damping characteristics dependent upon different dynamic
pressures (or other fiight conditions). In traditional mechanical vibration analysis the
natural frequency is given by the imaginary part of the root. The real part, which repre-
sents the damping, was typically zero. However, the presence of unsteady, motion-
dependent aerodynamic forces creates damping and, although naturally occurring struc-
tural damping will lead to a decaying motion, aerodynamic sources may lead to loss of
damping.

The concept of complex aeroelastic modes may be illustrated by considering the clas-
sical bending-torsion aeroelastic response of a high aspect ratio wing. Experiments (or
analysis) on wings show that all spanwise sections of the wing have bending and torsional
components. The modes associated with bending and torsion have distinct frequencies
and phase relationships. However, unsteady aerodynamic loads contribute to these fre-
quencies and phase relationships; and, the knowledge of these phase relationships are
valuable in fiutter identification. At flutter, frequencies, mode shapes, and phasing coa-
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lesce to form a single aeroelastic fiutter mode. Hence, the determination of the complex
eigensolution (frequencies and mode shapes) is of value.

it is important to note that the aerodynamic matrices in eqns. 10.4 depend upon the
frequency of motion (as well as Mach number and dynamic pressure) and, consequently,
the solutions of eqns. 10.4 are typically obtained with an iterative algorithm. Popular
methods for finding the solution to the flutter equations include the k-method and the p-k
method® in which velocity-damping (i.e., "V-g") diagrams and velocity-frequency dia-
grams* are constructed from the roots of the eigenvalue solutions (k" is the reduced fre-
quency to be discussed in the next section). In the k-method, the damping term is muiti-
plied by (1 + jg) in which a fictitious damping, g, is introduced which permits the solution to
the complex eigenvalue problem. Essentially, damping is assumed to be proportional to
stiffness but in phase with velocity. Consequently, frequency and damping is found for
increasing velocity. As indicated in Figure 10.3, a V-g diagram displays the roots of the
solution. The exact solution of the flutter conditions occurs when g = 0 (note: that the “V-
g terminology is an unfortunate choice since the same symbology is also used to de-
scribe aircraft load diagrams). In aeroelasticity, V is a velocity (in many cases, V is a
nondimensional velocity referred to as the flutter speed index) and g represents the over-
all damping of the aeroelastic system.

g — Damping

Fig. 10.3 Velocity-Damping Diagram

The roots of eqn. 10.4 are examined for stability characteristics. The number of roots
is equal to the number of degrees of freedom in the system. For typical aeroelastic analy-
ses, such as that for a wing structure or a complete aircraft, these degrees of freedom are
associated with the structural mode shapes used in the analysis. These roots are traced
for increasing values of velocity. The roots will naturally begin as those associated with a
positively-damped system since the motion will decay with naturally occurring structural
damping (consider the case of no aerodynamic effects). However, as velocity increases
the path of one or more of these roots may advance into the negatively-damped regime.
The crossing (sign change) represents the location of the neutral stability and indicates
the flutter velocity. In certain cases, one might find that for higher velocities, a root will
again become positively damped, indicating that the aeroelastic system is again stable. It
is noted that the "Hump" mode illustrated in Fig. 10.3 may be eliminated with additional
structural damping and, consequently, this instability may be suppressed. Regardless of
structural damping, the hard crossing is present. The instability associated with the low-
est velocity will aiways be of interest.
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Fig. 10.4 Frequency-Velocity Diagram

In addition to examining the change in damping for increasing velocities, analysis of
frequency behavior for changes in velocity as illustrated in Fig. 10.4 reveals the sensitivity
of aeroelastic modal frequencies to flight conditions. The frequencies are the natural fre-
quencies of the structure when the velocity is equal to zero. These frequencies change
as the velocity increases since the aerodynamic loads couple the structural dynamics of
the system. More importantly, these “aeroelastic’ frequencies converge toward a com-
mon frequency as the velocity increases. The velocity at the point where any two (or
more) frequencies coalesce is one indicator of the instability boundary for the aeroelastic
system; however, damping must aiso be examined since the loss of system damping is
the more significant measure. During flight tests both damping and frequency are moni-
tored to identify their respective sensitivity to flight conditions — zero damping and coa-
lesced frequencies are of concern. In addition, changes in the amplitude of response for
changes in flight conditions should be monitored.

gﬂ‘ Mode 2 e
S| Mode 1
E Divergence

Dynamic Pressure —q
Fig. 10.5 Frequency-Velocity Diagram Indicating Divergence

A root associated with system damping may also vanish as it approaches zero and,
simultaneously, a frequency of the system approaches zero. This zero frequency root
represents aeroelastic divergence since a characteristic of divergence is that the fre-
quency of the diverging mode approaches zero at the divergence speed. This character-
istic provides an approach to identify potential aeroelastic divergence behavior in real time
during flight tests. For example, the primary frequency of a beam with an aerodynamic
load on the tip is sketched in Fig. 10.5. In actuality, this solution is representative of a
slender beam-like structure such as a wind tunnel sting or aircraft sensor probe with an
aerodynamically sensitive device attached to the tip. The aerodynamic loading is de-
pendent upon the displacement and rotation of the tip, as well as the velocity of the flow;
consequently, the deformation-dependent loads lead to aeroelastic divergence.
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As an alternative approach to the frequency domain solution, time domain solutions
(i.e., numerical integration) of the governing equations (eqns. 10.3) provide a simulation of
the physical response. However, in such a time domain solution the task of modeling the
aerodynamic loads may be more complicated. Although physical properties associated
with the structure are fixed, the flowfield characteristics such as density, velocity, dynamic
pressure, etc. (or, more appropriately, the nondimensional similarity parameters) are
changed to examine various flight conditions.

The motion for three different values of dynamic pressure is shown in Figs. 10.6-10.8.

@bending D forsion
Summation
Time Time E>
Time

Fig. 10.6 Decaying Motion in the Time Domain

Figure 10.6 shows a decaying motion for a value of dynamic pressure below flutter
conditions and illustrates that the response is, in reality, the superposition of multiple re-
sponses such as individual bending and torsion contributions.

il w

Time

-—
-—
—
—
—
—
——
—
®torsion

®bending

L1

®hending = Dtorsion = Ofjutter
Fig. 10.7 Divergent Motion in the Time Domain
Figure 10.7 shows a growing motion for a dynamic pressure that exceeds the conditions

for flutter and, as suggested by the figures, the modes of motion have coalesced to a
common frequency.

Time

®bending

Fig. 10.8 Undamped Motion in the Time Domain

Figure 10.8 illustrates a motion with constant maximum amplitude; that is, it is neu-
trally damped (aithough the motion may appear similar, this response should not be con-
fused with limit cycle oscillations found only in nonlinear systems). This case suggests
the dvnamic pressure (and/or Mach number) for the aeroelastic instability has been
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reached. Lower values of dynamic pressure show damped motion. Higher values of dy-
namic pressure show growing motion. A difficulty associated with the time-domain ap-
proach is the identification of the precise point where the behavior is neutral.

10.1.3 Aeroelastic Similarity Parameters

It is both convenient and efficient to eliminate unnecessary free variables in analyses
or experiments by identifying similarity parameters. For example, dimensional analysis
(introduced in Chapter 4) reveals that only two nondimensional parameters ~ Mach num-
ber and Reynolds number — are necessary to characterize the flow and flowfield effects
on lifting surfaces. These two parameters address fluid density, viscosity, velocity, speed
of sound, temperature, physical dimensions, and related variables.

In a comparable fashion, dimensional analysis for the aeroelastic equations reveals
additional nondimensional terms that must be considered. The reduced frequency is
defined as

k=22 (10.5)

2V,

where c is a reference length (typically the mean aerodynamic chord), o is the frequency
of vibration, and V., is the freestream velocity. The reduced frequency is the ratio of the
vibratory motion to the velocity of flow over the vehicle's surface, and represents a meas-
ure of how fast unsteady disturbances are moved downstream relative to the transverse
(vibratory) motion.

The mass ratio is defined as

(10.6)

u:
pnczb

where m is the mass of the vehicle, p is the density of the fluid, and b is the wing span.
The mass ratio is a measure of the ratio of the vehicle's mass to the mass of the air that
the vehicle displaces as it moves relative to the surrounding fluid.

AT

Fig. 10.9 Mass Ratio Geometry
An additional term, the flutter speed index (alluded to earlier) is defined as

2V,

o]

V= (10.7)
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This parameter contains both the mass ratio and reduced frequency. As the analyst com-
pares experimental and analytical results in aeroelastic investigations, not only the ge-
ometry but also the mass distribution and structural stiffness must be similar in order for
the comparisons to be valid. Results are often expressed in terms of flutter speed index
and mass ratio. If two systems have identical flutter speed indices and mass ratios, then
the reduced frequency is identical, since eqn. 10.7 is an obvious combination of eqns.
10.5 and 10.6. Clearly, the equality of these parameters insures dynamic similarity be-
tween the two systems.

10.1.4 Static Aeroelastic Phenomena

Static aeroelastic phenomena involve the combination of aerodynamic loads and
structural flexibility. Static aeroelastic phenomena include aeroelastic divergence, control
surface reversal, and lift effectiveness. An exampie of static aeroelasticity is the effect of
aerodynamic loads on the lift distribution of a wing. The aerodynamic loads cause the
wing to deform (twist and bend) and, in tumn, this new shape will result in new aerody-
namic loads. Naturally, one should expect a balance of forces to occur about this new
deformed shape. One also observes that, as a result of deformations, the load distribu-
tion is altered and the center of pressure shifts. As a consequence, control and stability
characteristics are affected.

10.1.4.1. Aeroelastic Divergence. Of course, the possibility exists that the forces
will not balance since the structural deformations may continue to grow as a congequence
of feedback from the deformation-dependent aerodynamic loads. These ioads may give
rise to even greater deformations. Eventually the surface will fail if this type of feedback
interaction continues.

Aeroelastic divergence is a static aeroelastic instability leading to catastrophic
failure of the structure, and occurs when the aerodynamic forces exceed the elas-
tic restoring forces of the structural configuration.

Aeroelastic divergence occurs when the elastic restoring forces associated with the
structural stiffness are exceeded by the aerodynamic forces. As stated, aerodynamic
loads are not constant; rather, these loads are dependent upon the displacement of the
structure. The equations that describe static aeroelasticity may be derived from eqn. 10.3

(K-Ka)q=0 (10.7)

in which velocity and acceleration forces are not considered. Kais the aerodynamic stiff-
ness matrix, which is composed of aerodynamic derivatives and flow properties. The dy-
namic pressure, g, may be isolated such that the expression may be rewritten as q..Ka

2
where g, = Pl;‘!’- Therefore, eqn. 10.7 may be written as
(K-9-Ka)9q=0 (10.8)

Equation 10.8 is an eigenvalue problem in which @., are the eigenvalues associated
with aeroelastic divergence and q are the eigenvectors associated with the shape at di-
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vergence. The term (K - g.f€a) represents the aeroelastic stiffness that approaches zero
as g, increases.

Altitude and compressibility effects may be considered. Since V.= M8, the dynamic
pressure may be written as g, si'(_"i‘Ezﬂ“i-=%M£ where g, is a reference dynamic
pressure associated with the speed of sound and density at a specific altitude. It is im-
portant to note that the aerodynamic properties in K4 depend upon Mach number.

Fig. 10.10 Free-Body Diagram for Aeroelastic Divergence Example

Aeroelastic divergence is illustrated through the following example. In Fig. 10.10, a
rigid wing section is mounted to an elastic support that permits one degree of freedom
motion. The wing section has a center of gravity, which is not necessarily coincident with
the spring support representative of the elastic axis. Aerodynamic loads act through the
aerodynamic center. The equation of static equilibrium for the wing deflected from the
balanced system appears as follow:

Le-Ko=0 (10.9)

where K is the spring stiffness, 0 is the rotation degree of freedom, L is the lift, and e is the
distance between the elastic axis and the aerodynamic center (e is a measure of aerody-
namic eccentricity). The weight of the wing is not at issue since 6 is the displacement
from the static equilibrium position. These parameters are all constant except for the lift.

Lift is a function of dynamic pressure, which depends upon the velocity and fiuid den-
sity. Furthermore, lift is a function of the total angle of attack, a +8, where a is the angle
of attack at equilibrium. (Be careful; again, the symbology is confusing, since 6 has been
previously used - in Chapter 6, especially — to denote the Euler pitch attitude angle. Re-
member that in this context,  is the perturbation from the static equilibrium position).
Thus, lift is expressed as

L =q,SC, (a+6) (10.10)

where S is the reference area, and C,_ is the aerodynamic derivative defined by the slope

of the lift curve. We define the aerodynamic derivative as the load per unit deflection or
per unit rotation. Substituting eqn. 10.10 into equation 10.9,

(K—queC,_u)e=queCLua (10.11)

which is a scalar form of the multiple degree-of-freedom system (eqn. 10.8) and solving
eqn. 10.11 directly for 0 leads to
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q«,SeCLu a

K- quSeCL. (10.12)

The aerodynamic contribution in egns. 10.11 and 10.12 appears with the structural
stiffness. In fact, one observes that the aerodynamic contribution is a negative stiffness.
As the dynamic pressure is increased, the term in the brackets approaches zero; conse-
quently, © approaches infinity. The terms in the denominator form the expression for the
critical dynamic pressure at which aeroelastic divergence occurs. When the bracketed
terms in the denominator approach zero, the result is therefore of special interest; thus,
solving this term for g, leads to

K
o = 10.1
Qw,DlV SeCL_ (10.13)

One observes that the aerodynamic eccentricity, e, may be negative (i.e., the aerody-
namic center is behind the elastic axis) which suggests a negative divergence pressure
exists. Obviously, this is not physically possible which means that divergence is not pos-
sible. Thus, design considerations that minimize the effect of eccentricity will alleviate
aeroelastic divergence. ‘

Graphically this feature can be illustrated by superimposing and comparing the force-
displacement behavior of the structure with the lift-displacement behavior. The structural
and aerodynamic stiffness is the slope - the differences in the stiffness represent the
aeroelastic stiffness. The force-displacement curve is fixed for a given structure; how-
ever, the lift-displacement curve depends upon the dynamic pressure. At a critical dy-
namic pressure, g, piv, the two curves coincide, indicating neutral static stability. In physi-
cal terms, at this (and higher) dynamic pressure no structural restoring capability exists.
This instability is catastrophic, as deformations grow rapidly, and without oscillation, to
structural failure.

DISPLACEMENT
Fig. 10.11 Boundary for Static Aeroelastic Divergence

Although this illustration is quite simple, the concept is essentially the same for large
degree of freedom systems as described by eqn. 10.8. In fact, it is noted that q.ov de-
scribed by egn. 10.13 is the eigenvalue of eqn. 10.11. Equation 10.13 may be expanded
to illustrate altitude and compressibility effects. The dynamic pressure may be related to
Mach number by

Go,0v = Ga (Moo, o1v) (10.14)
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Also, as previously stated, the aerodynamic derivatives are dependent upon flow con-
ditions. The Prandtl-Glauert rule may be used to illustrate the effect of compressibility on
the lift, thus

Cc
Cr, = =2 (10.15)
J1-m2
where C; o represents the derivative for incompressible flow. Substituting eqns. 10.14
and 10.15 into eqn. 10.13 yields

K1,1 M2 oy
Ga(Mopiv)? = DV - qopv1-M2 (10.16)

T SeCrp

where qqo o represents a reference divergence pressure for the incompressible assump-
tion and q, is a reference dynamic pressure associated with the speed of sound at a par-
ticular altitude. Equation 10.16 may be solved for the divergence Mach number (Mxoiv )
and compared to the reference conditions. We observe that divergence is improved with
an increase in altitude and we note that compressibility effects must be included to pro-
vide the real boundary. We also note that, although not considered in this model, the
aerodynamic center moves rearward for increases in Mach number; thus, the aerody-
namic eccentricity, o, is affected.

ALTITUDE

MACH NUMBER VELOCITY
Fig. 10.12 Boundary for Static Aeroelastic Divergence (Mach Number Effects)

Divergence is a static aeroelastic phenomenon, one which is often confused with yield
or ultimate load failures. However, we show through eqn. 10.13 and Fig. 10.11 that aero-
elastic divergence is independent of the yield or ultimate loads; rather, divergence de-
pends upon the stiffness of the structure and the aerodynamic derivatives.

We could extend our development to a wing, which is stiff in bending but comparably
responsive in torsion. In this case, we simplify the structural model by discretizing the
wing into separate spanwise sections and we introduce the concept of infiuence coeffi-
cients. Influence coefficients represent the inverse of the stiffness; these coefficients re-
late the deformation at a specific point due to loads at all sections. For torsional behavior,
these coefficients describe the torsional rigidity. We would solve the matrix of this multiple
degree-of-freedom system for the critical dynamic pressure that leads to divergence.
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10.1.4.2. Control Reversal. Control surface reversal occurs due to the deformations
of the structure. As the structure deforms, the ability of the control surface to produce a
desired reaction approaches zero. The surface is said to lose effectiveness. Further de-
formations result in the reversal of control surface performance; that is, deflecting the
surface produces the opposite effect from that which was intended.

Fig. 10.13 Control Suce Reversal

Our single degree-of-freedom example is now extended to include control surface
loads. An important premise for understanding control reversal is that the purpose of the
control surface is to create a lift load that leads to a moment for maneuver. Thus, if the
wing section represents the outboard portion of a wing, then the new lift leads to a rolling
maneuver. On a vertical tail section the rudder is meant to produce a side force that
causes a yawing moment. However, if no lift or side force is generated for any control in-
put due to flexibility of the fixed structure, then no maneuvering moments are created.

Summing moments about the elastic axis of the wing-control surface mode!:

SMea=0 = Le+Mg=Ko = 9=L9_4;(ﬂa£ (10.17)
in which the aerodynamic lift is

and the aerodynamic moment at the aerodynamic center is

My = chC,,,as (10.19)

where § is the control input. Substituting eqns. 10.18 and 10.19 into egn. 10.17 yields
_Le+M,, 9SC( 0+qSC ;5)e+qScCp,3

0 10.20
K K ( )
or, solving eqn. 10.20 explicitly for 6
eSC; .8+ qScC,,. &
_IoO™1,0% 90T ms (10.21)
K- quCLu

The creation of lift is of primary interest, thus eqn. 10.21 is substituted into eqn. 10.18

quC,_s 5+ chCms 8 KC’-S + qSCCm5 CLa
+ CL5 §|=¢q é
K-qeSCy, K-qeSC,

L= qs[c,_a (10.22)
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Control reversal occurs when no lift is created, regardless of the control input. From
the numerator of eqn. 10.22, we obtain the dynamic pressure that leads to zero (or
negative) values (note: by the NASA convention, Cn, s is negative; see Chapter 6).

K ng
L<O = .23
Oor |Grev o CLa (10.23)

Also, divergence conditions appear through eqn. 10.22 as the denominator approaches
zero for increasing dynamic pressure.

(10.24)

Lo or qdiV:eSCLu

10.1.5 Dynamic Aeroelastic Phenomena

Dynamic aeroelastic phenomena include flutter, buzz, buffet, and dynamic response.
With these phenomena, airframe motion, aerodynamic loads, and structural deformations
are dependent upon one another. Flutter is an instability in which the structural response
is excited by the presence of the aerodynamic loads as the structure extracts energy from
the flow field. The interested reader is referred to the works of Theodorsen and Garrick®,
Bisplinghoff, et al. !, and Fung?, as well as the descriptions provided in references 6 and 7.

Types of flutter include: coupled bending-torsion flutter associated with high aspect
ratio lifting surfaces, panel flutter associated with low aspect ratio lifting surfaces, control-
surface flutter, flutter of plate and sheli-like structures, propeller-whir flutter, and stall flut-
ter. All of these flutter instabilities, with the exception of stall flutter, are characterized by
the coalescence of modes. Stall flutter occurs due to flow separation that occurs during
cyclic motion. In this case, the transfer of energy from the flow to the wing does not rely
on the coalescence of modes; rather, the wing is “forced" due to energy lost due to stall.
Buffet is an instability that occurs due to flow separation or the wake produced from the
structure. Buzz is an instability that occurs due to shock wave oscillations. In general, dy-
namic response of the aircraft due to gusts and atmospheric disturbances is important to
characterize since, even in the absence of instabilities, it is necessary to understand how
the dynamic response will affect load distributions and ride qualities.

Flutter is a dynamic instability in which the structural modes that are affected by
aerodynamic loads coalesce to form a single aeroelastic mode that rapidly grows
with diverging oscillatory motion to structural failure.

10.1.5.1. Bending-Torsion Flutter. Of these dynamic aeroelastic phenomena,
the bending-torsion flutter mechanism provides the insight into the nature of these insta-
bilities. As previously stated, flutter occurs when the structure extracts energy from the
flow field. This structure may be the primary lifting surface, a control surface, the fuse-
lage, or the entire vehicle. As the structure vibrates in a subcritical flow field, the aerody-
namic forces damp the vibration of the structure; however, as the speed (or dynamic
pressure) increases, a critical condition is reached in which the energy from the fiow field
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feeds the vibration of the structure. This critical point represents the onset of fiutter.
Flutter is destructive in nature; but, fortunately, flutter boundaries may be identified.

Flutter results from the interaction of inertial, structural, and aerodynamic forces and,
typically, flutter is the result of coupled modes of motion. The pitch and plunge motion is
representative of a wing with bending and torsional response. Although these equations of
motion are straightforward, they apply to more representative aerospace structures. A
minimum of two degrees of freedom is used since a wing limited only to bending motion
will not flutter and a wing limited only to torsional motion will exhibit only stall flutter at high
angles of attack. Although uniikely, it is possible for a single degree-of-freedom to flutter
in torsion for very specific center-of-gravity and elastic-axis locations (see reference 1).

Fig. 10.14 Bending and Torsional Flutter

The wing in Fig. 10.14 is limited to motion in two degrees of freedom. It has a
*plunging” motion, which is translational motion perpendicular to the flow, and a “pitching”
motion, which is rotational motion about the elastic axis. The linearized equations of mo-
tion for the system are:

m mr\(y K y 0y _(-L
o TN(T ()
where m is the mass of the wing, r is the distance between the center of mass and the
elastic axis, / is the moment of inertia referenced to the elastic axis, Ky and K, are spring
constants associated with the plunge and pitch motion, respectively, L is the aerodynamic
lift and M is the aerodynamic moment referenced to the elastic axis.

The form of this equation is identical to eqn. 10.1. Note that in this general form, the
discussion of aeroelasticity is not limited to a system of two degrees of freedom. The
mass and stiffiness matrices may be representative for any aeroelastic system. Structural
damping, C, may also be considered.

In real problems, these matrices may be very large. Analytically, the system is often
represented through finite element methods to accurately mode! the structure and the as-
sociated modal characteristics. Experimentally, these matrices may be derived using
measurements and employing modal methods. The modes and frequencies of such
analyses are used in the solution process.

Although a wing may possess a very high number of vibration modes, only the lower
modes are typically used since the flutter mechanism is driven by the fundamental modes.
For example, the lowest ten to fifteen modes usually capture the primary behavior of the
structure (the reader is referred to reference 7 for specific case studies). This number
may increase as interaction with higher modes such as those that are associated with
control surfaces becomes important. Typically, the nature of classical flutter employs the
primary torsion mode with the first or second bending mode. Of importance now is to un-
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derstand the content of these equations, the solution of these equations, and interpreta-
tion of results.

Examination of eqns. 10.25 in closer detail reveals that the equations are coupled
through the mass matrix, as evidenced by the presence of off-diagonal terms in the ma-
trix. We could have chosen a set of coordinates in which the system is coupled through
the stiffness matrix, but the stability characteristics would be identical. The choice of co-
ordinates is for convenience in the solution. This ‘inertial’ coupling occurs since the center
of mass does not coincide with the elastic axis; the relative location of the center of mass
plays an important role in aeroelastic design as mass-balancing inherently improves sta-
bility margins.

The aerodynamic loads, L and M, are unsteady, which means these loads are motion
dependent. For example, Theodorsen® (also see Fung?) provided a very rigorous devel-
opment of the unsteady potential flow equation that led to the classical solution for incom-
pressible unsteady aerodynamic loads

. . C . cAl. cl1 .
L=1tpb2(y+Vwa—Eaa)+2an®5C[y+Vwa+-2—(§-—a)}x (10.26)
M=x —0—3- -ay+ 1—a Voo + 1—-82 Cal+2mpV, Eic(1-+a 7+ Voot s —1--—a a

P |27 )2 PYorU 2 oY Y% 22
(10.27)

where C(k) is Theodorsen's Function and is a complex function of the reduced frequency,
k, and a is the nondimensional distance (in terms of c/2) from the elastic axis to the mid-
chord and is a measure of aerodynamic eccentricity with respect to the elastic axis.

A quasi-steady aerodynamic model, appropriate for low frequency motion (k < 0.1), is
found from eqns. 10.26 and 10.27 as

cf . cf1 .
L=2npV, E(y +V a +E(5— a)u.) (10.28)
2
cc(1 . c(1 c(1
- A Clr _algl=ll-— .29
M=2npV, 5 (2+a)(y+ku+2(2 a)a) 2(2+3)L (10.29)

However, a source of aerodynamic damping is present in either form.

Harmonic motion for y and a is assumed for the solution and, as a result, an eigen-
value problem is formulated as previously discussed. In the simplest form, all terms are
grouped in a single matrix. The roots to the equation resulting from the expansion of the
determinant of the matrix provide the stability properties. The solution is complex such
that the roots contain damping and frequency information. Again, it is noted that the
aerodynamic properties depend upon the velocity, which is also contained within the ei-
genvalue. The solution requires an iterative process (see Hassig®).

10.1.5.2 Example: Quasi-Static Aeroelasticity. Stability characteristics are obvi-
ously affected by the matrices found in the goveming eqns. 10.25. The designer of the
airplane has some control over inertial, elastic, or aerodynamic coupling. Typically, the
only parameters modified are associated with the flowfield (that is, velocity, dynamic pres-
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sure, and altitude) and solving these equations in the frequency domain permits one to
examine damping and frequency characteristics.

To further understand the flutter mechanism, an illustration based upon the two de-
gree-of-freedom system is presented in which the aerodynamic loads are modeled by the
static terms in eqns. 10.28 and 10.29 . Thus, eqns. 10.25 become,

. 0. SC
m mrA(7) Ky 0 )y)_[~ 90501, (10.30)
mr | f& 0 Kyl\o) (92SCL ea

or, with rearrangement
m mr\(y) (Ky GSCy, y) (0

a = 10.

(mr / )(a)+( 0 Ky-9-SC  ejla) (O (10.31)

Harmonic motion is assumed such that y = Ye™ and a. = A '

2f m mr) (Ky GSCy, Y) (0
- = 10.3
( ¢ [mr /)*(o Ko -9SCLe)]la) "0 (1032

These equations are simplified by dividing through the mass and introducing similarity
parameters previously defined,

2
1 2
-, &) oo |40 (103
o (4] m2r2____"‘lle
alo s

where u is the mass ratio, 7, is the radius of gyration, and o, and @, are the uncoupled
natural frequencies of the system.

2
1 o) Pt Y\ (0
—0)2( '2)+ pe ()=(] (10.34)
rorg 2.2 2c,_avme A (]
0 o2rf-—=2
unc

To put the equations into a more convenient nondimensional form, the first equation is
divided by the reference length and the second equation is divided by the square of the
reference length, and both equations are divided by @2 Thus,

oy )2 2c, V2

ol m
—(F _'2 ) Lo 2unc o [7]{3) (10.35)
ol I 2.2

T o)

where the overbar signifies a nondimensional length with respect to the reference length.
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The flutter speed index is identified within the aerodynamic terms, thus, in final form,

2
_“{m_y) ~F+V2 7\ (0
® ( )=( ) (10.36)
= =2 (o 2 2 2 |\A 0
-F ~Ty +(?°‘) fg-V<@é

where the slope of the lift curve is assumed to be CLa. = 2x (the value from theoretical

aerodynamics). However, this "quasi-static” assumption is an extremely simplified and
misleading "model" for the aerodynamic loads as it is important to note that aerodynamic
terms such as CLu depend upon the eigenvalue, o, in addition to the Mach number. In

more representative formulations of eqns. 10.36, an iterative process is necessary be-
cause the flutter speed index also contains o.

Several comments are made in reference to eqns. 10.36:

(1) Equations 10.36 are in the eigenvalue form for the aeroelastic system. The de-
terminant of the matrix forms a quadratic equation for the roots, o?, which repre-
sent the aeroelastic frequencies as a function of the flutter speed index, v.

(2) For the case of V = 0, the roots of eqns. 10.36 provide the natural frequencies as
a function of the mass imbalance, 7. The uncoupled natural frequencies are found
for the case 7 =0.

(3) For the case of V = 0, Fig. 10.15 illustrates the characteristic behavior of the
aeroelastic frequencies for increasing velocities. The flutter region is found as the
two roots coalesce to a common frequency.

Equations 10.36 may be solved as a standard quadratic

2 m2=—B:tw/Bz—4AC=—B:t~/5 (10.37)
1"72 2A 2A ‘
[
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Fig. 10.15 Coupling of Flutter Modes

Solving the (flutter) determinant of eqns. 10.36, reveals that the roots become
complex conjugates with the single real root providing the frequency at flutter. Thus, from
eqn. 10.37, flutter occurs when D = 0. Also, aeroelastic divergence — the "zero
frequency” instablity — is found by examining the case of C = 0 since terms A and B are
motion dependent.
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(4) Aerodynamic loads introduce coupling in the system through two mechanisms.
Most obvious is the fact that the loads will not usually act through the elastic axis;
thus, lift leads to a moment. The second source of coupling exists since the un-
steady aerodynamic loads are dependent upon the displacements and velocities.

(5) The formulation illustrates the use of the similarity parameters.

(6) An extremely simplified formulation of the aerodynamics is used. In reality, the
aerodynamics depend upon the Mach number and reduced frequency. Standard
aeroelastic methodologies, such as the "k method” or "p-k method" require an it-
erative solution since the aerodynamic properties depend upon the reduced fre-
quency. The aeroelastic frequency, o, that is the eigenvalue also appears in the
reduced frequency and fiutter speed index.

10.1.6 Matched Point Analysis

V-g Diagrams (and other solution methods) represent the aeroelastic damping of the
system for changes in flowfield conditions. The complexity of determining the aerody-
namic loads often necessitates solutions at specific altitudes and Mach numbers. Thus,
the critical velocity for aeroelastic instability is found for different altitudes (mass ratios)
and different Mach numbers. Not immediately obvious here is an inherent paradox in the
solution. That is, if one selects an altitude and Mach number to perform analysis, then the
velocity is predetermined. Why ? In the atmosphere a speed of sound is associated with
each altitude (and the temperature of the air at that altitude); and, together, the Mach
number and speed of sound specify a velocity,

Vo= Mo 8 (10.38)

Is this velocity the same as the velocity from analyses? No, typically, the velocities
are quite different except for fortuitous circumstances. Therefore, we must extend the
analysis to include the “matched point” solution.

‘ My from
A Flutter Analysis |
Flutter Boy,
° Matched %
° b Point ~g y
gl \! g
< < V=M, <
& ‘ s
Velocity Mach Number " Mach Number

Fig. 10.16 Solution for the Matched Point

In this approach, as illustrated in the left-hand view of Fig. 10.16, the flutter velocity
(obtained from the V-g diagram) is plotted for a series of altitudes at constant Mach num-
ber. The intersection of a curve through these resuits (the curve given by the velocity
found from eqn. 10.38) leads to a "matched point" in which the altitude, velocity, and Mach
number are consistent. This process is repeated over a range of Mach numbers to com-
plete a set of data — the Mach numbers, altitudes, and velocities -- for which flutter occurs
and from which the flutter boundaries, as shown in the middle and right views of Fig.
10.16, are generated. It is noted that flutter is primarily a low altitude, transonic instability
as suggested by these figures.

e
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10.1.7 EAR Advisory Circuiars: Parts 23 and 25.

As suggested in the Advisory Circulars*®, velocity-damping (V-g) and velocity-
frequency (V-o) diagrams are widely-accepted approaches used to examine the results of
flutter analyses.

(4)
ALTITUDE/DENSITY xx [}
MACH NUMBER xxx

ASSUMED STRUCTURAL DAMPING 1
0.03 pa

DAMPING - g
o

Fig. 10.17 V-g Diagram for Five-Mode Analysis (adapted from AC 25.629-1 4

In Fig. 10.17, a velocity-damping diagram is sketched for an aircraft represented by §
aeroelastic modes. The roots are found for increasing values of velocity and reduced fre-
quency. Of particular interest is the root that leads to the negatively damped system (root
4 in the sketch). Structural damping affects the onset of flutter. In the absence of meas-
ured damping, a damping factor of 0.03 for structural damping is assumed (Method 1) as
a conservative value. Method 2 uses actual damping. Either way, structural damping
manifests itself as a vertical shift of the velocity axis in the V-g diagram - a consequence
of the solution methodology.

The presence of structural damping eliminates the apparent instability indicated by the
soft flutter crossing ("hump mode") associated with root 1. Aeroelastic divergence is
characterized by a root that abruptly terminates at zero damping — a mode indicated by
root 3 in Fig. 10.17.

It is noted that civilian aircraft require a 20% margin of safety for fiutter clearance,
whereas military aircraft require a 15% margin of safety for flutter clearance. Thus, in Fig.
10.17, V)pis the design velocity upon which a 20% margin as applied. The flutter crossing
of root 4 represents 1.2Vp. Other than the exact crossing from stable to unstable, the path
of the roots should not be used to infer stability behavior as the solution strategy is only
correct at zero damping (sinusoidal behavior was assumed). Also, since the velocity as-
sociate with the flutter crossing is associated with an altitude and Mach number, consid-
eration must be given to the aforementioned "matched-point” analysis.

In Fig. 10.18 a velocity-frequency diagram illustrates an aircraft represented by 5
aeroelastic modes. The natural frequencies (such as those measured through a ground
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vibration test) of the aircraft are represented at zero velocity, and the affect of aerody-
namic iocads on these frequencies is seen as a function of velocity. Although flutter can
not be determined solely from this figure, aerodynamic-sensitive modes tend to coalesce
as the flutter velocity is approached. Aeroelastic divergence is noted for the mode that
approaches zero frequency. Accelerometers mounted to the aircraft should be used to
monitor frequencies during flutter tests.
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Fig. 10.18 Velocity-Frequency Diagram for Five-Mode Analysis
(adapted from AC 25.629-1%)
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Fig. 10.19 Flutter Envelopes from V-g / Matched Point Solutions.
(adapted from AC 25.629-1%)

Flutter conditions - velocities, densities, and Mach numbers — are used to construct
flutter clearance envelopes according to FAR standards. Figure 10.19 illustrates two
standard envelopes. A 20% margin is required at constant altitude (A-A', B-B', C-C'), and
a 20% margin is formed for constant Mach number at sea level. This latter case results in
clearance below sea level and, although flight at this altitude is obviously not feasible, this
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boundary is necessitated by the low-altitude, high dynamic pressure variables that most
affect flutter.

10.1.8 Wind Tunnel Tests

Wind tunnel tests provide the intermediate information necessary to qualify design
concepts prior to full scale testing. Earlier, the requirement to satisfy similarity parameters
identified through dimensional analysis was addressed. These similarity parameters in-
cluded the Mach number, reduced frequency, mass ratio, and the flutter speed index. if
the similarity parameters are identical, then one may compare experimental and analytical
results with a measured degree of confidence.

A major difference between wind tunnel test procedures and atmospheric flight test
procedures is the controlled test environment. The temperature, Mach number, velocity,
and density may be controlled in the wind tunnel. In atmospheric tests, nature dictates
the dependency between the altitude (density) and air temperature (speed of sound).
This dependency creates the need for the Matched Point solution to properly interpret the
analytical results.

Since environmental control is possible in the wind tunnel test scenario, all but one of
the test parameters may be held constant when identifying the flutter boundary. Typically,
one of two methods is employed to determine a point on the fiutter boundary. In the first
method, the Mach number is maintained and the total pressure is increased in the wind
tunnel (this is analogous to maintaining Mach number while decreasing altitude during
flight tests). In the second method, the dynamic pressure is increased through the use of
the fan speed to increase the flow velocity (this is analogous to maintaining constant aiti-
tude while increasing aircraft velocity during flight tests). Mach number and dynamic
pressure both increase with this second method.

Mach Number
Fig. 10.20 The Flutter Boundary

The typical approach to establishing the flutter boundary — normally critical dynamic
pressure versus Mach number — in the wind tunnel is illustrated in Fig. 10.20. The flutter
boundary is shown with the classical *flutter bucket” at which the minimum dynamic pres-
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sure (or "transonic dip") for flutter is typically found in the transonic regime. The subsonic
and supersonic regimes routinely have nearly constant fiutter dynamic pressures.

An initial test is planned to identify a fiutter-free path throughout the Mach number
range. This test is accomplished by increasing the speed of the flow to well beyond the
anticipated transonic dip of the flutter bucket. As stated previously, this method increases
both the dynamic pressure and the Mach number, and this method resembles the con-
stant altitude flight test. (Note: Conducting a constant altitude flight test at the maximum
flight altitude typically identifies this flutter-free path.) Next, the speed is decreased and
the tunnel pressure (stagnation) is increased to provide a higher dynamic pressure for this
same Mach number, and this method resembles a constant Mach dive maneuver. Then,
the speed of the flow is increased until the instability is detected establishing a point on
flutter boundary. This process is repeated several times to complete the description of the
flutter bucket on the subsonic side of the transonic dip.

The fiat regions of the flutter boundary — the subsonic and supersonic regime — are
found by increasing pressure at constant Mach number. The region of the flutter bound-
ary beyond the transonic dip is found by significantly decreasing the tunnel pressure (re-
turning to the conditions associated with the original flutter-free path) and, then, increasing
velocity to obtain higher Mach numbers. Beyond the transonic dip, the pressure in-
creases for a constant Mach number.

We observe that, at points on the flutter boundary beyond the transonic dip, a
decrease in velocity may cause onset of flutter. Therefore, in wind tunnel tests,
instead of reducing fan speed, the total pressure is dropped to avoid triggering the
instability by entering the transonic dip from supersonic conditions. In flight tests,
this drop is analogous to an increase in altitude at constant Mach number.

Although these methods establish points on the fiutter boundary, it is not desirable to
actually test on the instability boundary (i.e., "hit" a hard fiutter point) due to the highly de-
structive nature of flutter. Therefore, subcritical response techniques are used in both
wind tunnel and flight tests. As suggested by the name, these methods examine the dy-
namic response of the structure prior to the onset of the instability. This examination in-
cludes frequency, damping, and/or amplitude trends for increases in airspeed, and an ex-
trapolation to actual flutter conditions. The structure or aircraft must be spared. These
techniques will now be described in further detail.

10.1.9 Ground Vibration Tests

Ground vibration tests (GVTs) are used to identify natural frequencies and mode
shapes of the aircraft structure. Kehoe® and Norton® provide a thorough discussion of a
GVT program in support of flight tests. Also, albeit a general theory of mechanical vibra-
tions is not presented herein, the interested reader is referred to Craig*®.

As previously presented, the equations of motion for the general mechanical system
with mass, damping, and stiffness may be represented as

Mx +Cx+Kx =F (10.39)

where M, C, and K are parameters associated with the physical system, F is external
forcing, and x is the structural response. If two of three components — physical parame-
ters, external forcing, or response -- are known, then the third component may be found.
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in analyses, the physical parameters and external forcing are known, and the response is
simulated. In GVTs, the response due to a known extemal forcing is measured, from
which the physical parameters are derived.

As depicted in Fig. 10.21, in GVT strategies the accelerometer (or strain gage, if ap-
propriately located) is used to measure response due to an input. Typically, this input is
from a mechanical shaker or impact hammer. The response determines vibration char-
acteristics - namely, the natural frequency, natural mode shape, and structural damping.

Accelerometer or
Strain Gage Output

4
.-+ Impulse or
Shaker Input

~ Node Line
Fig. 10.21 Wing Mode Shape

The fundamental wing modes found with a modal survey are illustrated in Fig. 10.22.

2nd

V4
Node Line
Zero Displacement |

3rd

~< Node Lines
Fig. 10.22 Wing Modes

Several supporting comments are in order:

(1) A GVT may use a single accelerometer from which measurements are obtained at
many locations on the structure, or the GVT may use an array of many acceler-
ometers to provide simultaneous measurements. In either case, a family of mode
shapes is found.

(2) The "reciprocity" principle suggests that the source of excitation may be placed at
any location leading to equivalent modal characteristics. However, node lines (as
ilustrated in Fig. 10.22) are lines of zero displacement and should be avoided as
modal excitation is difficult at these locations. The GVT should be conducted with
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more than one input source to confirm identification of all modes. For example,
the second mode of Fig 10.22 would be missed if the shaker were positioned
along the node line.

(3) The GVT identifies modes that should be tracked during flight tests. The GVT will
identify the optimal placement of accelerometers during flight tests. Often, a sin-
gle accelerometer may be used during flight tests to track a mode identified during
the GVT. Strain gages may be present from prior tests (airframe loads, etc) and
may be used to measure vibratory response; however, the location may not be
optimal and signal to noise ratios may be too low.

(4) The underlying theory associated with the GVT assumes linear behavior. Thus,
sources of nonlinearities such as freeplay, sources of damping, and excess com-
pliance in the structure must be identified and/or minimized. Linearity may be veri-
fied through static load-deflection tests. Preloading of the structure will eliminate
freeplay. Partial deflation of tires and landing gear struts during the GVT will help
distinguish rigid-body modes from flexible-body modes.

(5) Mode shapes exhibit the property of orthogonality (see reference 10). Mathemati-
cally speaking, measurements should behave as

OTMD =1 and OTKD = A (10.40)

where @ is a transformation matrix whose columns are comprised of the normal-
ized eigenvectors (mode shapes), / is the identity matrix, and A is a diagonal
matrix consisting of the natural frequencies, »?. Orthogonality should be verified,
with the existence and relative magnitude of the off-diagonal terms in the matrices
resulting from the operation ®7M® and ®7 KD providing a validation of the
quality of measurements.

Again, the GVT measures the output response through an accelerometer (or strain
gage) from an input normally provided by a shaker or impact hammer. A modal survey,
conducted as part of the GVT, determines the modal characteristics of the primary modes
for the different configurations. These measured modes are used to validate analysis or
may be used to develop a model for predictions.

Of primary interest for flight test applications is the use of these measured
modes to observe, in real-time, changes of vibration characteristics — that is,
monitor aerodynamically sensitive modes that may lead to aeroelastic instabilities.

10.2 FLIGHT TEST METHODS

At the stage when flight tests are required, aeroelastic analyses have identified the
flutter boundary and wind tunnel tests have verified this boundary. In addition, math mod-
els of the structure have predicted the vibrational characteristics and measurements have
verified the actual modal characteristics. Now, we extend our theory and ground-based
test experience to flight tests. Several supporting references are suggested which include
the efforts of Norton®, Kehoe'!, and van Nunen and Piazzoli'?, as well as material ad-
dressing flutter test techniques provided in references ',

Expansion of the fiutter envelope is an iterative process from inception of a new con-
figuration to flight testing of the full scale aircraft. As the process continues and updated
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flutter calculations improve with new knowledge, a foundation is created for flight tests
that confirm an understanding of aeroelastic frequency and damping characteristics.

FUIGHT FLUTTER g
TESTS

Fig. 10.23 Flutter Expansion Flow Diagram (Adapted from Norton®)

10.2.1 Elutter Excitation In Flight

Structural vibrations must be excited at flight conditions to examine aeroelastic sensi-
tivity and validate predictions. As illustrated in the Fig. 10.24, several approaches are
available. Techniques include:

natural atmospheric turbulence

mechanical excitation devices (mass eccentric devices)
aerodynamic excitation devices (oscillating vanes)
pre-programmed loads from flight control systems
pyrotechnic devices ("bonkers")

pilot-induced control surface pulses or "stick raps”)

Pilot Induced Oscillations

Attached Oscillating Vanes Pyrotechnic Bonker
Fig. 10.24 Flutter Excitation Schemes
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Input loads may take several forms, and include: sudden impulses intended to simu-
late a ‘step’ input (stick raps and bonkers), frequency sweep and dwell loads (shakers),
and random loads (turbulence). The purpose of these loads is to excite the structure at a
specific frequency, or range of frequencies, and observe the response characteristics - in
particular, damping and frequency characteristics - for changes in flight conditions. The
advantages and disadvantages of each form of possible excitation are discussed briefly in
the following sections.

10.2.1.1 Natural Atmospheric Turbulence. (including wake and buffet induced vi-
brations): The advantages are obvious simplicity and low hardware or aircraft modifica-
tion cost. Disadvantages include: (1) excitation parameters (frequencies swept, dwell
times) are not controllable; (2) data reduction requires more sophistication due to low sig-
nal-to-noise ratios; (3) quality of data collection depends on atmospheric conditions; (4) all
modes are excited simuitaneously and closely spaced modes may require additional data
collection; and (5) excitation levels will vary with altitude.

10.2.1.2 Mechanical Devices. Advantages include: (1) efficient use of test time; (2)
precise control of frequency sweeps and dwell times; (3) short duration at test points; (4)
similar excitation at all altitudes; (5) data reduction is more dependable; (6) signal-to-noise
ratios are higher; and (7) specific modal frequencies can be targeted. The disadvantages
of using such devices include: (1) systems may be bulky and adversely affect certain
modes; (2) added complexity increases chances of test aborts; (3) external actuators may
affect the aerodynamics (4) data storage requirements are increased; and (5) short dura-
tion at test points requires high quality signal processing and high data rates.

In lieu of additional flight test hardware, the presence of existing on-board flight con-
trol systems (FCS) in many aircraft configurations provides in-flight excitation. Pre-
programmed inputs of sine-sweep, sine-dwell, and targeted frequencies are often used
successfully with automatic flight control systems. Concerns with the use of FCS actuation
include notch filters or other such limitations that prevent excitation at specific frequen-
cies, or undesirable feedback between the pre-programmed inputs and vehicle re-
sponse/performance.

10.2.1.3 Pilot Induced Oscillations and Stick Raps. Allowing the pilot to excite the
structural dynamics is a classical flight test approach. Advantages are: (1) no alteration
of mass or aerodynamics since no additional hardware is used; (2) pilot exercises some
control of excitation; and (3) reasonable time spent at each test point. The disadvantages
of manual excitation include: (1) input frequency is limited by human response time; (2)
only the lower modal frequencies (up to about 5 Hz) may be adequately excited; (3) con-
siderable test time may be required if pulses are required in both directions and about
each of the axes.

10.2.2 Flutter Envelope Expansion

The flight envelope, including the required margin of safety, must be free of flutter.
The test program must consider all store configurations, fuel management scenarios, and
alternative vehicle configurations. As previously stated, flutter depends on flight condi-
tions such as velocity, altitude, and Mach number; therefore, the test program must con-
sider these parameters. Furthermore, an ordered priority must be used in exploring the
effects of each parameter.
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10.2.2.1 Time Histories Versus Freguency Dependence. Like wind tunnel tests,
flight tests are initiated at the lowest dynamic pressures (Fig. 10.15). Hence, aircraft are
normally tested at higher altitudes first since lower densities dictate both lower dynamic
pressures and mass ratio effects. Higher speeds are evaluated by making shallow dives
to achieve test speeds that cannot be attained in straight and level flight. However, higher
speeds alone may not necessarily illuminate the fiutter speed boundaries. The frequency
of the input also affects the response of the modes of interest.

At a specific test point, output data are obtained and analyzed for frequency and
damping characteristics. Measurements from devices such as accelerometers are often
in the form of a response time history. Typically, 60 seconds of data are obtained at a
specific test point. Given an adequate sampling rate and sufficient measurements, the
data are transformed (normally by Fourier transforms) to the frequency domain. Figure
10.25 provides a simplified illustration of the frequency response derived from transforma-
tion of time domain measurements, and shows the amplitude of response as a function of

frequency.

lAl4 Total System Response
Mode 1
Contribution

Mode 2
Contribution

Mode 3
Contribution

Fig. 10.25 Typical Frequency Response

Several prefatory comments are appropriate as one considers the frequency re-
sponse behavior depicted in Fig. 10.25.

(1) The peaks associated with the system frequency response indicate the aeroelastic
frequencies of the system, and these peaks may be observed to shift with
changes in test conditions. For the zero velocity case, these peaks represent the
natural vibration frequencies of the aircraft. As flutter is approached, two or more
of these peaks will merge toward a common peak. As aeroelastic divergence is
approached, one of these peaks will migrate toward zero frequency.

(2) Forced excitation from any external sources (such as vortex shedding, actuator
movement, oscillating shocks, and other sources with an embedded frequency
content) at an aeroelastic (natural) frequency will result in large amplitude re-
sponse.

(3) As depicted in Fig 10.25, the response of the structure is the superposition of all
modes. The magnitude of response is the additive affect of each mode for ex-
ample, although the first mode (lowest frequency) dominates the response at that
frequency, contributions from higher modes are present.

(4) During tests using mechanical excitation methods, a sinusoidal ("sine") sweep
through a range of frequencies will identify aeroelastic frequencies indicated by
peak amplitudes; the "sine dwell" at specific frequencies will permit examination of
specific modes.
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(5) The random input — from turbulence or mechanical excitation - will excite all
modes and frequencies simultaneously. The aeroelastic frequencies will be iden-
tified by the peak response.

(6) Structural (no-flow) and aeroelastic damping can be identified through the sharp-
ness of the frequency response. The "half-power” method, for exampleb is one
technique used to derive damping from the frequency response spectrum.’

(7) Modal characteristics must be understood (almost always based on GVTs) prior to
flight tests. The presence of rigid body motion and external vibratory sources will
be observed in the frequency response, and these effects must be identified.

The accelerometer output time history is often used for test points far-removed from
the flutter boundary. For example, frequency trends are tracked by counting cycles and
damping trends are tracked by using the half-amplitude method'® in which the number of
cycles needed for the amplitude to halve is directly related to damping. Also, the "log-dec”
method'® (logarithmic-decrement) is often used to derive damping from the decay rate.

10.2.2.2 Procedures Requiring Dives. Dives may be required to achieve higher
airspeeds and dynamic pressures for envelope clearance. An altitude band of approxi-
mately 1000 feet near the targeted test altitude is usually acceptable to obtain data at an
altitude (mass ratio) assumed constant. Obviously, descent rates associated with large
dive angles give large altitude changes and may not allow completion of the sweep — re-
peated dives may be necessary to complete a test point. Care must be taken in dive pro-
cedures to guarantee that airspeed increments are controlled.

The sweep rate available with mechanical excitation may be changed to complete the
sweep within this altitude band. Often, the "burst and decay" method is used in which a
targeted frequency is excited ("burst") for a few cycles, and the decay from this excitation
measured. Frequency dwells may be conducted in a dive if a suitable forced excitation
system is installed and averages of data may be needed if atmospheric excitation is used.
Test points flown in a dive with control surface excitation done by the pilot are usually
puises applied about one axis at a time and several passes through the altitude band may
be required for a statistically significant data sample.

10.2.3 Subcritical Response Techniques

Wind tunnel tests and flight tests are required to establish precise flutter boundaries
for the vehicle or component.  Yet, since flutter is destructive by nature, testing at, or
even near, the boundary is highly undesirable. Therefore, subcritical response techniques
are employed to predict the onset of instabilities by extrapolating damping and frequency
trends. These techniques require the use of accelerometers and/or strain gages. These
instruments are mounted on the critical components so measurements of the modal char-
acteristics can be recorded and monitored in "real time”.

Modal parameters of primary interest include the frequency, damping, and amplitude
characteristics. Our development of aeroelastic theory in Section 10.1 shows that shifts in
frequency and damping parameters identify the presence of aeroelastic instabilities. We
must take advantage of these characteristics to predict where the instability exists based
upon measured response at subcritical conditions. Several subcritical response tech-
niques have been developed; one such method is referred to as the “Peak-hold” method
as used by Cole'>. The peak-hold method requires measurement of the maximum am-
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plitude of the response of a contributing mode. This measurement must be made at sta-
bilized flight conditions — constant dynamic pressure, altitude, and Mach number - and
measurements are repeated for several flight conditions. Using the results of Cole to il-
lustrate, responses measured at several dynamic pressures are illustrated in Fig. 10.26.
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Frequency — Hz Dynamic Pressure
Fig. 10.26 Results of Peak-Hold Method (Adapted from Cole15)

An inspection of the responses in Fig. 10.26 reveals a broad peak for the vibration of
particular modes. This broad peak suggests well-damped modes. As the dynamic pres-
sure is increased, the response appears as a narrow peak. The inverse of the maximum
amplitude is plotted versus the dynamic pressure (right side of Fig. 10.26). As the dy-
namic pressure is increased towards the critical dynamic pressure, the inverse of the
maximum amplitude approaches zero. This inverse is extrapolated to this zero value
which corresponds to the flutter dynamic pressure. Changes in frequency as noted by the
shift in the peak, and changes in damping as noted by the width of the peak, also provide
indicators that may be used to predict the onset of the instability.

Example 10.1: X-28. The significant efforts of Kehoe and Rivera' and others (such as Freud-
inger") are cited to provide a detailed discussion of fiutter clearance flight test programs. As an illustra-
tion, certain resuits of the X-29 flutter clearance project are briefly discussed.

The ground vibration test (GVT) is used to identify frequencies and modes during flight tests. Table
10.1 describes the aircraft mode, modal frequency, and potential aeroelastic instability in which the mode
may participate (according to analytical predictions). Several forms of instability are predicted for the X-
29, and include: (1) flutter; (2) divergence — agoravated by the forward sweep design of the X-29; (3)
aeroservoelastic instabilities — beyond the scope of this text, but an instability that involves an interaction
of the fiight control system with flexible vehicle modes; and (4) body-freedom flutter — an instability that is
caused by the interaction of flexible modes with rigid body modes). In the following table, "D" indicates a
potential Divergence instability, "F" indicates a potential Flutter instability, and "ASE" indicates a potential
AeroServoElastic instability.

The GVT also identifies the optimal jocation of accelerometers to track modes. Although the GVT
mayhaveusedhmdredsofawelerometerstocharacteﬁzeaspedﬁcmodeshape,theﬂighttestwill
only require a few judiciously place accelerometers. Fig. 10.27 (next page) shows the relative placement
of a few accelerometers on the X-29.
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Table 10-1: Mode Type, Frequency, and Nature of instability

: - FORINSTABILITY >~
First Symmetric Wing Bending 8.6 D, ASE
First Antisymmetric Wing Bending 113 ASE
First Fuselage Vertical Bending 116 ASE
First Fuselage Lateral Bending 12.5 ASE
First Fin Bending 15.2 F
Canard Pitch 21.0 D F
Second Fuselage Vertical Bending 243 ASE
Second Symmetric Wind Bending 26.3 ASE, F
Second Antisymmetric Wing Bending 268 ASE
Inboard Flap Rotation 313 F
Wing Torsion-Outboard Flap Torsion 35-37.0 F
Midflap Torsion 38.7 F
Canard Pitch-Bending 42.0 F
First Fin Bending 50.0 F
Inboard Flap Torsion 515 F :
Adapted from Kehoe and Rivera’® |
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Fig. 10.27  Location of Accelerometers for the X-29 (Adapted from Kehoe and Riverat6)

It is well worth noting that placement of a single accelerometer on the wing tip permits tracking of
the bending mode. A second accelerometer on the other wing permits tracking of symmetric vs. anti-
symmetric bending modes. And, a second accelerometer mounted on each wing — with one placed near
the leading edge and the other placed near the trailing edge — permits tracking of torsional modes.

Figure 10.28 (on the following page) superimposes predicted flutter boundaries onto the flight en-
velope - displayed in the standard format as described previously. Symmetric modes and antisymmetric
modes are shown. A 20% margin of safety on the limit velocity (V,) is used. Several modes are found to
approach the required clearance envelope; most notably, a midflaperon flutter mechanism that pene-
trates deeply into the planned flight envelope. These predictions used an extremely conservative value of
structural damping (0.02 - 0.03) that leads to conservative (low) predictions of flutter speed. However,
tests are required to clear the flight envelope.
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Fig. 10.28 Predicted X-29 Flutter Boundaries (Adapted from Kehoe and Riveral®)

Scale model (16% dynamically scaled model) wind tunnel tests were conducted to investigate the
midflaperon flutter mechanism. As depicted in Fig. 10.29, several wind tunnel tests were conducted and,
in particular, tests were conducted well within the regime of predicted flutter. No instabilities were ex-
perimentally measured — differences with the analytical predictions of Fig. 10.28 are attributed to struc-
tural damping being greater than assumed. Structural damping delayed flutter onset.
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Fig. 10.29 X-29 Midfiaperon Flutter Boundary Prediction (Adapted from Kehoe and Rivera!®)

Following extensive analysis, ground vibration tests, and wind tunnel investigations, a flight test
program was initiated that uses a build-up approach. That is, flight tests were conducted in increments
from lowest risk to highest risk, and proceeded from low speeds to high speeds beginning at highest al-
titudes and finishing at lowest altitudes. Thus, confidence was established prior to approaching potential
fiutter boundaries. Figure 10.30 shows the fiutter test matrix flown. It is noted that no instabilities were
found within the flight envelope, and it is noted that the maximum Mach number for the vehicle was es-
tablished at M., =1.4 for reasons other than aeroelastic concems.
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10.2.4 Rules of Thumb

In light of the previous discussion, it is appropriate to identify methods of raising the
flutter velocity or possibly eliminating fiutter aitogether. All of these suppression ap-
proaches have one purpose: to break the coupling, whether it be aerodynamic, inertial
(mass), or elastic. Furthermore, today's flight control systems may be used to suppress
the onset of aeroelastic instabilities by affecting the phase relationships of the coupled
system or create offsetting loads.

One commonly used approach is to mass balance the system. Mass balancing re-
quires the addition or redistribution of mass so that the center of gravity is moved forward.
Control surfaces and rotor blades often use ballast. An increase in mass lowers the natu-
ral frequency; mass positioned away from the center of mass lowers the natural frequency
in torsion; and, an increase in structural stiffness raises the natural frequency.

The presence of flutter and divergence is influenced heavily by the character of the
primary torsional mode. The vibration characteristics of the structure may be adjusted to
eliminate or delay the onset of flutter. An increase in the spread between the participating
modal frequencies will delay the onset of flutter. Typically, the primary torsional mode is
higher than the primary bending mode; therefore, increasing the torsional stiffness or re-
ducing the moment of inertia (redistribution of mass) is usually advantageous. The addi-
tion of structural damping also provides fiutter alleviation. Other than the aeroelastic
modes, “aerodynamic stiffening” is typical, as most system frequencies will rise slightly in
the presence of increasing aerodynamic loads.

Wing sweep has a significant effect on certain aeroelastic instabilities. As suggested
in Fig. 10.31, forward sweep adversely affects the divergence boundary and aft sweep
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adversely affects control reversal. Relative to these other instabilities, flutter is affected

little by sweep.

Sweep Forward Sweep Back
Fig. 10.31 Sweep Effects (Adapted from Bisplinghoff!)

Angle of attack effects are minimal except for vortex-shedding phenomena. However,
wind-up tums are often used at the completion of certain test points to demonstrate in-
sensitivity to angle of attack (see reference 17). Control surface flutter modes are most
sensitive to altitude (mass ratio) effects. Also, control surface “buzz will be eliminated
with reduced free-play of the control surface actuator.

The GVT must identify all modes of interest and fiutter analysis demands the use of
all participating modes. For example, a large transport could be modeled with the first 3
bending modes and first 2 torsional modes’, since bending-torsion flutter is typical. How-
ever, higher-order modes are necessary for mutti-control surface aircraft, for example,
analysis of the F-18 High Angle-of-Attack Research Vehicle (HARV)"" and X-29 Forward
Sweep Wing (FSW) Research Aircraft'® required in excess of 25 modes.

10.3 SUMMARY

~Some fear flutter because they do not understand it,
others fear flutter because they do”™ .... Theodore von Karman

In this chapter we have examined both static and dynamic aeroelastic instabilities
such as divergence and flutter. The highly-destructive nature of these instabilities requires
a judicious approach to identify boundaries and clear the flight envelope. Ground-based
tests and studies that include ground vibration tests, wind tunnel tests, and flutter analy-
ses are necessary to provide a strong foundation of understanding prior to flight tests.
Flight tests at flutter or divergence conditions are not performed directly; rather, subcritical
methods that include a continual examination of frequency, damping, and amplitude of
response are used to identify instabilities via extrapolation approaches. A build-up ap-
proach in the flight test program that permits the lowest risk test points (low velocity, high
altitude) to be conducted first is advised. The flight test team should be formed with an
emphasis on appropriate experience and expertise, and one should proceed cautiously
and "expect the unexpected"”.
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Chapter 11
POST-STALL GYRATIONS AND SPINS

So far in this introductory survey of flight test, the motions under discussion have been
well-behaved small perturbations from some equilibrium condition. The angle of attack
has been less than the stall angle of attack. Classically, this angle of attack is thought of
as that angle where the C;-o curve has a sharp break as shown in Fig. 11.1. If the
trajectory proceeds on to higher angles of attack, the vehicle may go out of control and go
through completely uncommanded maneuvers. This chapter briefly summarizes the
theory for these kinds of post-stall motions and outlines some of the precautions that must
be taken when tests are planned that deliberately place the vehicle in this hazardous flight
regime outside of the normal operating envelope.
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Fig. 11.1 Classical Aerodynamic Stall

The hazardous nature of post-stall flight tests underscores the importance of conduct-
ing them. During the 1970s post-stall accidents generated a considerable amount of re-
search aimed at preventing loss of control. Through careful tailoring of the aerodynamic
configuration and skillful use of automatic control systems, designers have been able to
create highly spin-resistant airplanes. The payoff in this design emphasis became evident
during the flight test programs of the current generation of operational fighters. The F-14,
F-15, F-16, and F-18 all have remarkably good high angle of attack characteristics
compared to their predecessors. The latter three airplanes all completed rigorous high an-
gle of attack programs without the loss of a single airplane to an out-of-control incident:
an unprecedented safety record in fighter development! But it is not enough to simply
design departure- and spin-resistant airplanes. Maneuverability in the post-stall arena is
important for a significant number of tactical situations1. At the time of this writing there
are three major research projects in flight test2.3.4 meant to help understand and exploit
any tactical advantages that come from maneuvering at angles of attack well above the
stall. The YF-22 and YF-23 Advanced Tactical Fighter prototypes have demonstrated
significant capability in this part of the flight envelope. With this sort of thrust in design re-
quirements (driven, of course, by perceived operational advantages) and the inherent
hazards associated with high angle of attack testing, it is imperative that an introduction to
flight test engineering include a discussion of post-stall testing.
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11.1 THEORETICAL FOUNDATIONS

11.1.1 Post-Stall Definitions

The terminology used to discuss the post-stall flight regime is unique and an expanded
vocabulary is a necessity. Our first step, then, is to understand what a stall, a departure,
the incipient spin, a post-stall gyration (PSG), and a developed spin are and how they
differ from one another. These definitions are the subject of this section.

11.1.1.1. Stall. No two source documents define stall in exactly the same way. The
FAA Flight Training HandbookS defines this term about as simply as possible:

A stall occurs when the smooth airflow over the airplane’s wing is disrupted and
the lift degenerates rapidly.

These words describe the classical stall as depicted in Fig. 11.1. On the other hand,
military specifications define the stall in subtly different terms:

angle of attack®.

lThe angle of attack for maximum usable lift at a given flight condition is the stall

The same document explains “maximum usable lift" by spelling out conditions other
than reaching the peak of the C;-a curve that may limit available lift. Possibilities include:

Uncontrollable pitch, roll, or yaw Excessive sink rates
Intolerable buffet Inability to perform altitude corrections

Stall occurs when a maximum usable angle of attack or airspeed is reached. It is not
always an uncontrollable event in itself; rather, it merely describes a critical condition
reached by the lift-generating surfaces of the vehicle. Exceeding this critical condition may
cause drastic changes in the trajectory followed by the vehicle and in its response to
control inputs. The airplane may become uncontrollable. Nonetheless, a stall does not
inevitably lead to loss of control.

11.1.1.2 Departure. If a stall does not always produce uncontrolled flight, what event
does mark the transition from controlled to uncontrolied flight? The military has coined the
term "departure" for that event.

Departure is that event in the post-stall flight regime which precipitates a PSG,
spin, or deep stall .

Notice two things about this definition. First, departure occurs in the post-stall flight
regime, that is, the stall always precedes or is at least coincident with the departure event.
It can be inferred, then, that the angle of attack for maximum usable lift is always less than
or equal to the departure angle of attack. Secondly, only one of three motions may resuit
from a departure: the airplane either enters a PSG, a spin, or a deep stall. Implicit in this
definition of departure is the idea that an immediate recovery cannot be made. For
example, a general aviation airplane whose stall is defined in the classical sense illustrated
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by Fig. 11.1, may recover immediately if the longitudinal control pressures are relaxed
when the stall occurs. However, the same airplane might go out of control, or depart, if
ailerons were deflected significantly at the time stall occurred. With pro-spin ailerons
applied, the same docile general aviation airplane might readily spin. By the definition of
the term, it would then have departed. This latter fact suggests that one must specify sus-
ceptibility or resistance to departure for given control positions, along with other config-
urational parameters.

The departure event is usually a large amplitude, uncommanded, and divergent mo-
tion. Such descriptive terms as nose slice or pitch-up are commonly used to portray de-
parture. By uncommanded motions, it is meant that the pilot or controller did not intend the
control movements to produce the actual motions which resulted. The airplane may not
follow the pilot's commands for a number of perfectly valid aerodynamic reasons:

High local a. may render control surfaces ineffective.

The pilot may be unable to position the control stick properly due to lateral or
transverse accelerations at his cockpit position.

In either of these cases, the motion is uncommanded. A divergent motion is one
which either continuously or periodically increases without bound. Some airplanes, like
the T-33, periodically "buck" when forced past the stall, that is, the nose periodically rises
and falls. However, there is no divergence uniess full aft stick, ailerons, or some other
pro-spin control is held. The T-38 will occasionally produce a non-divergent lateral
oscillation near the stall angle of attack. Neither of these motions is usually counted as a
departure, though their presence does wam of impending departure if the controls are
further abused. In sum, a departure is a very difficult event to precisely describe, but there
is little doubt in the pilot's mind when it has occurred!

11.1.1.3 Post-Stall Gyration. A post-stall gyration is an uncontrolied motion about
one or more axes following departure€. It is also a difficult term to define concisely be-
cause it occurs in so many different forms. Frequently, the motions appear to be com-
pletely random about all three axes and no more descriptive adjective or noun can be
applied than PSG. A snap roll or a tumble are motions that fit the definition of a PSG, and
these more common (if less precise) words are sometimes used. The primary difficulty
lies in distinguishing between a PSG and the incipient phase of a spin, especially an oscil-
latory spin. The chief distinguishing feature is that a PSG may involve angles of attack
that are intermittently below the stall angle of attack, whereas the angle of attack must be
greater than the stall angle of attack for a spin to exist.

11.1.1.4 Spin. Finally, a spin must be defined®.

A spin is a sustained yawing and rolling rotation at angles of attack above the stall
angle of attack.

Sometimes the spin is defined as a yawing rotation rather than a yawing and rolling
rotation, but such a definition would only be valid for a perfectly flat spin with a = 90°.
Typically, the yaw rate about the z body axis is the dominating rotation. The pilot of an
airplane will likely consider a sustained yaw rate one of the most important visual cues that
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he is in a spin. In fact, if the spin is steep (that is, the angle of attack is relatively low, near
ag), pilots often have difficulty in recognizing the motion as a spin. Such a trajectory may
be perceived as a roll rather than a spin. A steep inverted spin is another kind of spin that
can be even more confusing and disorienting because the body axis roll and yaw rates are
in opposite directions. Even in an inverted spin, the yaw rate dictates the direction of
rotation and the control manipulations necessary to recover.

11.1.1.5 Deep Stall. The last out-of-control flight condition to be discussed is cailed
the deep stall:

A deep stall is an out-of-control flight condition in which the airplane is in equilib-
rium at an angle of attack well above azwhile experiencing negligible rotational
velocities.

The deep stall is distinguished from a post-stall gyration by the lack of significant an-
gular rates. Some maneuvers with graphic names like “falling leaf’ are categorized as
deep stalls, but so are others that have large amplitude angle of attack oscillations. In a
deep stall, there is almost always a very high rate of descent. It is faily common for the
lateral and directional controls to be ineffective and sometimes even the longitudinal con-
trol loses its authority. The latter condition, of course, is to be avoided in any design. The
motion during a deep stall may not be steady. Oscillations in angle of attack may be quite
large in amplitude. These oscillations sometimes are helpful in that longitudinal control
inputs of the appropriate frequency have been used to dynamically generate the moments
necessary to recover from the deep stall.

11.1.2 Spin Modes

Three types of adjectives are used to describe the general characteristics of a given
spin and they identify the spin mode. The sign of the angle of attack, for example, classi-
fies a spin as either upright (a > 0) or inverted (a < 0). Average values of angle of attack
also classify a spin as either flat or steep, meaning that flat spins occur at high o and
steep spins occur with lower a. Finally, the peak amplitudes of the oscillations compared
with the average value of rate of rotation spells out the oscillatory character of the spin
mode. One descriptive modifier from each of these adjective groups may be used to char-
acterize the spinning motion. Table 11.1 summarizes these modifiers.

Table 11.1 Spin Mode Modifiers

Group 1 Group 2 Group 2
Upright Steep Smooth
Mildly Oscillatory
Inverted Flat Oscillatory
Highly Oscillatory
Violently Oscillatory
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Mode identification terminology can be confusing. The most confusing facet of ad-
jective identifier usage is associated with groups 2 and 3 in Table 11.1. The example’ in

Table 11.2 shouild help clarify usage of these modifiers.
Table 11.2 F-4E Spin Modes

Mode Descrip- | Average | AOA Oscil- Yaw Rate Roll Rate | Pitch Rate
tion AOA (°) | lations (°) (°/sec) (°/sec) (°/sec)
Steep-Smooth 42 15 40-50 50 15
Steep-Mildly 45-60 +10 45-60
Oscillatory
Steep- 50-60 +20 50-60 (with large | Same as
Oscillatory oscillations) yaw rate
Flat-Smooth 77-80 Negligible 80-90 25 7
ENTRY TO POST-STALL
GYRATION OR SPIN.~moranion =NCIPIENT PHASE
prths OF SPIN
DEVELOPING
SPIN

FULLY
INITIATION
DEVELOPED OF RECOVERY

CONTROLS

BOUNDARIES BETWEEN
SPIN PHASES ARE
OFTEN INDISTINCT

Fig. 11.2 Spin Phases

11.1.3 Spin Evolution

A fully developed spin is an equilibrium dynamic state. However, this state of equilib-
rium is not reached by every trajectory that progresses into this nonlinear post-stall flight
region. Moreover, equilibrium for the strongly coupled, large amplitude governing equa-
tions is not necessarily a steady state solution in the classical linear sense; it is more often
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a periodic solution (like a limit cycle). Such a complicated trajectory does not occur in-
stantaneously; the transient motions are quite observable and are especially important to
the flight test planner (as well as to the operational pilot!). We will discuss three stages or
phases (Fig. 11.2) of spin evolution; but, keep in mind that not all spins will reach equi-
librium. Thus, a given spin trajectory may pass through all or only one of the phases. It
does not always progress through the complete evolution to the fully developed equilibrium
state.

11.1.3.1 Incipient Phase. The incipient phase of a spin is the initial, transitory part of
the motion during which it is impossible to identify the spin mode. The yawing and rolling
rotation (usually perceived by the pilot as yaw rate) begins as the incipient phase begins.
The cue to the pilot of an incipient is that of a sustained, though not necessarily steady,
yawing rotation. Even during this incipient phase, the angle of attack is greater than the
stalled angle of attack. This characteristic, stalled angle of attack in the spin is one of the
distinctions between the incipient phase of the spin and any post-stall gyration that occurs
after departure. The incipient phase of the spin ends when a recognizable mode can be
identified. Sometimes, this mode is not recognizable in flight but must be identified by
examining data traces. To summarize, the incipient phase of the spin is a transitory
motion easily confused with a PSG, but distinct from either a PSG or the developed phase
of a spin.

11.1.3.2 Developing Phase. The developing phase of a spin is that stage of the
motion in which the spin mode can be ascertained. Oscillations may be present, but the
mean periodic motion is discemible. The aerodynamic forces and moments may not be
completely balanced by the corresponding linear and angular accelerations, but equilib-
rium conditions are being approached. Generally, it is evident when the developed phase
is in progress, though the exact point at which it began may be unclear. Since the motion
is approaching an equilibrium state, it is frequently advisable to initiate recovery before
true equilibrium is achieved. For example, during the T-38 test program, waring lights
were installed to signal a buildup of yaw rate. Recoveries were initiated when these lights
came on at approximately 85°/sec. In the flat spin mode of this basic trainer, a peak yaw
rate of 165°/sec was achieved, even when recovery controls were applied when the lights
came on. The longitudinal acceleration at the pilot's station was approximately 3.5g and
the spin could only be terminated by deployment of the spin chute®. The developing spin,
while it may be more comfortable because it is usually less oscillatory than the incipient
spin, can be deceptively dangerous. Careful preflight planning and continuous monitoring
of the testing is absolutely essential when you plan to stay in a spin while it is developing.

11.1.3.3 Fully Developed Phase. A spin is fully developed when it reaches the final
equilibrium state. In this stage of its evolution the motion is typically a repetitive periodic
trajectory. Theoretically, all the states would be constants and all linear and angular ac-
celerations would be zero on average over a complete period. Instantaneously, at least
some of the state rates of change would be nonzero if the motion is oscillatory in any
fashion. Practically, attaining this state may take a very long time. It may also be hard to
recognize in the cockpit or from real-time telemetry data if the periodic motion is oscilla-
tory. One very important type of fully developed spin is, however, quite recognizable. The
flat spin, in which the angle of attack is theoretically 90°, is just such a case. The difficulty
in recognizing a post-stall equilibrium condition is one of the main dangers inherent in
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post-stall/spin flight tests. It is one of the main reasons this kind of testing must be
considered hazardous and treated with special attention to detail throughout the test
planning cycle and during the conduct of such tests. All systems, whether they are unique
to the test effort or are simply production systems, must be capable of and allow the test
pilot to safely recover from the worst case of dynamic equilibrium in a fully developed spin.
Thus, the fully developed phase of the spin deserves considerable attention from the flight
test engineer. Consequently, we will shortly develop six degree-of-freedom, fully coupled,
nonlinear equations of motion for a rigid aircraft in this kind of trajectory. But before we
proceed to these equations, we have to understand what kind of flight path to anticipate
and the underlying aerodynamic forcing functions so we can make intelligent
approximations.

Fig. 11.3 Helical Flight Path in a Fully Developed Spin

11.1.4 Elight Path In a Spin

A spin is a coupled motion that requires all six equations of motion for satisfactory
analysis. Extreme attitudes and large angular rates are often encountered in such mo-
tions. In the general case the airplane center of gravity describes a helical path while it
rotates about an axis of rotation at the center of the helix. As sketched in Fig. 11.3, the
helical path may be curved and the total angular velocity vector is continually changing in
both magnitude and direction. In general the wings are not level and sideslip is not zero.
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This general motion is very complex. However, if we make the following simplifying as-
sumptions, some of the basic characteristics of spin trajectories can be clarified.

11.1.4.1 Assumptions. The following assumptions simplify the analysis while allow-
ing us to keep the more important features of spin trajectories in focus. Assume:
a fully developed spin in which the helical axis is vertical (@ is constant)
no sideslip, which infers that the wings are horizontal
the side force is negligible compared to the lift and the drag
These assumptions mean that the angular velocity vector o is approximately parallel to the
helical flight path (and, consequently, to the relative wind).

AXIS OF
ROTATION

RELATIVE
WIND

Fig. 11.4 Changes in Lift and Drag Coefficients at High Angles of Attack

11.1.4.2 Balance of Forces. Next, consider the balance of forces in a such a steady
spin without sideslip as shown in Fig. 11.4. Because of assumption 3, the resultant
aerodynamic force acts within the plane of symmetry and is approximately normal to the
wing chord. Summing the vertical forces gives:

W=D=ﬂf2§9_l?_

(11.1)

Similarly, the forces in the horizontal direction just balance the centripetal acceleration and

- pV280L

2
mro“ =L
2

(11.2)
The physical implications of these two seemingly trivial equations are extremely impor-
tant. First, eqn. 11.1 says that, as a increases, Cp increases and, consequently, true air-

speed decreases. Since the trajectory is vertical, true airspeed is approximately equal to
rate of descent. In other words, as aincreases, the airplane becomes more and more like
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a rotating bluff body in the descent and the descent rate slows in a flat spin. Furthermore,
for « > ag, C, decreases as o increases. With these facts in mind, the left side of
equation 11.2 must decrease as a.increases. It will be shown shortly that the rotation rate
o tends to increase with increasing a. In tum, then, the radius of the helix r must de-
crease rapidly as a increases. These observations suggest that in a fully developed, flat
spin, ® and V are nearly coincident. The angular difference between the flight path and

vertical is approximated by Babister” as: tani = %3. A typical variation of A with angle of

attack is about 5.5° at an a of 50° and about 1° at an a of 80°. Hence, it is justified to
assume in fully developed spins that o is nearly paraliel to Vand, for fiat spins, the two
vectors are essentially coincident.

These assumptions are valid only if the wings are horizontal and sideslip is zero. This
complexity is beyond the scope of this introductory text, both Babister8 and Kerr® provide
insight into these topics for the interested reader. Remember, these comments are valid
only for the fully developed spin. The underlying physical phenomena are clarified by
considering this simplified case, and hopefully, these simplifications will give the student a
better appreciation of the more complex components of this type of motion.

11.1.5 Aerodynamic Factors in a Spin

In the post-stall fight regime aerodynamic forces acting upon the vehicle are very
different than those acting upon it during flight at low angle of attack. Aerodynamic de-
rivatives, usually described as linearized approximations with first order partial derivatives,
are highly dependent on both a and B and second order derivatives may be important. Of-
ten these derivatives change sign rapidly as flows separate and reattach and vortex lift
patterns break down. Terms which are not particularly significant at low angle of attack
may become very important. Stough'® and his associates at Langley have concluded
that, at least for straight-wing, wing-loaded airplanes (general aviation aircraft), the
aerodynamic behavior of the wing is often the single most important factor in how the
airplane itself enters and recovers from a post-stall maneuver. Though these conclusions
cannot be blindly applied to all airplanes, they do suggest that iooking that the wing's be-
havior is a good place to start our consideration of post-stall aerodynamics.

11.1.5.1 Autorotative Couple of the Wing. The wing is often the major contributor
to the aerodynamic mechanism that initiates and sustains autorotation. If a wing is oper-
ating at a low o and a sudden local change in a occurs due to a rapid roll, there is a re-
storing moment developed because of the increase in lit generated by the higher o on the
downgoing half of the wing and the decrease in lift on the half of the wing that is moving
up (see the left side of Fig. 11.5, page 270, where ACy, and ACp, occur). On the other
hand, when a wing operating at a > o (see the right side of Fig. 11.5, where AC;, and
ACp, occur) is rolling rapidly, the downgoing wing experiences a loss in lift and an in-
crease in drag. This loss of lit creates an even larger rolling moment and the increase in
drag produces a yawing moment in the direction of the roll. This latter situation is clearly
unstable and self-perpetuating; it leads to an autorotation.
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Fig. 11.6 Lift and Drag on Advancing and Retreating Wing Panels
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A more complete understanding of the aerodynamic mechanism that is driven by the
wing comes from Fig. 11.6 (page 270), where the orientation of the resultant forces is
shown, as well as the components of the resultant forces resoived along the inertial x and
zaxes. The net difference in the X forces at corresponding sections in the advancing wing
panel and in the retreating wing panel produces a couple (Xa - Xg)2y4. This couple is
shown at the top of this plan view of the wing. The yawing moment produced by the term
(Xa - XR)2y4 is positive for a positive yaw rate. The rolling moment produced by the cou-
ple (Z4 - Zr)2ys is also positive. Thus, the incremental moments generated as the
angular velocity becomes significant lead to a moment contribution from the wing that
propels the airplane into a spin. Of course, eventually the damping in yaw and damping in
roll will become large enough to substantially oppose the autorotative motion, but it is quite
clear that a fully developed spin can be sustained indefinitely. It is an equilibrium dynamic
state.

SEPARATED
FLOW

FAVORS AUTOROTATIVE OPPOSES AUTOROTATIVE
YAWING MOMENT YAWING MOMENT

Fig. 11.7 Aerodynamic Contributions from the Forebody Shape

11.1.5.2 Effect of Forebody Shape. The fuselage, especially the nose, may also
contribute significant aerodynamic moments with a > as. The pressure field around the
nose depends strongly on its cross-sectional shape. Since the flow character is highly dy-
namic, often dominated by vortex shedding, prediction of the aerodynamic contribution of
the forward fuselage components is rather difficult. Small geometric changes in this region
can make dominating changes in rolling and yawing moment coefficient in the post-stall
flight regime. One possible fuselage effect is illustrated in Fig. 11.7. In these sketches we
are looking at a roughly elliptical cross-section for a fuselage nose as an observer facing
forward in the airplane. Naturally, this shape acts like an airfoil, producing both
aerodynamic forces perpendicular (like lift) and parallel (like drag) to the local flow
direction. This local flow direction is strongly influenced by the rotational rate of the air-
plane. As shown on the left side of Fig. 11.7, if the aircraft is rolling and yawing to the left
and the net aerodynamic force vector is to the left, the local effect is to reinforce the au-



272 Post-Stall Gyrations and Spins Chapter 11

torotative rolling and yawing moments. The right side of Fig. 11.7 shows the same cross-
section modified with a strake. With this modification the nose produces an aerodynamic
moment that opposes autorotation. The spin characteristics of the T-37 trainer were
considerably improved by such a modification, incorporated during its flight tests.

11.1.5.3 Effect of Damping Derivatives. Aerodynamic damping derivatives are
significantly affected at high angles of attack, especially roll damping (q ). In fact, often
both C; p, and C”p become positive at or near as. These aerodynamlc effects can be
deduced by considering moments produced by the local lift and drag forces depicted in
Figs. 11.4 and 11.6. Several authors consider this loss of damping to be one of the main
aerodynamic factors resulting in autorotative behavior811.11,  Obviously, a complete
discussion of these aerodynamic coefficients and how they behave in the post-stall flight
regime is beyond the scope of this introductory text. But, these references suggest
additional reading for the interested student.

Now, we turn our attention to the other side of the equation: the inertia terms.

11.1.6 Effect of Mass Distribution

The moments of inertia are the most obvious and meaningful measures of mass dis-
tribution. The inertial forces and moments, which depend directly on the mass distribution,
are particularly important in the post-stall motion of a vehicle because they are of the same
order of magnitude as the aerodynamic forces and moments. This relative sizes of the
inertial forces and moments and the aerodynamic forces and moments are features pecu-
liar to flight at post-stall angles of attack.

x body
axis

X principal
axis

z principal| | z body
axis axis

Fig. 11.8 Relationship Between Body and Principal Axes

11.1.6.1 Principal Axes. Orthogonal body axes for which all three products of inertia
are zero are called the principal axes for the body. Principal axes can be found for any
rigid body. If the vehicle has a plane of symmetry, as most aircraft and missiles do, it is
fairly easy to choose a coordinate system that approximates the principal axes. The xz
plane is simply chosen to lie in the plane of symmetry, thus guaranteeing that both /), = lyz
= 0. The direction of the x axis is usually chosen so it can be easily identified wnth
configuration geometry. (Thus, the term fuselage reference line (FRL) is often seen in
airplane layout drawings.) For brevity this reference set of body axes is usually called
simply the body axes. (Strictly speaking, the principal axes and the stability axes used
with linearized, small perturbation equations of motion are also body axes.) To simplify
our later discussion and to make the large amplitude equations of motion easier to
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understand, we will take the body axes and the principal axes to coincide. An illustration
of the difference between these two body axes is shown in Fig. 11.8.

In the principal axis system, one of the moments of inertia is the maximum possibie for
the body. Choosing body axes that are close to principal axes means the product of
inertia /, is quite small. A small value of /,; reduces the cross coupling between the large
amplitude moment equations that govem the symmetric (longitudinal) motion and the
asymmetric (lateral-directional) motion. For the linearized small perturbation equations,
this term had to be negligible in order to separate the longitudinal equations from the
lateral-directional ones. That simplification gave us the luxury of solving two quartic
characteristic equation sets rather than a higher order characteristic equation. Even
though I, is typically small due to our choice of body axes, its coupling effects can rarely
be ignored in post-stall maneuvers. We will specifically show in a later section that pitch
rate can have a significant effect on @, even if /,; can be safely ignored.

11.1.6.2 Relative Density. The relative density parameter p is a measure of the ratio
of the airplane's density to the density of the air its volume displaces. It is a very useful
nondimensional parameter that appears in the equations we need.

2
"=p_smF (11.3)

11.1.6.3 Center and Radius of Gyration. Two other definitions are used in dis-
cussing mass distribution: center of gyration and radius of gyration. The center of gyra-
tion of a body with respect to an axis is that point at which the mass of the body could be
concentrated and the resulting mass moment of inertia about the specified axis would be
unchanged. Similarly, the radius of gyration k; with respect to an axis is the distance from
the center of gyration to that reference line. Recalling the basic definitions of the mass
moments of inertia, we can write expressions for each of the three radii of gyration:

[6%+ 22 )dm =1, =kZm
Jo?+ 22)dm =1, =kim (11.4)
I(xz + y2)dmalz =k22m

11.1.6.4 Relative Magnitude of Airplane Moments of inertia. The relative sizes of
moments of inertia for an airplane are a convenient means of classification (as suggested
in Fig. 11.9). The moment of inertia about the z body axis is always the largest of these
inertias; this fact is assured because airplanes have very little mass outside the xy plane.
From a mass-distribution point of view, the vehicle is "flattened” into this plane. A wing-
loaded airplane is defined as one that has more mass concentrated in the wings. The
wings may be structurally heavy; fuel may be carried inside integral tanks in the wing;
engines may be slung in nacelles from the wing; or stores may be loaded externaily on
pylons attached to the wings. Any one or all these factors cause more mass to be located
in the wings. /; > Ix >/, for wing-loaded airplanes. Figure 11.9a illustrates such an
airplane. A neutrally loaded airplane is one in which the wing and the fuselage have
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roughly equal mass, that is, /y = /, (Fig. 11.9b). Finally, a fuselage-loaded airplane is one
in which most of the mass is concentrated in the fuselage (Fig. 11.9c). Most modemn
fighter airplanes are fuselage-loaded, which helps to give them very distinctive spin
characteristics. We can gain some insight into just what kinds of spin modes might
develop for different mass distributions (or "loadings”) by careful inspection of the
equations of motion.

y X
V4
WING LOADED
! x > ! y
(a

y X
4 REMEMBER: I, IS
NEUTPALLY LOADED ALWAYS LARGEST OF

THE THREE INERTIAS

Y

FUSELAGE LOADED
ly > Ix
(c

Fig. 11.9 Relative Magnitude of Aircraft Moments of Inertia

We have been referring to the large amplitude equations of motion freely and dis-
cussing terms within these equations; it is now time to examine these equations directly.

11.1.7 Simplification of the Post-Stall Equations of Motion

The equations of motions describing aircraft dynamics in the post-stall flight regime
are more complicated than the linearized, small perturbation ones we have discussed and
used in previous chapters. The post-stail equations differ in the following ways:

¢ all six rigid body degrees of freedom must be considered in any solution — pitching

motions do affect lateral-directional response and vice versa;

¢ the changes in states are often quite large -- small perturbations in angular

positions, rates, and accelerations are simply not warranted; and

¢ the aerodynamic coefficients are not constants — the stability derivatives are

functions (and seldom analytic ones at that) of both angle of attack and sideslip
angle at least.

11.1.7.1 Simplifying Assumptions. The basic simplification we will use is that only
a fully developed spin with the wings horizontal will be considered. This motion state is an
equilibrium condition, in which the aerodynamic forces and moments and the inertial forces
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and moments are balanced. To further simplify the discussion, we will further require that
all applied moments are aerodynamic ones; in fact, we will not allow even propulsive
moments. This latter assumption will avoid a lengthy and confusing discussion of
moments generated by gyroscopic couples due to rotating parts in the engines. Also, any
coupling between the propulsion system and the controls can be ignored with this
simplification. Summarizing these simplifications:

¢ Because the wings are horizontal, the angular velocity vector o lies entirely within

the xz plane. Its only components are P and R; Q is zero.
¢ Furthermore, the velocity vector and o are parallel at all times.

¢ The velocity vector (and w) is vertical for a fully developed spin, that is V = rate of

descent.

¢ The angular velocity vector is constant, making P = Q = R = 0 and the time per
turn constant.

¢ The body axes are assumed to coincide with the principal axes, allowing us to take

The last assumption above simply allows us to ignore the terms containing the product of
inertia /,, in each of the moment equations.

The force balance takes on one of the two following forms. In an inertial frame of
reference or a body frame of reference, the vector equations are:

F= m%’- for the inertial frame or  F = m(%,+ coxV) for the rotating body axis frame

of reference. Since we will only look at steady state conditions, %t! = 0 in either ref-

erence system. Also, o and V are parallel (assumption 2), so F = 0 in body axis
coordinates.

11.1.7.2 Simplified Large Amplitude Moment Equations. The summation of mo-
ments is by far the more important balance for equilibrium and it is usually only considered

in the rotating frame of reference. In component form the moment equations are:

dP dR

hx+ QR(l, - 1,)- (E - QR)IXZ s

dQ

Q) +Pal, -1;)- /7 -P?)1x =M (11.5)

dR dP
=l +PQfl, "”‘)‘(7' po)/xz =N

Applying our assumptions and solving for the angular accelerations:

at Iy I
dQ M . RP(l -1y
at 1, + ———'—"—'Iy (11.6)
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R_N , PAl-ly)
a1, I

The first term on the right side of eqns. 11.6 represents the aerodynamic contribution
to the angular acceleration and the second term describes the inertial contribution to the
pertinent acceleration. Thus, simply rewriting these three moment equations in terms of
the angular accelerations shows clearly that, for equilibrium to occur (that is, for a spin to
become fully developed and all angular accelerations to vanish), an inertial term must
balance an aerodynamic term in each equation. Notice that even with our simplifying as-
sumptions we have not eliminated coupling between the equations of motion. These
simplified equations also suggest that, to accurately calculate absolute angular accelera-
tions, it is important to know the moments of inertia accurately. Obtaining them experi-
mentally is a tedious job12, one that flight test personnel are often tasked to complete.

Before we expand the aerodynamic terms, it is useful to point out a difference in the
usual nondimensionalization of aerodynamic coefficients for use in the coupled equations
that govern post-stall trajectories. These equations differ from the small perturbation
equations that spawned our original nondimensionalization of stability derivatives. They
cannot be separated into uncoupied longitudinal and lateral-directional subsets. Typically,
data sets must be modified from our usual concept of stability derivatives for use in
modeling post-stall dynamics. We have already seen how pitching moment coefficients
(Cm) are based on wing semichord as a reference length, while both rolling and yawing
moment coefficients (C, and C,,) are based on wing semispan. For the data to represent
the same aerodynamic moments in the large amplitude equations of motion, a common
reference length must be chosen. For this kind of analysis it is common practice to base
pitching moment on wing span and designate it as Cp,,. Numerically, the usual small-

perturbation pitching moment coefficient is altered by C,, =C,,,%. The aerodynamic

terms in egns. 11.6 can be rearranged using the radius of gyration of eqns. 11.4.

£ _pV3SbCa _V3C4 dP_ £, QRly-1;)

and —_—=—

Ix  2k2m  2uk? dt  Ix Ix
M _ pV2SbChp _ V2Cpp dQ M | RP(l, - Iy)
M _ = and T2 0z " W) (11.7)
ly 2ky§m 2#";" at |, ly
N _ pv3sbc, _ vic, drR _ N, PQUy-1y)
Iz 2k2m 2pk2 a1, I
Expressing the definitions of the aerodynamic moments in nondimensional terms,
dapP _ pvzsbcl + QR(’y -1z)
ad  2kZm Ix
2

at 2kZm ly
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dR _pV?sbC, , QR(lx - Iy)
dt 2k;"m ’z

11.1.8 Aerodynamic Conditions for Dynamic Equilibrium

Combining eqns. 11.8 with the first assumption, gives equilibrium conditions.

0=C,

_pV2SbCmy _ RP(ly - Iy) (11.9)
2ky§m ly
0 = Cn

Remember that these equations are greatly simplified; they do not completely rep-
resent post-stall motion. But they allow us to introduce the idea that a fully developed spin
is an equilibrium or “trim" condition, just like straight and level flight. With no external
disturbances, the airplane will remain in this dynamic state until it impacts the ground.
Now, let's look at each of the component moment equations above and understand their
implications for a fully developed spin. We will start with the pitching moment equation,
since it appears to have the most interesting form in eqns. 11.9.

11.1.8.1 Pitching Moment Equation. Consider egn. 11.9b in conjunction with
typical pitching moment curves for fighter type aircraft (Fig. 11.10). Also, from our original
definition of a spin, o must be greater than as. For the typical highly maneuverable
airplane, our simplified pitching moment equation implies that the term with Cmp in it must
be of opposite sign to the inertial term on the right side of egn. 11-9b. For an upright spin,
this condition means that C,, must be negative, since in an upright spin P and R are of
the same sign (see Fig. 11.11 on the next page). Combining this observation with the fact
that /, > I, for any airplane, clinches the argument that Cp,, < 0.

. ircraft A
0 : o

ircraft B

Stlall

mb

i are only met in shaded regions
for Airigraft A

5
§ Conditions of equations 10.9
! Aircraft B

: i Aircraft A
- >
Fig. 11.10 Pitching Moment Coefficient in a Steady Spin

The slope of the Cpy;, - a curve must be negative for stability in any flight regime, even
post-stall conditions. This slope must be negative for static longitudinal stability at either

low or high angles of attack. Said another way, d?Ti"b > 0 represents a divergent
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situation in which the pitch acceleration is not zero. Having such a nonzero angular ac-
celeration about any axis (in our case about the y axis) violates the basic assumption of
constant @ that we have used do define a fully developed, steady spin. Said another way,
any disturbance in o produces a AC,,;, that tends to restore disturbances o to its initial

dC
value only if —M2 < 0.
Y e

Figure 11.10 recapitulates and summarizes the pitching moment constraints for a fully
developed spin by directly comparing two different aircraft, each with quite different dy-
namic equilibrium possibilities. Aircraft B is clearly capable of sustaining a fully developed
upright spin at any angle above ag, insofar as the pitching moment equation is concemed.

For this aircraft, C,,,; and dg(’;’b are always negative. However, airplane A can only meet

the two constraints suggested above if o is in the shaded regions in the Fig. 11.10.
Airplane A has two possible spin modes indicated in the sketch, while airplane B has only
one. To be sure, the pitching moment is not the whole story; the rolling and yawing
moment equilibrium equations must also be considered and we should give our attention
to how they impact dynamical equilibrium. But first, an estimate of © for each of the
potential equilibrium conditions is useful and is easily obtained.

+| ANGULAR
RATES

Fig. 11.11 Angular Velocity Components in a Typical Upright Spin

Figure 11.11 also emphasizes that P = wcos a and R = esin « for our idealized, fully
developed spin. Substituting these expressions into eqn. 11.6b gives
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M (- 1) =2 sinacosa o, solving for ®,
ly ly
0= - 2M (11.10)
(I; - Ix)sin 2a

Equation 11.10 suggests that the minimum rotation rate occurs near an angle of attack
of 45°, though the nonlinearities in Cpyp, at these flight conditions may be strong enough to
change the angle of attack for minimum rotation rate noticeably. But eqn. 11.10 tells only
part of the story; it does not spell out all the conditions for equilibrium that must be met for
a fully developed spin to occur.

11.1.8.2 Rolling and Yawing Moment Equations. Equations 11.9 suggest other
constraints that must be met for a fully developed spin to occur. Although we did not
emphasize the point in the preceding paragraph, all the aerodynamic derivatives (even
Cmp) are functions of a, B, and . Following Anglin and Scher13, we have considered Cpy
to be solely a function of a in spite of its dependence on other parameters. |t is also
convenient to take C, and C, as functions of o alone, even though there is little
justification for these assumptions, other than that lateral-directional parameters are more
directly linked to rotation rate, while the longitudinal parameters are usually more directly
linked to angle of attack. These assumptions are useful to the understanding process, but
Cmp. C2, and C, are all affected by o, B, and . Next, consider the constraints imposed
by the rolling and yawing moment equations.

Cs —= Ao 1-——
or -
Cn ®
C. or C,< O restores
Equilibrium @ equilibrium
C,o0r C,> O opposes
Ce s equilibrium
or . ' .
Cn —> Ap ®

Fig. 11.12 Stabilizing and Destabilizing Slopes for C.and C,

For a fully developed spin to occur the overall rolling moment and yawing moment
coefficients, C» and Cp,, must be zero and their rates of change with respect to  must be
negative. The first pair of these conditions is explicitly stated in eqns. 11.9. The second
pair of conditions is a requirement for stability very much like the one that says Cm, must
be negative for static longitudinal stability to exist. Figure 11.12 illustrates this idea. If an
increase in @ produces and increase in either or both rolling and yawing moment, then one
or both of these total moments cannot remain in equilibrium for small changes in . That
is, any change in rotation rate will cause the autorotative moments to diverge away from
the nominally stable rotation rate. For a true equilibrium state to exist, any deviation from
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this "trim" or equilibrium @ must cause an increment in both C; and C,, that tends to restore
rolling and yawing moment to its equilibrium (zero) state.

These aerodynamic constraints are rarely all met exactly for an actual airplane spin.
In other words, a true fully developed spin is an idealization and does not often occur in
practice. It is much more common to have oscillatory spins in which these conditions are
almost met, but the true equilibrium is never quite reached. From an engineering perspec-
tive, while it is still useful to base our concepts on idealizations like the fully developed
spin, it is even more important to be able to estimate actual spin behavior from computed
and wind tunnel aerodynamic data. Even though we expect less than perfect fulfiliment of
the assumptions listed, these estimates are quite important to safe and efficient flight test
planning. Consequently, the estimates are often in the purview of the flight test engineer.
The following example shows how such estimates can be made.

11.1.8.3 Estimation of Spin Equilibrium States. Anglin and Scher!3 have de-
scribed in some detail just how they estimated spin characteristics from both experimental

and computational evidence for a model of the McDonnell F3H Demon, a carrier-based
fighter of 1960s vintage. Although their original use of this empirical estimation process
was intended to help them save computer time by establishing appropriate initial condi-
tions for numerical modeling of high angle of attack trajectories, it serves as an excellent
example of how to estimate post-stall behavior for flight test planning exercises. Later test
planning refinements likely will be based first on the results of computer modeling of the
trajectories and, when they become available, certainly on previous post-stall flight tests.
The procedure is summarized below and the interested student is referred to the original
document3 by Anglin and Scher for fuller details and a numerical example.

To use this procedure for test planning, one must have some prediction of the vari-
ation of rolling and yawing moments as functions of » or, more commonly the nondimen-

sional form %\% The rotary balance is one means of obtaining these data experimentally

and that is how Anglin and Scher obtained their data. It should be emphasized that each
of the aerodynamic derivative variations in this data base were obtained by steadily rotat-
ing a model about an axis parallel to the relative wind direction in the vertical wind tunnel.
Therefore, no oscillation in the angular rates are part of these data. If there were aerody-
namic hysteresis (and there usually is in high angle of attack aerodynamic coefficients),
these data would not account for it. This limitation (and similar shortcomings) on the data
should always be kept in mind when making estimations like these.

Partly because the rotary balance rolling moment data for the F3H model were not
"well-behaved”, Anglin and Scher ignored the rolling moment data and concentrated on
the yawing moment. This simplification amounted to discarding two of the limitations listed
previously. The procedure then includes the following steps:

¢ Examine the pitching moment curve and the yawing moment curve from the rotary
balance tests to locate nondimensional rotation rate(s) % for which C, = 0 and

for which daq’]b <0. There may be more than one of these potential equilibrium
)

points. This step is meant to identify rotational rates for which the aerodynamic
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yawing moment is zero. To strictly apply the constraints of the previous section,
we would have to repeat this process for rolling moment as well. Moreover, both
conditions would have to be met simultaneously for a true developed spin mode to
exist. Working with actual numerical data quickly convinces the practicing
engineer that such idealized conditions do not exist often.

Next, utilize the rotary balance pitching moment data and the rotational rate (or
rates if more than one exists) selected from the previous step to find a point on the
pitching moment curve where the inertial moment and the aerodynamic moment
are identical. Notice that this second step in the estimation procedure assumes
that pitching moments were measured in (or can be interpolated from) the rotary

balance data set for the -‘;33 at which C, = 0 (as described in the preceding
paragraph). Equation 11.10, rearranged to show the equality between the inertial

pitching moment and the aerodynamic pitching moment, forms the basis for this
second step in the procedure.

- 2 g
(Iz- Ix)o® sin 20 (11.11)

Comp = -
mb oV2sh

Cmp is a function of -(2”—3 and must be chosen to correspond to the candidate equilib-

rium value of % that came out of step one. To check for an aerodynamic moment equal

to the inertial pitching moment coefficient calculated from eqn. 11.11, a plot of the
measured aerodynamic pitching moment coefficients and the calculation from this equation
can be made. Figure 11.13 illustrates such a plot. The intersection point represents a
potential equilibrium point and, thus, a possible spin mode. Even though it is not illus-
trated on the sketch in Fig. 11.13, it is quite possible to have more than one intersection
point and, consequently, more than one spin mode. The angles of attack for which a spin
mode may exist are likely to occur in the vicinity of the angle of attack indicated by the
point of intersection. Moreover, using this angle of attack and the value of Cp,, indicated,
o for the estimated spin mode can be calculated. Then, individual roll and yaw rates can
be estimated from this calculated @ and the estimated equilibrium angle of attack.

Crrb Possible Spin

Cm’rbspm. _____ 7 o

Equilibrium Condition

- /
““~ Inertial
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Aerodynamic Component

Fig. 11.13 Comparison of Aerodynamic and Inertial Pitching Moment Coefficients

A comparison of the estimates that resulted from this procedure and computer simu-
lations for the F3H Demon is shown in Table 3 (on the following page). It is unfortunate
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that flight test results from the spin tests of the actual airplane are not available for
comparison to the computational and to the wind tunnel predictions.

Table 11.3. F3H Demon Computed Spin Modes Versus Estimated Spin Modes

Computed Modes Estimated Modes

a(°) o (rad/sec) V(ftlsec) | a(°) | o (rad/isec) | V(ft/sec)
36.0 1.88 294 38.2 1.90 285
37.0 2.18 372 45.1 1.83 327

Oscillated out of spin 48.2 1.89 453
51.8 2.18 619 50.5 2.18 620
80.0 4.72 494 70.0 3.50 515
36.5 2.80 380 37.4 2.69 365

11.2 POST-STALL/SPIN TEST PREPARATION AND FLIGHT SAFETY

Post-stall/spin flight testing is one of the most hazardous forms of testing. By the very
nature of the flight regime, the skill of the test pilot and the knowledge of the test engineer
will be stretched to new boundaries by such tests. After all, the test airplane and its crew
are deliberately put at risk in order to make the vehicle safer for normal operations. Con-
sequently, flight test techniques are largely reduced to taking extraordinary preparation
measures so that exposure to dangerous conditions is minimized. A large amount of data
must be collected during fairly brief events; and, while the pilot's qualitative opinion is still
valuable, he cannot adequately function as a sensor in such highly dynamic tests. He can
be easily misled during such maneuvers. Test equipment and test procedures that are
specifically designed to reduce the risk of catastrophic errors must be installed, verified,
and used. As the title of this section differs from the "Test Method" of eartier chapters, so
do the planning and conduct of post-stall/spin tests from the usual performance and
stability and control tests.

11.2.1 Pre-Test Planning and Preparation

Planning for any flight test must start several months before the vehicle rolis off the
assembly line. The planning must include decisions like:
¢ What are the objectives of the tests? What critical questions must be answered?

¢ What data are required to substantiate answers to the critical questions? How can
these data best be collected? What hardware is essential and what instru-
mentation is available? What specialized instrumentation is required?

¢ What special training will be required by the crew? What criteria should be used in
selecting the crew?

¢ What safety procedures are to be followed?

¢ How will the flight test support (chase aircraft, real-time test monitoring, video or
camera coverage, communications links, and the like) be provided? is radar cov-
erage required? What air traffic control coordination is needed?



Chapter 11 Post-Stall Gyrations and Spins 283

In answering such questions (and this list of questions is by no means exhaustive), the
fiight test team must be guided by two competing principles:

[Test objectives are the prime drivers behind the test, they must be met. 1

Safety to the flight test crew, the test resources and to the public are important
(sometimes ovem'ding) constraints to meeting test objectives.

11.2.1.1 Test Oblectives. Although setting clear test objectives is one of the first
(both in importance and certainly in chronology) points that a flight test team must ad-
dress, it is not always given the high priority is deserves. Engineers often think too much
in terms of specific problems and quantified answers, without first being sure of what the
purpose of their problem-solving is and determining if the problems they are solving are
the ones that should be addressed. That approach to hazardous flight testing is courting
disaster! For at least the last twenty years government test agencies have been required
to produce a master plan for doing test and evaluation4. Most companies have done
similar planning for flight test certifications for at least that long. There is no phase of
testing where such an overview of test objectives is more important than in post-stall flight
testing.

But most embryo flight test engineers ask: Are these objectives not the responsibility
of the design team (or the system program office or the company project manager)? The
answer is yes, but...! The manager ultimately responsible for the success of the design
(whatever his title) is the decision-maker who sets objectives and their priorities. But you,
as his flight test "experts" are his primary adviser on whether or not and how his critical
questions can be answered by flight test. As that "expert,” you will be called upon to help
insure that all and only pertinent objectives are set, as well as being tasked to indicate
how best to go about meeting them. To give professionally sound advice in this role
means that you must understand the goals that should be set (you may even have to ex-
plain to the project manager why certain critical questions must be asked) and you must
appreciate how and why the test objectives are prioritized. You must be both responsibie
and responsive. The goveming principles in setting test objectives are:

Do all demonstrations that are essential to meet the requirements laid down by the
customer and/or the certifying agency.

ﬁmpt only those objectives that contribute to meeting the requirements. J

Research or exploratory objectives are relevant only when the program itself is structured
for research purposes or experimental exploration in flight is the best (or only ) way to
credibly resolve an unknown. Quite clearly these two principles are paradoxical; they
compete, sometimes even contradict! The compromises they imply must be settied be-
fore tests begin.

At about this stage you are probably ready for concrete examples - enough of these
abstract platitudes! (Abstract they are, platitudes they are — but guiding principles
worth remembering they also are!) So, let's look at some representative post-stall flight
test objectives for a high performance fighter built for USAF service and for a single en-
gine general aviation airplane.
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The first step in writing such objectives is to scrutinize all applicable requirements that
pertain to the post-stall flight regime. For the fighter, applicable requirements would in-
clude at the least the intent of MIL-F-8785C15 (or MIL STD 1797A, which is not releasable
for textbooks such as this onel) and MIL-S-83691 (USAF)E and the specific contractual
paragraphs that modify or augment these high angle of attack specification documents.
The following excerpts from the latter document spell out typical demonstration
requirements that lead to "essential” test objectives. (In these excerpts specific numbered

paragraph and table references, as well as most of the notes, are omitted for clarity.)

Table 11.4. Progressive Test Phases for Post-Stall Demonstration Maneuvers

Maneuver Requirements
Test Control Application Smooth | Abrupt AOA | Tac-
Phases AOA Rate Rate tical
One g | Accel-| One g | Accel-
erated erated
A Pitch control applied to achieve the specified | Ciass: | Class: | Class: | Class: | Class:
Stalls AOA rate, lateral/directional control inputs as
normally required for the maneuver task. L, L, L, LV | LIV
Recovery initiated after the pilot has a positive | lIl, IV { I, IV | I}, IV
indication of:
(a) A definite g-break,
(b) a rapid angular divergence, or
(c) the aft stick stop has been reached
and AOA is not increasing.
8 Pitch control applied to achieve the specified | Clags: | Class: | Class: | Class: | Class:
Stalls with JAOA rate, lateral/directional controls as re-
Aggravated | quired for the maneuver task. When condition| kW | LI | LIL | LIV} LIV
Control Inputs | (a), (b), or (c) from above has been attained, | W, IV | II, IV | I, IV
controls briefly misapplied, intentionally or in
response to unscheduled aircraft motions, be-
fore recovery attempt initiated.
C Pitch control applied to achieve the specified | Cjass: | Class: | Class: | Class: | Class:
Stalls with JAOA rate, lateral/directional controls as re-
Aggravated |quired for the maneuver task. When condition| b | LIl | LI, | LIV ] LIV
Control and ](a), (b), or (c) has been attained, controls are| y, v | 01, IV | I, IV
Sustained | misapplied, intentionaily or in response to un-
Control Inputs ] scheduled aircraft motions and held for 3 sec-
onds before recovery attempt is initiated.
D Pitch control applied abruptly, lateral/ direc- Class: | Class: | Class:
Spin At- tional controls as required for the maneuver
tempts®  |task. When condition (a), (b), or (c) has been LV LV LIV
attained, controls applied in the most critical
positions to attain the expected spin modes of
the aircraft and held for up to 15 seconds be-
fore recovery attempt is initiated, unless the
pilot definitely recognizes a spin mode.

*This phase required only for training aircraft which may be intentionally spun and for Class | and [V aircraft

in which sufficient departures or spins did not result in Test Phases A, B, or C to define characteristics.

Elight Test Demonstration. Each airplane type shall demonstrate, by flight test
according to Table 11.4, the degree of compliance with the stall wamning, loss-of-
control waming (when required), resistance to loss of control, loss-of-control
prevention, out-of-control recover, and spin recovery criteria as specified in MIL-F-
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8785. The flight test investigation shall inciude an extensive evaluation of those
maneuvers that may potentially result in AOA excursions to and beyond a
permissible AOA flight limit, thereby subjecting the airplane to possible loss of con-
trol. Unless otherwise specified, the use of prolonged pro-spin controls to sustain a
spinning condition shall not be required except for trainer-type aircraft to be cleared
for intentional spins. However, reasonably delayed recovery attempts after a stall or
departure, or exaggerated misapplication of controls following a stall or departure, to
simulate possible incorrect pilot responses, shall be investigated under the least
conservative circumstances to ascertain the degree of spin resistance/susceptibility
for operational users. When spins do result as a natural consequence of testing
through departures from controlled flight, a satisfactory spin recovery technique shall
be demonstrated in accordance with MIL-F-8785. The results of these tests shall be
used to establish the stall and service flight limit AOA's.

StalVSpin Flight Test Variables. The contractor shall establish, with the ap-
proval of the procuring activity, which of the following parameters are variables to be

tested for influence on stall and post-stall flight characteristics.

(a) Configuration (b) Gross weight

(c) Center of gravity (d) Stability and control augmentation
system status

(e) External store loadings® (f) Stall and departure speed, altitude,
and attitude

(g) Thrust effects (h) Gyroscopic effects

“The external store loadings should include as a minimum:

(1) No external stores

r (2) Symmetric, fuselage-heavy [if significantly different from (Ml
(3) Symmetric, wing-heavy
(4) Asymmetric (maximum allowable asymmetry)

The military specification® that most succinctly spells out these demonstration re-
quirements lays out a progressively more and more demanding series of test phases. The
point in this progression where the airplane departs and/or spins determines whether or
not the vehicle is departure-resistant or departure-susceptible and spin-resistant or spin-
susceptible. Table 11.5 summarizes these demonstration requirements.

e T TR TR R

Table 11.5 Definitions of Departure and Spin Susceptibility and Resistance

Test Phase Classification
Departures Spins
A - Stalls Extremely Susceptible | Extremely Susceptible
B - Stalls with Aggravated Control Susceptible Susceptible
inputs

1 C - Stalls with Aggravated and Resistant Resistant

i Sustained Control Inputs

D - Spin Attempts Extremely Resistant Extremely Resistant
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Tables 11.4 and 11.5 are only a very small part of the whole of the military documents
that govern how a post-stall test matrix must be put together for a military airplane. But
they serve our purpose here which is to merely introduce the student to some of the re-
quirements and point him to those documents that would completely govern a specific test.
These documents and, most importantly the contractual specifications themselves, set the
test objectives.

Similarly, for civilian certification the following paragraphs from FAR Part 2316 drive
post-stall flight test objectives for a general aviation airplane.

23.21 Proof of Compliance
(a) Each requirement of this subpart must be met at each appropriate combi-
nation of weight and center of gravity within the range of loading conditions for which
certification is requested. This must be shown -
(1) By tests upon an airplane of the type for which certification is requested,
or by calculations based on, and equal in accuracy to, the results of testing; and
(2) By systematic investigation of each probable combination of weight and
center of gravity focation, if compliance cannot be reasonably inferred from combi-
nations investigated.
{b) The following general tolerances are allowed during flight testing. However,
greater tolerances may be allowed in particular tests:

item Tolerances
WeIGht ... +5%, - 10%
Critical items affected by weight.................ccoccvrevrrnnnen, +5%, -1%

O3 € USSR 17% total travel

23.151 Acrobatic maneuvers

Each acrobatic and utility category airplane must be able to perform safely the
acrobatic maneuvers for which certification is requested. Safe entry speeds for
these maneuvers must be determined.

23.201 Wings level stall

(a) For an airplane with independently controlled roll and directional controls it
must be possible to produce and to correct roll by unreversed use of the rolling con-
trol and to produce and to correct yaw by unreversed use of the directional control,
up to the time the airplane pitches.

(b) For an airplane with interconnected lateral and directional controls (2 con-
trols) and for an airplane with only one of these controls, it must be possible to pro-
duce and correct roll by unreversed use of the rolling control without producing ex-
cessive yaw, up to the time the airplane pitches.

(c) The wings level stall characteristics of the airplane must be demonstrated in
flight as follows: The airplane speed must be reduced with elevator controt until the
speed is slightly above the stalling speed, then the elevator control must be pulled
back so that the rate of speed reduction will not exceed one knot per second until a
stall is produced, as shown by uncontroliable downward pitching motion of the air-
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plane, or until the control reaches the stop. Normal use of the elevator control for
recovery is allowed after the pitching motion has unmistakably developed.

(d) Except where made inapplicable by the special features of a particular type
of airplane, the following apply to the measurement of loss of altitude during a stall:

(1) The loss of altitude encountered in the stall (power on or power off) is
the change in altitude (as observed on the sensitive altimeter test installation) be-
tween the altitude at which the airplane pitches and the altitude at which horizontal
flight is regained.

(2) If power or thrust is required during stall recovery the power or thrust
used must be that which would be used under the normal operating procedures se-
lected by the applicant for this maneuver. However, the power used to regain level
flight may not be applied until fiying control is regained.

% (e) During the recovery part of the maneuver it must be possible to prevent
‘ more than 15 degrees of roll or yaw by the normal use of controls.

() Compliance with the requirements of this section must be shown under the
following conditions:

(1) Wing fiaps: Full up, full down, and intermediate, if appropriate.

(2) Landing Gear: Retracted and extended.

(3) Cowl Flaps: Appropriate to configuration.

(4) Power: Power or thrust off, and 75% percent maximum continuous
power or thrust.

(5) Trim: 1.5V, oratthe minimum trim speed, whichever is higher.

(6) Propeller: Full increase rpm position for the power off condition.

23.203 Turning flight and accelerated stalls

Tuming flight and accelerated stalls must be demonstrated in fiight as follows:

(a) Establish and maintain a coordinated tum in a 30 degree bank. Reduce
speed by steadily and progressively tightening the turn with the elevator until the
airplane is stalled or until the elevator has reached its stop. The rate of speed re-
duction must be constant, and:

(1) For a tumning flight stall, may not exceed one knot per second; and
(2) For an accelerated stall, be 3 to 5 knots per second with steadily in-
creasing normal acceleration.

(b) When the stall has fully developed or the elevator has reached its stop, it
must be possible to regain level flight without:

(1) Excessive loss of altitude

(2) Undue pitchup;

(3) Uncontroliable tendency to spin;

(4) Exceeding 60 degrees of roll in either direction from the established 30
degree bank; and

(5) For accelerated entry stalls, without exceeding the maximum permissi-
ble speed or the allowable limit load factor.

(c) Compliance with the requirements of this section must be shown with:
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(1) Wing flaps: Retracted and fully extended for turning flight and acceler-
ated entry stalls, and intermediate, if appropriate, for accelerated entry stalls;

(2) Landing Gear: Retracted and extended;

(3) Cowl Flaps: Appropriate to configuration;

(4) Power: 75% percent maximum continuous power;

(5) Trim: 1.5V, or at the minimum trim speed, whichever is higher.

23.205 Critical engine inoperative stalls
(a) A multiengine airplane may not display any undue spinning tendency and
must be safely recoverable without applying power to the inoperative engine when
stalled. The operating engines may be throttled back during the recovery from stall.
(b) Compliance with paragraph (a) of the section must be shown with:

(1) Wing flaps: Retracted.

(2) Landing Gear: Retracted.

(3) Cowl Flaps: Appropriate to level flight critical engine inoperative.

(4) Power: Critical engine inoperative and the remaining engine(s) at 75
percent maximum continuous power or thrust or the power or thrust at which the use
of maximum control travel just holds the wings laterally level in the approach to stall,
whichever is lesser.

(5) Propeller: Normal inoperative position for the inoperative engine.

(6) Trim: Level flight, critical engine inoperative, except that for an airplane
of 6,000 pounds or less maximum weight that has a stalling speed of 61 knots or less
and cannot maintain level flight with the critical engine inoperative, the airplane must
be trimmed for straight flight, critical engine inoperative at a speed not greater than
1.5V,

23.207 Stall warning

(a) There must be a clear and distinctive stall warning, with the ﬂaps and land-
ing gear in any normal position, in straight and turning flight.

(b) The stall warning may be fumished either through the inherent aerodynamic
quatlities of the airplane or by a device that will give clearly distinguishable indications
under expected conditions of flight. However, a visual stall warning device that
requires the attention of the crew within the cockpit is not acceptable by itself.

(c) The stall waming must begin at a speed exceeding the stalling speed by a
margin of not less than 5 knots, but not more than the greater of 10 knots or 15 per-
cent of the stalling speed, and must continue until the stall occurs.

23.221 Spinning
(a) Normal category. A single-engine, normal category airplane must be able to
recover from a one-turn spin or a 3-second spin, whichever takes longer, in
not more than one additional turn, with the controls used in the manner
normal used for recovery. In addition —
(1) For both the flaps-retracted and flaps-extended conditions, the appli-
cable airspeed limit and positive limit maneuvering load factor may not
be exceeded;
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(2) There may be no excessive back pressure during the spin recovery; it
must be impossible to obtain uncontrollable spins with any use of the
controls.

(3) For the flaps-extended conditions, the flaps may be retracted during
recovery.

(b) Utility category. A utility category airplane must meet the requirements of
paragraph (a) of this section or the requirements of paragraph (c) of this
section.

(c) Acrobatic category. An acrobatic category airplane must meet the following
requirements:

(1) The airplane must recover from any point in a spin, in not more than one
and one-half additional tumns after normal recovery application of
controls. Prior to normal recovery application of the controls, the spin
test must proceed for six turns or 3 seconds, whichever takes longer,
with flaps retracted, and one tum or 3 seconds, whichever takes longer,
with flaps extended. However, beyond 3 seconds, the spin may be
discontinued when spiral characteristics appear with flaps retracted.

(2) For both the flaps-retracted and flaps-extended conditions, the appli-
cable airspeed limit and positive limit maneuvering load factor may not
be exceeded. For the flaps-extended conditions, the flaps may be
retracted during recovery, if a placard is installed prohibiting intentional
spins with flaps extended.

(3) It must be impossible to obtain uncontrollable spins with any use of the
controls.

(d) Aimplanes “characteristically incapable of spinning”. If it is desired to desig-
nate an airplane as "characteristically incapable of spinning”, this character-
istic must be shown with —-

(1) A weight five percent more than the highest weight for which approval is
requested;

(2) A center of gravity at least three percent aft of the rearmost position for
which approval is requested;

(3) An available elevator up-travel four degrees in excess of that to which
the elevator travel is to be limited for approval; and

(4) An available rudder travel seven degrees, in both directions, in excess
of that to which the rudder travel is to be limited for approval.

These requirements documents are the foundation upon which the flight test planner
builds the rest of his preparation. The first step in laying out an overall test plan is to set
these objective down and be sure that all interested parties agree to them.

But not only must the test objectives be clearty stated, they must also be prioritized.
Notice that in setting down objectives and relating them to requirements, no relative prior-
ities were suggested. Before the test team can construct an efficient test matrix and do
detailed test planning, the relative importance of each of the objectives must be estab-
lished. This prioritization governs the order of testing as well as the allocation of test re-
sources. Again, the flight test team and the design team must function as one entity in this
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phase of test preparation. There must be agreement between these two groups, even
though complete unanimity on the final decisions is not likely.

With the overall test objectives stated and prioritized, the flight test team can focus on
how to acquire data best and other aspects (usually safety) of test preparation.

11.2.1.2 Data Requirements. In a sense the engineer reverts back to his profession
in the next phase of preparation for post-stall testing. He leans on experience (both his
and others) to decide what data are needed to answer the questions posed by the objec-
tives. He should seek practical and efficient ways to generate and collect these data and -
lay out the manner of presenting data so that key questions will be clearly answered with
quantitative engineering results wherever possible. He devises detailed test plans from
which estimates of time, money, and people required to complete post-stall flight tests can
be made. This phase of test preparation will necessarily be an iterative process.
Available time and resources usually shrink during the course of a project; requirements
that were overlooked in the goal-setting phase will often surface here. There are few
general principles that apply to all classes of aircraft, but there are some guidelines to
foliow.
(1) Question all data requirements. "Acid test" questions include:
(a) Which objective do these data underpin?
(b) What is the relative priority of the objective pursued?
(c) Who will use the data or will the data be used?
(2) Is there a simpler, more cost-effective, or safer way to provide the essential data?
(a) Did or can component testing/ground simulation provide similar data?
(b) If so, how much flight data are needed to verify component tests?
(3) Will the proposed data matrix provide an adequate basis for management deci-
sions later?
(a) Is the experimental sample size statistically relevant?
(b) Will test constraints likely bias or skew the results?
{4) Is there a more efficient way to acquire the data in flight?
(a) Could extended flight times (like air refueling might provide) allow coverage of
more of the test matrix in each flight?
(b) Is real-time test monitoring adequate to show when repeated test points are
necessary?
(¢) How much redundancy in test support (radar coverage, chase aircraft, com-
munications links, data paths, etc.) is needed?
As these questions are considered, the importance of efficient, reliable data acquisi-
tion will surface as a relevant issue.

11.2.1.3 Instrumentation for Post-Stall Flight Tests. The instrumentation suite for
post-stall testing is usually more extensive and more specialized than is used for conven-
tional stability and control testing. How does it differ? First, the ranges of the dynamic
variables when the airplane is operating at high angle of attack are usually much greater.
Angle of attack variations from the trim condition may be +90° or more, instead of +15°, as
is typically expected while in the normal operating envelope. Angular rates may be
doubled or tripled over those encountered at low angles of attack. Accelerations may be
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about the same in magnitude, but the acceleration directions change much more rapidly
during post-stall maneuvers. Table 6 shows typical differences between sensor ranges for
post-stall fiight testing and for conventional low angle of attack testing.

But what kinds of sensors are needed and how do the motions encountered in the
post-stall flight regime affect experimental measurements and how must the data be
handled? Conventional parameters like those shown in Table 6 are ordinarily what is re-
corded for post-stall tests; nothing out of the ordinary is on this list. But the list is not ex-
haustive either: there are other measurements that are sometimes needed. We aiso must
keep track of all control surface positions, throttle position, and a number of discrete
events like gear position, flap position, speed brake position, and the like. For the control
positions, complete time histories sampled at moderately high frequencies are usually
necessary. The sample rates for fast-acting surfaces should be an order of magnitude
higher than the highest motion frequency of interest, even though the sampling theorem
only requires that the sample rate be double the frequency of highest interest. Since
control surface movements can be rather quick, especially when driven by the high rate
actuators on modemn high performance aircraft, the data rate for the control inputs is often
the most important criterion in selecting instrumentation specifications for flight tests in-
terested only in the rigid body motion states. Of course, for analyzing structural modes or
other high frequency issues, other sensors may dictate the critical sample rate. In any
case the bandwidth of the instrumentation sensors must be carefully tailored to the post-
stall flight regime.

Table 11.6. Typical Sensors Needed for Stability and Control Data

Sensor Low Angle of Attack High Angie of Attack
Typical Ranges Typical Ranges

a -5° to 15° +90°

] 15° +30°

P +70°/sec +100°/sec

Q 120°/sec +50°/sec

R +20°/sec +100°/sec

¢ +30° 190°

0 +10° 190°

v +20° +360°

ny +0.25¢g 1+0.5g

ny, 10.25¢g +0.5g

ny +4g +4g

11.2.1.4 Test Team Training. Typically, the test pilot is the only test team member
singled out for special training during the preparation for post-stall training. This practice
is a mistake! While the test pilot's background, training, and currency are the most
meaningful and deserve considerable attention, the entire team needs to prepare for
hazardous tests like these with deliberate focus. The underlying principle is:
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When you deliberately explore the limits and boundaries of the flight envelope,
anticipate every eventuality you can.

Even when you prepare as fully as time and resources aliow, post-stall tests often reveal
unexpected characteristics and behavior. But, pre-test preparation that includes both the
pilot (or pilots) and the entire engineering support team will do much to eliminate surprises.
First, how should the pilot be selected and trained?

There is no substitute for recent experience in post-stall testing, though the emphasis
should be on overall experience, not just recency. The most valuable foundation is actual
post-stall testing in a broad array of airplanes. If the vehicle to be tested were my personal
design, a test pilot who had done at least one other post-stall test program would be my
choice. If the size and nature of the project permit (or even require) more than one test
pilot, give this experienced pilot the responsibility for training the other participants. In
military programs, the senior pilot for the contractor typically will do most of the exploratory
demonstrations. He should normally be tasked with the training and preparation of every
pilot who flies a post-stall test flight.

What elements shouild this training and preparation include? One of the most valuable
considerations in preparing to conduct high angle of attack testing is a formal training
course similar to those given by the USAF or USN Test Pilot Schools, the Empire Test
Pilots' School, or by the French Test Pilot School. Of course, not every company or en-
trepreneur will have access to such personnel, but this reservoir of talent has the best
basic background of formal training for post-stall testing.

Once the project pilot is chosen, preparation has only begun. It is imperative that
whatever his (or their) experience level is, there should also be recent experience in an
aircraft quite similar to the type to be tested. If possible, this "in-flight simulation" should
be flown into post-stall maneuvers of the most extreme type anticipated. If there is no
aircraft available for actual post-stall practice, project pilots should seek out the most real-
istic simulator they can find, preferably one where large amplitude motions can be expe-
rienced. The time spent in such a device, especially if it has high fidelity both in motion
and in cockpit layout to the test airplane, is an ideal place for rehearsing and modifying
both “normal” data collection (if data collection during post-stall maneuvers is ever normal)
and emergency procedures. Realistic, repetitious practice of test profiles will give the
pilots confidence, recent experience, and efficient procedures for data collection and allow
them to make the best use of flight test time.

These simulations should also include as much of the test team as will be involved in
real-time monitoring and quick-look data reduction. The engineers/pilots who will act as
test conductors and chase aircrew need to practice communication procedures and refine
operational instructions. They should be just as familiar with safety rules (like minimum
altitudes for recovery, altitudes for bailout, expected control sequences, and the like) as
are the pilots who will fly the test vehicle. The flight test and systems engineers who will
monitor key parameters (control surface positions, angular rates, engine performance,
emergency recovery subsystems, ground tracking, and all essential support details) should
also rehearse their roles as part of the team. The senior flight test engineer should insist
that every team member participate in one or more dry runs - including exposure to
emergency situations - if the entire team is to function efficiently. Every team member
must understand and accept his or her responsibilities, know the procedures, and
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appreciate the consequences if he/she fails to meet his obligations during a test flight.
Above all, hazardous flight testing is an exercise in group discipline. The test conductor
can best guard against a breakdown in discipline with realistic practice sessions, both
before test flights actually begin and periodically during a program. This continuation
training is particularly important if there are long breaks between test phases or a
significant number of new personnel must be assimilated into the test team.

11.2.2 Safety Precautions and Special Equipment

Having discussed some of the general aspects of preparation for post-stall testing, we
now tum to more specific ways to make such tests safer. We should have no illusions.
Post-stall testing is not inherently safe; the test airplane and the crew will be deliberately
put at risk in either marginally controilable or out-of-control portions of the flight envelope.
As we have aiready emphasized, all flight testing should be planned to start with benign
flight conditions and progress incrementally to more difficuit or more dangerous ones.
This principle is called the "build-up approach” and is designed to preclude unwittingly
pushing past boundaries beyond which there is no recovery. However, post-stall testing
involves flights where nonlinear dynamical relationships and the large number of variables
that are involved make it impossible to perfectly determine in advance safe increments in
test parameters. The only altematives that can reduce risks are (1) reduce the likelihood
of potential failures and (2) take extraordinary precautions to mitigate the consequences of
events that are still likely to occur. This section provides practical guidance for the flight
test engineer planning a high angle of attack test series. It involves both procedural and
hardware suggestions; and, though it would be highly presumptuous (and patently falsel)
to claim that these suggestions are comprehensive, they are a very good starting point.

11.2.2.1 Emergency Recovery Devices. Whenever anyone lays out a serious post-
stall flight test program, inevitably these questions arise:

Is an emergency recovery subsystem needed? If so, what type and what kind of|
design requirements must be spelled out?

The first question should almost always be answered yes. Only airplanes with tightly lim-
ited flight envelopes or very unusual design characteristics can avoid encounters with
post-stall flight. Even then, very few designers are willing to bet their reputations that no
post-stall flight tests at all are necessary. Even "spin-proof" airplanes have been involved
in post-stall accidents. However, how answering the second question is not so easy. It
cannot be answered without consideration of the following additional question:

ﬁ/Vhat is the intended use of the design (or modification of an existing design)? ]

it makes no sense to do full-blown spin tests, for example, for a large commercial air-
liner. Thus, the “post-stall" program for such a vehicle is almost exciusively aimed at
preciuding stalis — a very limited "post-stall" (if indeed it can be called by that name) test
series is in order. Most business aircraft with near centerline thrust should be treated in
the same way. However, past experience has shown that even these kinds of airplanes
can have post-stall catastrophes if the configuration is quite unusual or not weil-known.
For example, at least one early T-tail transport designt7 ran into such difficulties, as have




294 Post-Stall Gyrations and Spins Chapter 11

corporate jets18 with similar design features. There is also reason to pay careful attention
to post-stall certification for canard and three-surface configurations.

Is it responsible to ignore post-stall testing based on handbook limitations in-
tended for the design?

Now this question is harder to answer and we are treading dangerously close to
subjective opinion entirely. But, to offer a design to any segment of the flying public with-
out having explored post-stali behavior is neither wise nor responsible. (it may also be
legally indefensible in today's litigious judicial environment.) No matter what the contract-
ing agency or certification authority requires, a professional design team owes that con-
sideration to their customers. Please note that this professional obligation is related to
vehicle characteristics and intended use, not certification requirements alone. The design
process is simply not complete until predictions and engineering estimates have been
validated to some margin slightly beyond the published flight envelope.

There are two types of devices usually considered for emergency recovery from spins;
those which modify the ratio of aerodynamic and inertial forces and those which add
additional control authority about one or more axes. Far and away the most commonly
used emergency recovery scheme is some form of parachute which alters the pitching and
yawing moments rather drastically. They have been used on almost every type of airplane
from sailplanes to 30-ton fighters.
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Fig. 11.14 Emergency Parachute Recovery Subsystem Design Parameters

Design and validation of a spin recovery parachute subsystem® is peculiar to each
configuration and thus often becomes the responsibility of the project flight test engineer.
the inertia distribution matrix, the likely equilibrium spin rotation rates, and an estimate of
the dynamic pressure range over which the parachute must operate are key design pa-
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rameters. Figure 11.14 suggests the compromises associated with designing such a
subsystem and how each of these parameters are affected by one another.

Sizing of the canopy and its porosity are fundamental to the success or failure of this
critical subsystem. Typically an off-the shelf canopy can be used and canopy character-
istics are fairly completely documented20. Drag coefficients and opening shock load
overshoots may be estimated empirically, but often ground tests are necessary to validate
the assumptions. The numerical values for these parameters are strongly dependent on
canopy porosity. The canopy material, its shape, and whether the canopy is solid, slotted,
or vented in any way all affect the parachute drag coefficient and the opening shock loads
drastically. These short duration loads are often considerably higher than the steady
aerodynamic loads. Increasing the porosity and reefing the canopy so that it opens more
slowly both tend to lower opening shock and thus reduce the severity of the impact loads
on the risers and the attachment structure. A more porous canopy is also less likely to
oscillate at the end of the risers after it is fully inflated. In fact oscillatory instability of the
canopy can cause the airplane-parachute combination to be dynamically unstable after
recovery from the out-of-control condition. Such dynamic behavior can be very
uncomfortable (and quite unnerving!) to the pilot who is depending on this device to
recover from this kind of situation. However, since a recovery parachute is typically jetti-
soned shortly after it performs its function, dynamic instability of the airplane-parachute
combination is often of secondary importance.

The riser design and length also are quite important!9. The risers should be long
enough to guarantee that the canopy opens well away from the aircraft itself. The likely
worst case rotation rates and attitude combinations should be studied, as well as probable
low pressure, separated flow regions, so provisions can be made to forcibly propel the
parachute canopy into relatively clear air before the opening sequence is allowed to begin.
For this reason, canopy bags or reefing, along with drogues or ejectors are typically used
to extract the parachute from its storage canister. Once the canopy opens successfully,
riser length is another important factor affecting the oscillation frequency. Consideration
should be given to keeping this frequency distinct from either the longitudinal short period
or the lateral-directional Dutch roll frequencies of the rigid airplane.

Rocket thrusters have been used as an alternative to spin parachutes?!. This emer-
gency recovery subsystem is an example of adding extra control devices to guarantee
recovery from out-of-control situations. Potential advantages for such devices include:

¢ They can be installed so as to produce controlled moments about each axis.

& Multiple units can provide redundancy (or capability to make multiple recoveries) if
the weight penalty is not too severe. Obviously, this capability could also be pro-
vided by rocket motors that can be restarted. Rarely, however, would this level of
complexity be justified.

e Such thrusters could also be used to drive the airplane into different spin modes
(for research purposes), though such usage has never occurred to the author's
knowledge.

Disadvantages to such devices include:

¢ Usually they involve additional complexity, both from a mechanical perspective and
in terms of safe operation. Rocket thrusters aimost always multiply safety
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concerns because of the larger number of failures and the consequences of some
of those failures that are possible.

¢ More often than not, the thrusters are pyrotechnic devices (or are susceptible to
explosion at least). Again, safety issues are harder to resolve satisfactorily when
muitiple pyrotechnics must be carried for each flight.

¢ |t is difficult to safely verify the adequacy of recovery thrusters for their intended
purpose.

Of course, both rocket thrusters and a spin recovery parachute can be installed, but
rarely are. One such exception22 was the F-100F, a version of the Super Saber that was
highly susceptible to a flat spin from which aerodynamic controls could not recover the
airplane. Both a spin chute on the aft fuselage and rocket thrusters on the wing tips were
installed for the post-stall testing. Unfortunately, when the test aircraft entered the
expected flat spin mode, the recovery rockets did not stop the rotation and the parachute
streamed and wrapped around the vertical tail. The test airplane was lost when both
emergency recovery devices failed to perform their intended function.

Finally, the flight test team must pay careful attention to how emergency recovery
devices are actuated, controlied, monitored, and terminated (jettisoned, in the case of
parachutes). First, all controls for this system must be accessible to and easily identified
by the pilot even under the most extreme conditions of aircraft loading and stress. The
pilot must be able to activate and deactivate {(or jettison) this emergency system even
when cockpit g levels are high and oscillatory. (This fact may also suggest part of the
reason why additional pilot restraints are often used for post-stall testing.) Moreover, there
must be reliable and complete warning of any malfunction or other condition that affects
pilot actions with regard to the emergency recovery subsystem. Indicator lights are one
means for providing these warnings. Parachute/thruster arming, position of jettison
mechanism, test limits (angular rates, minimum altitudes, and the like), flight control sys-
tem status, and engine health are typical candidates for waming/caution displays during
post-stall tests.

11.2.2.2 Chase Aircraft. In addition to a reliable emergency recovery subsystem,
post-stall test teams often rely heavily on chase aircraft. Typically, these support aircraft
are flown by backup pilots for the project and they often carry aerial photographers. The
functions of this supporting aircraft and crew include:

¢ Visually checking the test aircraft for configuration; for loss of access covers, gear

doors, etc.; and for obvious structural or system failures during a maneuver.

¢ Clearing the airspace for the test vehicle.

¢ Calling out critical events - minimum altitudes, engine failure, and emergency

procedures - to the test aircrew.

¢ Advising the test pilot and the test conductor of any anomalies observed.

The chase pilot is a critical supporting player. His piloting task is very demanding and
he needs to have powers of observation every bit as keen as those of the test pilot. He
must be completely familiar with all planned mission profiles, overall test objectives, as
well as detailed test restrictions. To meet all these responsibilities, project pilots who will
fly such chase sorties should practice for them -- just as the rest of the test team should
rehearse. For the test pilot and the supporting chase aircrew, this practice time is abso-
lutely mandatory.
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11.2.2.3 Procedural Precautions. The whole of section 11.2 is built around the
premise of test team discipline. Any engineer or pilot who is charged with the overall re-
sponsibility for this class of flight testing must be a stickler for discipline. Insisting that
comprehensive, written procedures are developed, followed, and modified constructively is
a mark of professionalism. It is absolutely necessary for the successful post-stall test
team leader to demand discipline. Here are some practical suggestions for setting up
such procedures:
¢ Establish some form of independent review process to examine the planning and
procedures. The scope of this review can vary from a single experienced con-
sultant to a full-blown, structured “red-blue" team approach. The effort expended
on this review will largely be dictated by the size and economy of the project, but it
should never be omitted.
¢ Test procedures, especially for hazardous tests like post-stall tests, evolve from
safety constraints wrapped around clearly stated test objectives. But safety is
overriding.
¢ Be sure procedures are communicated. Keep them simple, straightforward, and to
the point. Practice and repeat the good ones; revise the bad ones.

TEST CONDUCTOR

INSTRUMEN-
TATION
AERODY-
NAMICS

Fig. 11.15 Post-Stall Flight Test Team Communications Net

¢ Keep the command lines during a test crisp and clear. The test conductor is the
maestro (he carries the responsibility); the test pilot is the soloist; and the chase
pilot is the harmony. But everyone else on the test team plays an essential back-
ground instrument. If that musical metaphor sounds overdone - nobody talks to
the pilots on the radio except the test conductor, or at the test conductor's request.
Supporting test engineers relay pertinent information to the test conductor, who
decides what is essential to the conduct of the test. Flying a productive test sortie
is always a demanding task; flying a productive post-stall mission can be downright
hectic. It is the test conductor's job to see that mission objectives are not
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destroyed by confusion and indecision. Figure 11.15 illustrates this decision-
making net for a typical post-stall flight test.

¢ Guarantee that everyone on the test team knows the envelope limits and the rea-
sons for them. The senior flight test engineer must take the lead in this training;
everyone must be completely aware of each flight's objectives — both primary and
secondary — and the steps planned to reach them.

¢ Never go beyond a test plan. This rule should be iron-clad; you simply must not
"shoot-from-the-hip” in this environment. True, the detailed flight profiles should
always plan more than can be accomplished; but the alternatives and the relative
priorities are to be spelled out in the briefing on the ground before takeoff.

If these six guidelines are followed, deliberate, disciplined procedures will result and
the whole test series will reflect that disciplined philosophy.

11.2.2.4 Real-Time Monitoring of Post-Stall Tests. The engineering process that
we suggest needs to be so tightly disciplined must still react efficiently. Adequate infor-
mation fed back to the test support engineers during post-stall maneuvers is essential to
the process. Larger and adequately funded post-stall programs may have all relevant
dynamic time histories telemetered back to the control room during a flight. These fortu-
nate engineers may even have the computer power and software sophistication available
to cross-plot and partially analyze these real-time data. They might, for example, super-
impose dynamic states on a-p axes, rather than just time axes. Graphic images of the
airplane's rotation and inertial attitude may be useful. Plots of predicted boundaries and
actual motions could be overlaid. For such a rich data environment the possibilities for
real-time monitoring are almost infinite. At the other extreme, where there may only be
radio communications between the test pilot and the chase pilot, the real-time analysis and
advice may be quite subjective. But that fact does not make it unimportant. Any outside
observer's observations can be useful information (data) in this often confusing test
environment. Recording a running commentary from both the test pilot and the chase pilot
are wise and inexpensive "real-time" tools in post-stall tests. The point is: real-time
information — at any level between the extremes described in this paragraph -- is valuable
and must not be ignored. Plan to collect it.

11.3 SUMMARY

In this concluding chapter we have introduced the student to what is in reality an ad-
vanced topic in flight test. Most of the principles that apply to post-stall testing also apply
to other forms of hazardous test: flutter envelope expansion, weapon separation tests,
low level avionics system (like terrain-following) evaluations, and similar activities. The
major themes of careful planning, thorough preparation, and unyielding discipline carry
over into these other forms of flight testing as well. Of course, the engineering tasks,
measurement techniques, and support required will differ. But these basic principles will
still be valid. In that sense, this chapter serves to draw attention to the three most themes
of all kinds of flight testing, even as it serves to introduce advanced topics through a
specific example. And those themes - planning, preparation, and discipline - pervade all.

T e et
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LIST OF SYMBOLS
Definition Units

SPEed Of SOUNA ........covrmimirirriiiererect ettt fps
standard day sea level speed of SOUNd ... fps
volume of instrument Chamber .............ccccveeereeerecrcrersvirrisnnresinnsens ftd
Bt CORTACIONE........cceeeerirneeiieeeerreseeetttecsereesssasrrreanesssssssnananeaess none
internal diameter of tubing or

distance along the speed course line ..., ft
diameter of pitot-static tube............coceeeiinis ft
gravitational 8CCeIeration ...............ccouermeeerrireincinetnieninnicneine. ft/sec?
gravitational acceleration in ideal atmosphere......................... f/sec?
geopotential altitude................cooeieneriiininnin e ft
absSOlUte AltItUAE.........cooovreerireirreer et ft
calibrated alIfUAe. .........cooeereeeriierreeee et ft
calibrated altitude measured at the altimeter.................ccccccoceeie. ft
calibrated altitude measured at the eyepiece .............cccoeceeienienee ft
calibrated altitude measured on the parking ramp............cccoceceeene. ft
calibrated altitude of the pacer aircraft .............cccccoeviniinniinncninnne ft
test day calibrated altitude ...............ccocevenieirinnennini ft
geometric AItUAE...............oevmvmriiimere e ft
geopotential altitude at the base of the ith layer

or indicated altitude read from the altimeter...............cccccccoeiieeinceees ft
indicated nominal attitude for the test point ..............ccccooeiineiee. ft
instrument corrected altitude............cccoeeeviiiiiiiini e ft
test day instrument corrected altitude...............c.ocoiiiinennn ft
pressure aitUAe ................oceeveireremnine ft
density altitude...........ccoooviirmrinreinee e ft
temperature lapse rate in the base of the ith layer ..................... °RAt
temperature recovery factor ..o none
length Of tUDING .......ccccceicreieiiriiiie it ft
UHASS - eeeeeereeeeieeeeeecesarsnsnnnearensnseasssnnessnerer s sanansananesessassnenesiasses slugs
MBCH NUIMDEE........cccoitereeersrreereesereressstsessssaneesessssnrensssnenasasanes none
freestream Mach NUMDET ............cccocriviiiieiecinii e none
[T0%-Vs B - o: Lo SUUUU RO PUOPPPPP none
PIESSUIE.........cncmceriinininrenrainieresesesstess st ebe st a s sas psf
standard day pressure at the base of the ith layer........................ psf
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Ps SENSEA PrOSSUTE ........c.vveeeerieeciierreeereeeeereenesestesssnessssesssaonesssees psf
PT tOLAl PrESSUNE........co.ecceeeiecincerrcr e st snr e s psf
Po standard day sea level pressure of the atmosphere...................... psf
P freestream static Pressure..............cco.eeceeeieeveeiececeeesreeeee e psf
PT, freestream total Pressure............ooovveeeeeevieeeeceieeeeeeeee e, psf
qorg dYNamIC PrESSUN...........cccueeeeieieiereeeee e ceerees ettt oo seesaeenesnean psf
Gic instrument corrected dynamic pressure..................cccccoeeuveennee... psf
Gic; test day instrument corrected dynamic pressure........................... psf
e sensed dynamiC PreSSUre ..............c.cocveeeeeeeeeeeeiiiieieeeeeeeeeeneaeeeeeas psf
R universal gas constant..................cccoeeveeeeerinveeeeseeeeeenn. ft2/sec2°R
Re radius of the earth..............ccccocceivenmnninc e ft
£ indicated temperature ................ccoveevevrenninnee e, °F
ty time at beginning of speed course run...............c.ccccveevevvennennn. sec
tr time at end of speed course run...........coccocevvecrenvnierrercereecrenne. sec
T 1EMPEratUre ..........oooei et e °R
T; temperature at the base of the ith layer or

indicated temperature ................cccooooieeiiiicciiceee e °R
Tic instrument corrected temperature .................cccoovivieeieiciecee, ‘R
Tsta standard day temperature ..............c.ccoceeerrieinieicec e, °R
Tr total temperature............ccooceceeierre e °R
Ty freestream temperature................ccccoverieerrerne e e R
v VOIUMIB......coviiietiictie ettt e et sestee e s e eeneeees ft3
VorV, trueairspeed.........ccccvevieciveciieeiieeceeiec e knots or fps
Vavg average true airspeed for speed course......................... knots or fps
Veal calibrated airspeed.............c.cccocovreveninevneeeee knots or fps
Vca,m, calibrated airspeed for the pacer aircraft........................ knots or fps
Ve equivalent airspeed..............coccveeeieeeceeneeeeeee e, knots or fps
Vi indicated airspeed............cccccoveereeeiieieee e, knots or fps
Viest indicated nominal airspeed for the test point .................. knots or fps
Vie instrument corrected airspeed...........ccccccoerirrereereennnnnn. knots or fps
Vie, test day instrument corrected airspeed........................... knots or fps
b'¢ distance from eyepiece to plane of sighting grid..............cc............ in

Oravanable............ccooovirriiiriieree e various
y height of airplane as measured on the sighting grid ....................... in

oravariable.............coooeeoiiiiieeeece s various
z distance from eyepiece to plane of tower flyby line.......................... ft
Ah height above the plane of the eyepiece..............cccoveveeirerveveenn, ft
Ahcal umetsr Calibrated altitude error measured at the altimeter........................... ft
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Ahcaly piece calibrated altitude error measured at the eyepiece.......................... ft
Calpacer calibrated altitude error for the pacer aircraft...............cc.ccoeiienne. ft
Ahic altimeter instrument error COMMeCoN............ccecceeriiininirineniiiinnns ft
Ahiconcer altimeter instrument error correction for the pacer aircraft................ ft
Ahie, test day altimeter instrument efror comection ...............ceeeeeiecnenn. ft
Ahicye altimeter instrument error correction for the nominal test point....... ft
Ahpe altimeter static position error comrection...............ccoviiiinnnncnne, ft
Ahpc,,.,., altimeter static position error correction for the pacer aircraft........... ft
Ahpg, test day altimeter static position error correction ..............cccoeeveevne ft
App static POSIION EITO. ..ot psf
AT temperature instrument error correction......................... knots or fps
AV, compressibility COmection............ccovvcnenciiciiiininiinne .. knots or fps
AV airspeed instrument error cormection.............c.oeeveeeeenes knots or fps
AV,-,;M“r airspeed instrument error correction for the pacer
BITCTAT ..veeeeeeeeeeeeeerieerecrnreerassareresesssetossssnresasssnnssasansereses knots or fps
AV instrument corrected airspeed for the nominal test
POINE......ouienerseeresriier e s et st knots or fps
AVpe airspeed static position error correction.................cc....... knots or fps
AVpe pacer airspeed static position error correction for the pacer
010w £- L1 GO O PPOPP PP PP PPPI knots or fps
o aNgIB OF GHACK ........oveveriemiieeririrr e °
Y ideal ratio of specific heats for air (1.4)..........occocorivinninnn. none
8 PrESSUNG FAHO.......orruirievetetnrrtesesesernseist ettt none
A [8G CONSLANE .......ovecmrerersiirenirienrerinssnssrsesss e rsnaesaees psf2lsec
u VISCOSIY .....veereirenerenieieseiesie s sms st slugs/ft-sec
Ko standard day sea level visCoSity.............c..cccoeriiiininnnn. slugs/ft-sec
p density of the atmOSPhere.............ccceveereereuseernranisiasiseneenness slugs/ft3
P standard day density at the base of the ith layer .................. slugs/ft3
Pstd standard day denSity ............ccccccrirmmrirmnriessnnnenesiseseeninies slugs/ft3
Ptropopause Standard day density at the tropopaUSe............c.....ccsueseeeeens slugs/ft3
pT LOLAI ABNSILY..........cvorveeerererceeceeeerianmnsssssrasssessesstsesssasassssnns slugs/ft3
Po standard day sea level density of the atmosphere................ slugs/t3
c dENSILY FALIO ......ceeeeeereincnirerintnae et none
Ostd standard day density ratio..............cocveccncnncniinnne none
Stropopause standard day density ratio at the tropopause.................c.cc.cec.ee. none
0 temperature ratio...............cceoveiuereececenssineninin i none
0 test day temperature ratio ...............cccoviinnini s none

t
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AF

acceleration factor..................cccovvvvueeiieieeeeeeee e none
SPAN.....ooiiiiiirerer et s st e e s e b e et e s s e s eeeaeasanns ft
constant for induced drag expression............c.coeeeeeeevevveevevesnennn, lbs
ArAG OF ...ttt ettt e et e s ra s esse s e s ibs
engine characteristic length.................c..ccooeeeoeeeeeeeevneeeeeeennn ft
standard day drag.............cc.oceevemerevrerereieee e Ibs
testday drag.........ccocoviieceiceeee e lbs
total energy (kinetic plus potential)................cccceoeeeerveeevennnn, ft-lbs
span efficiency factor ............oceoveirieieceee e none
time rate of change of pressure altitude ....................cc.coovvnvnn... fps
ratio of specificheats .............cc.ooeivevereeeneeeeeeees oo none
aerodynamiC lift.................ooooviimoiiiiiieiee e ibs
standard day Mach number..................ccooooveeveiveeeeieen, none
test day Mach number..............cooeeeeieeciiciineeeeeeeeee, none
ONGING SPOOU .......ccooueriieieieeeeee ettt e e e rpm
standard day/weight load factor .................cccccevieveeeeeresennn, none
test day/weight load factor .................ooovvveeeeeeeceeveeeeesees none
vertical component of true airspeed ...................... knots, mph, or fps
SPECIfIC EXCOSS POWET ..........oeuveerteereeeeeteeeeeeeeeeeeeeeeeeereeeaveseea fps
test day Specific eXCess POWET.................cooeeeeeeeeeeeeeeeeeeeeen fps
radius Of CUNVALUT®................c.ecvivieiienereecceeeeeeeee e ft
rate of climb ..., fpm or fps
NELTATUSE..........ooee et Ibs
standard day net thrust .....................oocoeoiiieineeee e, lbs
testday netthrust ................cocoomiuieiiniicceeeeeeeeeeeee, ibs
indicated freestream temperature.................cccoeevvemeeeeiveerennn, °R
instrument corrected freestream temperature..................cooovovono.. °R
standard day freestream temperature ...................cccooovevvveeenennn.. °R
test day freestream temperature .................ccooveeeereieeriee °R
thrust horsepower available ...................ccc.oooeveeeeeeeeeeereereren. hp
standard day thrust horsepower available.........................coo........ hp
test day thrust horsepower available....................ccoooovvevevevennn, hp
thrust horsepower required ...................ocoeuvveeeemeeeeeeeeeeesesee hp
standard day thrust horsepower required................cooeooevvvvveveiin, hp
test day thrust horsepower required...................coccovvvveeveeereren, hp
horizontal component of true airspeed .................. knots, mph, or fps
power off stall speed, landing configuration........... knots, mph, or fps
power off stall speed, clean configuration.............. knots, mph, or fps
vertical component of true airspeed ...................... knots, mph, or fps
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wind velocity at point i.............cccienireiceiinninnnnnns knots, mph, or fps
test day true airspeed ..., knots, mph, or fps
time rate of change of true airspeed.............c.cocovniiniiinnnnnn. fps/sec
WEIGNL .....ovvecieeeeee et rb et s Ibs
average Weight ..............ccverrrireeiie et Ibs
standard (nominal) weight ..............cocoreeinininnii Ibs
test day WeIGHL........c.cccvreriirimirren e ibs
corrected (for weight change) indicated altitude .............................. ft
energy height or specific energy height .................ccconivniiinns ft
time rate of change of energy height (= Pg)........ccccoceernens fps/sec
UG FIOW FAEE ... cecreeceecr et et e e e lbs/hr
increment of induced drag.............cccrvriinineremsnrenns e Ibs
increment of altitude. ............ccccvreeicirnini e ft
increment of absolute altitude ..............ccccoovviinmimrineciiinciee ft
increment of energy height or specific energy height.........ccocoevenene. ft
increment of indicated altitude...............ccooimiiriiiiniii ft
specific excess power weight correction (induced drag)............... fps
increment of freestream static pressure ................ccceeecieciniinn, psf
increment of NEt thrust ............ccooiviriiiininee e Ibs
INCremMeNnt Of tIM@ .........cvveeeriirecricrerirt et e s sec
increment of weight............ccooiinii Ibs
increment of true airspeed ..............cccocvereienennn, knots, mph, or fps
increment of flight-path angle..............cccivniinininciiienn. °
test day pressure ratio .............cceveremmeeviecencnneniinie none
standard day pressure ratio...............coceeeeeeveesicneninneiiniinnes none
flight-path angle ..o °
angle between the thrust line and the fuselage reference line.......... °
tESt dAY AONSHY .......cocoverreemeeerrcnsienirrmssiesstserssssssssesessens slugs/ft3

CHAPTER & (only those symbols not previously introduced are listed)

AorAy
a
BOI’B1

BHP,
BHP;
BHPgy

constant for first term in power equation ....................... hp-ft-sec/lb
parameter for solving Buckingham Pi equations........................ none
constant for second term in power equation................... hp-sec/ib-ft3

or number of blades for a propeller .............cocvvenenninreeenn. none
brake horsepower required .............ccoeeeeeerisnsnnenssenieiieees hp
test day brake horsepower available................cccoiiiiiniiinns hp
standard day brake horsepower available.......................cocoeeene. hp
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parameter for solving Buckingham Pi equations........................ none
drag coefficient .............ccccovreeiieciieieeccrerr et none
induced drag coefficient ............c..coeeveevvrniicinnrnnee s none
parasite drag coefficient................cccocemvrriiinnin e, none
propeller integrated design lift coefficient ...................ccccoc..... none
aircraft pitching moment coefficient...........cccccoviiciecccnnennin, none
power CoeffiCient...........c..coieieiiiiiiineecccc e none
torque coefficiont ............coov i e none
parasite drag coefficient...................cccoeveiviiieninneeee none
propeller local ChOrd...........c.ocociiciiinereeeee e ft
or parameter for solving Buckingham Pi equations.................... none
or specific fuel consumption (SFC)...........cccceeeirenriccnennnnnnn. Ibs/hr-hp
blade section design lift coefficient...............ccccooeveevvinennnnnen. none
thrust specific fuel consumption (TSFC)................cccuveennee. ibs/hr-lb
e £ o ST OO SO PSSR lbs
orpropeller diameter...............ocooceieiiieiiie e ft
ONAUANGCE.........coeerreeieiiirrccrerere e s eerereeseseersrssnare e esesssntees hours
MAaXIMUM NAUIANCE........cc.cceeerierreeerersrrerseeriresieeersessseerseesseesens hours
propeller advance ratio...............ccceeeevrvieeeceeeeeeeeeeee e, none
propeller torque meter scale factor..............c.cccocccoiieicnnnennnenn. none
ratio of equivalent airspeed to equivalent airspeed

for MINIMUM POWET..........c.coiiriiiieceetree et none
fundamental unit forlength............ccccoooveeviiieiiiiiii e ft
test day manifold pressure............ccocoveeeveiierececvenrcernveeensnecennes in Hg
standard day manifold pressure..............cccceeeivierieceeeeeeenn in Hg
fundamental unit for mass (slugs = Ib-sec2/ft) ........................... slugs
propeller rotational rate .............ccccoo e, revolutions/sec
or number of fundamental variables..............c.coccevreerrervrnnne.. none
generalized POWEN ..............covciiiviiiiieecccteee et ceeee e neesenees none
number of fundamental units..............cocevvemeierveenieeieeccee, none
propeller torque............cccceveieieeieenrieceerenee e ft-lbs
instrument cormrected propeller torque meter reading.................. ft-lbs
propeller radius ..............oooveeeciieeeeeceieeceeeeee e e ft
FANGE ......ooiiiiiiiieenttiiteeecaereesaeessseasssessssessssnessasnsanstssssnsesmnsersses nm
radius to a given airfoil section on a propeller..................ceuen......... ft
propeller hub radius ..................ooveeciieeciiieeeiecc et eeens ft
SONAIty rati0...........covvieiirciiniecr e st none
temperature in the jth engine component................cccceeennenennenn. °R
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? T test day tEMPEIALUNE ...........c..ccceurrmrrmrssssessssesssseseerasenssssssssssaseses °R
t fundamental unit for tIMe..........coceeeeniiiiniriimnnrir e sec
VE e true airspeed for maximum endurance.................. knots, mph, or fps
V,mp equivalent airspeed for minimum power-................ knots, mph, or fps
viw generalized true airsSpeed. ...t none
We aircraft weight at the end of a cruise segment...............cocoeeeene lbs
Wp aircraft weight at the beginning of a cruise segment..................... Ibs
Wa weight flow rate of air through an engine.................ccoeeeeennne Ibs/sec
X net thrust from the jet exhaust for a turboprop..............ceceveeieenne Ibs
np bumer effiCIONCY......ccccccerirriirimnmrirretere s none
e COMPressor effICIBNCY ..........ccceveimmeecrcniniitiinr e none
n; inlet @FfICIBNCY .......ccoveeeeciricniiirininne et none
Nn propeller ffiCIenCy ..........c.cvvrceiniiimmninins s none
np propeller effiCIeNCY ...........ccvereeemiiirniiis e none
n tUrDING BffICIBNCY ......ceeeereeencriiriirnerrein st none
m ith nondimensional grouping from Buckingham Pi theorem....... none

CHAPTER S (only those symbols not previously introduced are listed)

a acceleration during takeoff or 1anding..............ceernvniriniinnens fi/sec?
a average acceleration during takeoff or landing............c..cc....... ft/sec?
CFL critical field IBNGh ..o e ft
Clonex maximum lift COfICIENt.......ccoooeieee ettt none
Clyan lift coefficient during transition segment.................ccooiiiiinnnns none
BFL balanced field IeNGh ...t ft
F net accelerating force during takeoff roll..............ccoevnniicncn Ibs
F¢ frictional force during takeoff roll .............ccccvveoniiniiniininnnes Ibs
Btran vertical height at end of takeoff transition..............cccceeiccnniinns ft
L Tift UANG 1ANAING.......coenirireeerree e lbs
m mass of the airplane of object studied.................cceiiinininen slugs
Py average excess power durng takeofT..............ovwuereuereesciennnnens hp
RA runway available (actual runway length less allowance for lineup)...ft
Re radius of curvature for takeoff or landing trajectory.......................... ft
Sg horizontal distance to clear an obstacle of specified height

(after liftoff for takeoff or before touchdown for landing) ...........cceee ft
Sage horizontal distance to clear an obstacle of specified height

(during a single engine takeoff) ..o ft
ScL horizontal distance during acceleration to climb speed.................... ft
SpeC horizontal distance covered between engine failure and

initiation of braking during an aborted takeoff....................ccceeuenenne. ft
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Ser horizontal distance from brake release to engine failure.................. ft
SEa horizontal distance from obstacle clearance to landing flare............ ft
SG horizontal distance from brake release to liftoff ............................... ft
sG, horizontal distance from touchdown to complete stop ..................... ft
SG, horizontal distance covered during takeoff rotation ......................... ft
S0 horizontal distance from brake release to liftoff ............................... ft
SLO,e horizontal distance from engine failure to liftoff............................... ft
SL, horizontal distance covered during landing rotation......................... ft
SREF horizontal distance from brake release to attaining Vrer ................ ft
SsTOP horizontal stopping distance after application of brakes.................. ft
Stran horizontal distance covered during takeoff (or landing) transition ....ft
ScL horizontal distance during acceleration to climb speed.................... ft
T BTUSE ...t Ibs
T thrust during 1anding .............cccocuveveeeieeinineeeeeeeeeee e, lbs
Tv average excess thrust during takeoff .....................cooooooooo . Ibs
t time for rotation during takeoff or landing................c.c.ocoevven...... sec
2 true airspeed where average excess thrust occurs ...................... fps
Vg true airspeed at initiation of braking during an aborted takeoff ..... fps
Vcer or V; critical engine failure speed...................oo.coocuieeeeeeveeeesensennnn, fps
Voo true airspeed during initial climb segment of takeoff.................... fps
Vio true airspeed at HROFT ...............ccoooviiiiieeeeeeeeeeeeeeeeee e fps
Vior true airspeed at liftoff based on 7.2V .........cocoevvvnninincnnnn. fps
Vrer refusal SPEed ..............ccooooemieiieeeee e fps
Vines air minimum control Speed ................ocoeveeereeieneeeeeeeeeeee fps
Vi - ground minimum control Speed..................ccocooveevereeeeerenn, fps
Vsse safe single engine SpPeed ...............cocevvvereeeerevcvereeeee s, fps
Vs StAl SPEOU ... fps
Vo touUChdOWN SPEEU..........c.ooeeeerieceieieceeteeeeeeeeeeee e fps
Vros takeoff safety speed................coooeieeeeieiimieiieneeeeeeeeeeeeee, fps
Vw wind speed during takeoff or landing..............c.coeooeevoorvveen fps
Vorin minimum takeoff speed for FAR Part 25 ................occocovvmvernnnn.. fps
w, weight of aircraft during landing ................coccoeeeemvioeeee fos
AC, increment of lift coefficient...................c.coooveeeeivieceieeeeee. none
An increment of I0ad factor...................coooeeveeeeeeeeeeeeeeeeeeeeeean none
D SIOP@ Of FUNWAY.........oeeeiiitecceceee e °
n coefficient of friction ............c.ooeveivueeeeeceeeeeeeeeeeeeeeeeeeeeans none
Mp coefficient of friction for braking during landing roll.................... none
OcL change in pitch angle during takeoff transition................................. °
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A constant coefficient in stick force equation.............cccooreviienncinen Ibs
a lever arm distance in gearing mechanism for control stick............... ft
8; lift curve slope produced by deflection of the jth contro

SUIMBICE. ..o eeeeeieirierrreraecnneeesressstessssstanssacanaesassansesssssnss per ° or radian
- lift curve slope produced by elevator defiection.......... per ° or radian
B constant coefficient in stick force equation.............ccecceneeennees Ibs/psf
b lever arm distance in gearing mechanism for control stick............... ft
Che elevator hinge moment coefficient...............c.ooiinninniiiincns none
Cho hinge moment coefficient at zero lift and zero control

SUAcE ABfIOCHION.........cuvecveecmree ettt none
Ch“i rate of change of hinge moment coefficient for the jth control

surface with changes in local angle of attack ............. per ° or radian
C,,a. rate of change of hinge moment coefficient with elevator

GOMBCHON ......cvveeeireirreeererriresasrree e rtesssesrare e asan e s e e esamsssbessansanns per”®
Chsj rate of change of hinge moment coefficient for the jth control

surface with changes in surface deflection...............c.coceveenne per°
C,,% rate of change of hinge moment coefficient for the jth controi ...........

surface with changes in surface tab deflection........................... per”®
C’ lift coefficient with the elevator free to float...............c.ccoeinins none
C,_!. trim lift coefficient produced by the jth control surface................ none
Clyim trim lift coefficient for the airplane.............c.cocvveeviieriniinenninens none
CL, lift curve slope for the airplane ... per radian
Cro lift curve slope for the airplane with elevator floating ......... per radian
C,_a] lift curve slope produced by the jth control surface............ per radian
C,_a' lift curve slope for the horizontal tail ..............ccoccevirennee per radian
CLG” lift curve slope for the wing-body.........ccceveericcuinininnianns per radian
CLa, change in lift coefficient with elevator deflection ....... per ° or radian
CLs, change in lift coefficient with deflection of the

Jth control SUMAce .........ccceereenniiiieneses per ° or radian
Cme zero lift pitching moment coefficient aboutcg...........c.ccceveieneee none
Cm, zero lift pitching moment coefficient about cg with

the elevator free to float..........ccveevnmiieimiiinnnirce i none
C,,,% zero lift pitching moment coefficient for the wing-body alone .....none
Cmq change in pitching moment coefficient with change in a.... per radian
Cm, change in pitching moment coefficient with change in o

~ with the elevator free to float.............coeciniiceicinnccinninnnns per radian

C,m. change in pitching moment coefficient with elevator

deflection (elevator effectiveness).............c..cecceenueene per ° or radian

c lever arm distance in gearing mechanism for control stick............... ft
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mean aerodynamic chord................cccceveeiieieenneecnnennnnn. ft or inches
elevator ChOFd ..o ft
center of gravity .........cccceeeeeiereveeeceeeeesecceteee e acronym
lever arm distance in gearing mechanism for control stick............... ft
lever arm distance in gearing mechanism for control stick............... ft
free elevator factor..................ccceervecevceeiceee e, none
SHCK FONCR ...t Ibs
gearing ratio (0r gain)...............ccovviiveremicreeeeneeeseeceeeesseeeee s °finch
elevator hinge moment................c.ooeeueeveeiiveiveeeeeeeeeeeeen, ft-lbs
horizontal tail incidence angle.................cccocooveeevennennn.. ° or radians
net aerodynamic rolling moment about the x axis...................... fi-lbs
control stick lever arm in gearing expression................ccooveeeveeenn... ft
distance from aircraft cg to horizontal tail aerodynamic center ........ ft
net aerodynamic pitching moment about the y axis ................... ft-lbs
net aerodynamic yawing moment about the zaxis .................... ft-lbs
x component of angular velocity............................... °/sec or rad/sec
y component of angular velocity..............ccc..c.......... °/sec or rad/sec
AYNAMIC PrESSUTE..........ccueeuiereeriiterietetrereseeeeeeeeereereeseesees s ssesseneas psf
z component of angular velocity .................cccc......... °Isec or rad/sec
wing planform area (reference area) ..................coceovveeeveeeeevennnn. ft2
stick-fixed static margin...............c.cceveeeeeeiviieiee e none
stick-free static mMargin..................coocoeveeveeeeeeeeeeeeeeeeeee none
elevator surface area..................c.cueevvueeieeiieneeeeeeeeeeeeeeee, ft2
horizontal tail planform area.................ccococovueeeeeeoreeeeeeeenn, ft2
CONtrol SCK travel.............ccouvueeieveveeeieeeeeeeee e in
x component of linear velocity of the aircraft center of gravity ...... fps
y component of linear velocity of the aircraft center of gravity ...... fps
horizontal tail volume coefficient................cooveeevvmeereennn none
horizontal tail volume coefficient with elevator free to float........ none
horizontal tail volume coefficient with the cg located at the neutral

POINE.....oe et e e s e e e e e e ee e s s ee e none
horizontal tail volume coefficient with the cg located at the neutral

point with the elevator freetofloat .............cccccovveveveevereeeenn none
vertical velocity corrected for engine thrust................................ none
z component of linear velocity of the aircraft center of gravity ...... fps
weight of the jth control surface...............cooeoveeeeeeeceneeeeeeen, Ibs
x component of the net aerodynamic force..................ccccecven.n... Ibs
y component of the net aerodynamic force.................c..ccvcevven..... Ibs
z component of the net aerodynamic force..............c...coovevvennn... Ibs

o
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Xacw aerodynamic center of the wing-body..............cccceevine. ft or inches
Xog location of the center of gravity along the x axis.............. ft orinches
X; location of the jth control surface cg relative to the hinge

L - YOO OO UPP P ft or inches
Xnp NEULFAl POINE.....cceeveecririiiiienrt et ft or inches
Xnp neutral point with the elevator free to float....................... ft or inches
Xinertial HErtial X XIS ......cccivreeeeericeiiiir et ft or inches
Yinertial inertial y axis..........ccccvvemmrmnerinsiesete e ft or inches
Zinertial INBIHAl Z XIS ......cccveerrrrerieriiriiiiernrenres e ft orinches
AC; change in lift coefficient..............ccccoevnnninie none
AC, change in pitching moment coefficient................ccoeiniinnn none
o aircraft angle of attack with the elevator free to float ....... ° or radians
trim trim angle of attacK ..........cooovveeerrine ° or radians
Qb angle of attack of the wing-body............cccccevivniinninns ° or radians
a; local angle of attack at the jth control surface..................° of radians
B angle of SIdeshp ..o ° or radians
Bg aileron defleCtion.............cceeirreeciicrinieetr et °
Saen left aileron deflection ............coccvviiinminnie e °
Barignt right aileron deflection...............cevueeeinmnmnininnicc s °
8e elevator defleCtion............ccccoiivinmrinierrete et °
Beyim elevatorangle to thim ..........coooivimrr °
5; control surface deflection of the jth control surface.......................... °
Sjrve free fioating angle of the jth control surface..............c.ccoeiiniinncs °
5, rudder deflOCHON ..........ccccevvvireireeriri s °
Stab control surface tab deflection ............ccceerreciceeees °
Btabyim control surface tab deflection to trim.............ccoeeniininiiinnne °
YPA flight-path angle in the power approach flight condition.................... e
€ dOWnWash @NngIe ..........cccceeerrniiiiriee et °
€0 downwash angle when wing-body liftis zero...............c.cceeeiince °
o Euler roll @angle..........c.ccccniinmmininninnnresseeccent it °
o EUIEE FOM FBEE .....eeeneeeeeieeiereieieenerecsscssessesesatsnasnennssaansnssansens °Isec
<] Euler pitch @ngIe..........cccorimeieiinnnereren et °
) Euler Pitch Fate...........cocevee et s °/sec
® angular VeloCity............cocueirimmermennenccnecninie °/sec or rad/sec
b 4 EUler yaw 8ngle .........c.cccouiimrinieniemeennce st °
L 4 EUIET YAW FBLE.........cooveceeecercaneraccrsinaesasnssessasasssrssssssassasensnsnns °/sec
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span of the elevator ...............cccoviiciiiiiccicree e ft
pitch damping derivative ...............cccccovrireniieevccreiececree e, none
tail contribution to pitch damping derivative............................... none
normal force coefficient................ccceveveiircieeccieecceeeee e, none
correction coefficient accounting for wing-body contributions to

the pitch damping derivative ............ccccceeevveecrrcrniceieereecerceeee, none
aircraft lift in the trim or wings-level equilibrium state.................... Ibs
stick-fixed maneuver margin ............c.cccceceeeeeeereiceeceeeeceee none
normal acceleration of the aircraft cg .........ccoovvevvviirivvcneecnnnnn. none
load factor in equilibrium (trimmed) flight.................ccovveennnnn. none
body axis pitch rate in equilibrium (trimmed) flight...................... °Isec
dynamic pressure at the horizontal tail .....................cccoounerenneen. psf
MAaNEUVEr POINE...........ccoiiiiiiiiiiccreeccee e ft or inches
maneuver point with the elevator free to float.................. ft or inches
change in elevator hinge moment coefficient............................. none
change in StCK fOrCe...........ccooovvviecieccrecees e lbs
changeinpitch rate...........cccoeeeiiiiininiceccceee, rad/sec
change in aircraft angle of attack .............ccccceecvvvvverivicvieecceree s °
change in angle of attack at the horizontal tail................ccoooeennnn. °
change in angle of attack at the wing............ccccccvvvvvemriveeeenenenen. °
change in elevator deflection...............cccoerieicciiinvcciiicner e °
aircraft angle of attack during a wings-level pull-up. ......................... °
relative mass parameter................coccooieeennninnrc e none
change in local angle of attack at the horizontal tail during a
WINGS-OVEl PUI-UD ..o °
ratio of elevator lift effectiveness to stabilizer lift effectiveness .. none
aircraft inertial tumrate..............oooceiiiic e °lsec

(only those symbols not previously introduced are listed)

side force curve slope produced by rudder deflection........ per radian
change in hinge moment due to change in local angle of attack none
change in hinge moment due to rudder deflection...................... per°
lift curve slope with ailerons deflected........................ per ° or radian
rolling moment coefficient..............c.ccccccovreiniiiinec e, none
dihedral effect ............ccooorvircree e, none
roll damping derivative ................ccoeeiveeiieieeceee none
rolling moment change due to yaw rate...............cccoeerveveennnee. none
aileron control effectiveness.............cccccveevcvveeirecsiieeceeeieeee, per*®

change in rolling moment coefficient due to rudder deflection ... per °
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Cn yawing moment coefficient ... none
Cnp change in yawing moment coefficientdue toroll rate ................ none
Cn yaw damping derivative.............c.cocreimunimnmnesnissnnssse s none
Cns directional (or weathercock) stability ................ccoeeeiiiiicninne none
C,,Bﬁx o directional (or weathercock) stability with the rudder fixed......... none
Crs, AAVEISE YAW.......ccrvreeeercterermereresisinseses s ettt easanssssssasas per°®
C,,,,r rudder control effectiveness............occvviraniireeciiinnirenseneeninens per °
Cy side force CoeffiCIOnt ...........coceereriiirimne i none
Cye vertical tail contribution to side force coefficient ....................... none
Cy¢ vertical tail contribution to side force coefficient (rudder free).... none
Cvs change side force coefficient due to sideslip ...............cc...c........ none
Cvs, side force coefficient due to aileron deflection............................ per °
Cvs, side force coefficient due to rudder deflection............................ per®
Cvep side force coefficient due to local angle of attack change.......... per°
Fqa BlBION TOMCR.......cvvevereriererresseniertesteseses ettt dnn it lbs
(4 distance from aircraft centerline to tip parachute force line.............. ft
ly distance from aircraft cg to vertical tail aerodynamic center ............ ft
P indirect measurement of tip parachute force.................ccoccceeneens Ibs
Sa AIIErON SUMACE AMBA ..........ovcvreeeriinrietrsrernssiseasessesessassssse e sasranass ft2
T tip PArachute fOrCe .............covvemmmeinirccciciniinesnsnss st ibs
Va design maneuver SpPeed.................cooeeneiiiicne fps or mph or knots
Vg local true airspeed at the vertical tail (fin)..............ccoooeieniiincens fps
Vee maximum flap extended speed...............cc.ccceenee. fps or mph or knots
Vi maximum landing gear extened speed................ fps or mph or knots
Vecmc  maximum speed for stability characteristics ........ fps or mph or knots
Ye side force contribution of the vertical tail (fin) .............c....cccoeeenns Ibs
y distance from aircraft centerline to wing center of pressure............. ft
zy distance from aircraft x body axis to vertical tail center of
PIOSSUNE........cunvuererisrintenisssrsssses s bata s s s ft
AC, increment of yawing moment coefficient...............cococeeiinniene none
ACpy increment of directional (or weathercock) stability ..................... none
AN increment of yawing moment............cc.cccennmnininniniiennnensses ft-lbs
AY, increment of side force due to rudder deflection.......................... Ibs
Ay change in aileron deflection..............cocvmnmiiiniinn i °
Ad, change in rudder deflection ... °
oF angle of attack of the vertical tail ... °
Srpree rudder angle free to float...........cccccocicnninniniinnnin, eereee e teanens °

c SIdEWaSh ANGIG ........c.covriiiiieieie e
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State MatriX.........ooovveriiieceeee e e various
CONIOI MARFIX ........ccceieiiiinierie et various
state matrix (not normalized)............cccovveeniiecvvecveeievrreennn, various
control matrix (not normalized).............ccccoceeeeevneveereeannnn. various
normalizing matrix (inverse is used to normalize A; and B}) ... various
general coefficients for second order differential equation..... various
trim lift coefficient............cccooovviieeeeeeeeeeee e none
nondimensional stability derivative..................ccoeeeervevecvreeennnn, none
nondimensional stability derivative....................cocvevveeeeeennnn..n.. none
nondimensional control derivative....................cccoeceveeveeevverennnnn, none
nondimensional stability derivative..................c.cccovevevvveveennnnn... none
nondimensional stability derivative.................c.coceevvevennnnnn.. none
nondimensional stability derivative........................occoverveurnnnnnn.. none
nondimensional control derivative...................ccccoovveeeeeeeneenann... none
nondimensional stability derivative.....................ccceveveeeeeennnnn. none
nondimensional stability derivative...................cccoeveerevveeneennnn. none
nondimensional stability derivative..................cc.ccccevvevevvernnnnnn.. none
nondimensional control derivative.................cc.ccoeveveeveeeeeerennn. none
damping coefficient ..................vovieeeeeiiiiniieeeeeeeeeee s ibs/fps
derivative operator with respect to ? ............cccoovvvvvevveereiennnn, none
mass moment of inertia about x stability axis ........................ slug-ft2
mass product of inertia about x and z stability axes............... slug-ft2
mass moment of inertia about y stability axis ........................ slug-ft2
mass moment of inertia about z stability axis......................... slug-ft2

nondimensional mass moment of inertia about x stability axis... none
nondimensional mass moment of inertia about y stability axis ... none
nondimensional mass moment of inertia about z stability axis ... none
nondimensional product of inertia about x and z stability axes... none

Dutch roll mode residue.................ccoevevemiiiniieceeeeeeeeeeenn, various
roll Mode reSidue ..............c.ooceeviieeeveeieeieeeeeeeee e, various
spiral mode residue..................ccoeeeiemeieeereereereeeeeereeeees various
SPANG CONSEANt ........ooeiiieiiieiceeeeerceeeeeeeeeeee e ibs/in
dimensional stability derivative.............c.cccoecovveeeeeeeneeerennnnn., per sec
dimensional stability derivative...............ccccooovveeeeveeeeeennn, per sec
dimensional stability derivative................ccooerveereeveeneeennn.. per ft-sec
dimensional stability derivative..............c...cccoeceervvccernvrerannnn., per ft
dimensional stability derivative.................c.c.ocoeverurnn..... per rad-sec?
dimensional control derivative....................ccccoveueueneen. per rad-sec?
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L5, dimensional control defivative..............ccceeeiieencnninenns per rad-sec?
¢ characterstic 1ength ...........coviviirinniii ft
M; local maxima in response variable oscillation ceeeeeeesneesrnssaeeen various
M, dimensional stability derivative.............cccoooionininnncn per sec
M, dimensional stability derivative..............ccorriieieiiinienceenn per ft-sec
My dimensional stability derivative.............c.ccocoeieiinine per ft-sec
My dimensional stability derivative............cceerniiniininen per ft
Ms, dimensional control derivative ..............ccceeeecrreaeennienaes per rad-sec?
M; local minima in response variable oscillation...............c.c...... various
Np dimensional stability derivative...............cocceeueoniiinininiiennes per sec
N, dimensional stability derivative..............ccoceceereininiiiniinns per sec
N, dimensional stability derivative............cccocccvnnnciiiiiinnnenns per ft-sec
Ny dimensional stability derivative............c..cocoiimiiininneiens per ft
N dimensional stability derivative..............coceeevvecicurcinens per rad-sec?
Ns, dimensional control derivative..............c..creeemeeeuiarinuens per rad-sec?
Ns, dimensional control derivative.............ccccoeeveeecrecienenes per rad-sec?
N} transfer function matrix (input ¥, OULPUL X) ......c.cvermemrircunmscciannns none
Py angular velocity about the x stability axis in trim condition ..... rad/sec
p perturbation in angular velocity about the x stability axis ...... rad/sec
Po initial peak value of roll rate response...................... °/sec or rad/sec
P nondimensional angular velocity about the x-stability axis ... rad/sec
p angular acceleration about the x stability &xis ..................... rad/sec?
Qo angular velocity about the y stability axis in trim condition ..... rad/sec
q perturbation in angular velocity about the y stability axis ...... rad/sec
o] perturbation in angular velocity about the y stability axis ...... rad/sec
Rp angular velocity about the x stability axis in trim condition .... rad/sec
r perturbation in angular velocity about the x stability axis ...... rad/sec
? perturbation in angular velocity about the x stability axis ...... rad/sec
s Laplace OPEratOr.............ccereireressisissssmsinmssisesessen st stsaasnas none
T period of an OSGHIALION ............cocvmiimmrnmieirii e sec
t 111 - SRR TU RS T S PP OO UV PPPPPISST IR AL sec
t NOMANZING UNIt OF tME .....cvvvrecreernrermssnessssssressssenesssssssssssssssssssssss sec
§; SaMPle tIME POINES .........comereirirnieiriessier e sec
tp time-to-peak-amplitude ... sec
[ ST (111 TR OO PO PRI PPR PSSR sec
ts SBHIING tME.......ooereeeieieieieieee et sec
tr time-to-double-amplitude.............cooevvemieriiiinnm sec




Index-16
Symbol

LIST OF SYMBOLS (Continued)

Definition Units

CHAPTER 9 (continued)

t
Uo
u

nondimensional time ...................ccccooeevveeeeeenennn. none (airsecs)
x axis velocity component of aircraft cg at trim conditions ............ fps
linearized perturbation in x axis velocity of aircraft cg................... fps
CONEIOI VECTON ...ttt er e various
linearized perturbation in y axis velocity of aircraft cg................... fps
z axis velocity component of aircraft cg at trim conditions ............ fps
linearized perturbation in z axis velocity of aircraftcg................... fps
dimensional stability derivative.................cccooo........... ft per rad-sec
dimensional stability derivative...................ccc.oovvvverevvreennn. per sec
dimensional stability derivative......................cccoverereerenenn. per sec
dimensional stability derivative..................................... ft per rad-sec
dimensional control derivative..............coccovvveveennn.... ft per rad-sec2
State VECHOT............cooeieeeeeeeeee e various
dimensional stability derivative...................ccoeevevverreviereenn. per rad
dimensional stability derivative.....................ccooooeveevrrennnn. per rad
dimensional stability derivative.....................coccovvvrrvvveenn, per sec
dimensional stability derivative.....................ccccoeveceereeennnnnn. none
dimensional stability derivative.................c.cocococo........ ft per rad-sec?
dimensional control derivative..................cccoovvvveveevnnn.. per rad-sec
dimensional control derivative...............c...cc.cocooovvvenn.... per rad-sec
dimensional stability derivative.......................o.o......... ft per rad-sec
dimensional stability derivative..................c.occovvveeeerrennn per sec
dimensional stability derivative...................ccoooverervereerinn per sec
dimensional stability derivative....................c...c.......... ft per rad-sec
dimensional control derivative...................ccccooonn....... ft per rad-sec?
increment in response variables.................c..o.covenooveeenonn various
INCrement iN tiMe.............coooueeeieieeeieeeeee e sec
perturbation in angle of attack....................cc.cvueueeeomoeeee °
perturbation in sideslip angle.................cc.cooeveeneeoeeeeoeeeeee, °
characteristic matrix.................o.oeceeeierereeeeeeeeeeeeeee e, various
aileron deflection at the trim condition...................cococoooooviiriii °
elevator deflection at the trim condition...................ccoooevervvvvinvi °
rudder deflection at the trim condition ..................cooooeeeviiii °
perturbation in bank angle orrollangle ....................ocoovvvvvovei, °
@IGENVAIUE .........ceeereeeeeeeeee e e various
spiral mode eigenvalue.....................c.ocoveveeeeeeeeeeeeeererenn. various
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LIST OF SYMBOLS (Continued) Index-17

Definition Units

(continued)

BN CONSLANE ....cevveevienererrerercrresireesaasst st e s tb e ba s n e sec
Dutch roll mode time constant..............ccooierieenieicciinieeninn. sec
roll mode time CONStaNt ..........cccceeriinerrnninnine et sec
spiral mode time constant ... sec
damped freQUENCY ............coereieeminicmiinn s rad/sec
undamped natural freQUeNCY...........cooerimmiimniinnsinnennes rad/sec
Dutch roll undamped natural frequency.............ccoieceneeeens rad/sec
short period undamped natural frequenCy ...........cocoeeeeeeieenss rad/sec
phugoid undamped natural freqUeNCY .............cocccvreensinenene rad/sec
perturbation in heading angle............cc.oouvrencniinimisiininiinees °
PhASE BNGIE .......cccvuererrmnmincecserisiics st e ° or rad
AaMPING FALO .......cooviiercietrieeeecsenen s none
Dutch roll damping ratio ............ccceeruecceininmimintssiness e none
short period damping ratio.............ccooeemininiinnicnin eevneeeres none
phugoid damping ratio............cccriummiennen s none
(only those symbols not previously introduced are listed)

distance (fraction of semichord) from midchord to elastic axis...none
freestream speed Of SOUND ..........coveeiemiimnmnennnssess e fps
chord, reference Iength .............ccoireneiiin e ft
Theodorsen's FUNCHOM..........cocoeeecrrirmeninninenenienerseseisnsnessanees none
damping MALMX .........cceerreernentiiissinniaessssseens Ib-sec/ft, ft-lb-sec
aerodynamic damping MatriX ...........cccceeerreecnnneee Ib-sec/ft, ft-lb-sec
change in lift per control surface deflection ................ per ° or radian
change in moment per control surface deflection ....... per ° or radian
slope of lift curve for incompressible flow ................... per ° or radian
distance from elastic axis to aerodynamic center ...............ccceceneees ft
external force VECION ..........oocecceiimnrienciereec et Ibs, ft-Ib
motion dependent aerodynamic force vector........................ Ibs, ft-lb
GAMPING o.cuovveerceceerieiesssrsse st none
MASS MOMENE OF INETHA. ..........cvocvecerersereserereraresrassaresaenasssses slugs-i?
idENttY MIBIX........ooivireiereerene s none
reduCed FTOQUENCY .......cccovirirmrummiermriereseasiistsnse st sesscasisness none
SPHNG CONSLANE .......couomimirrrcecricnisrnsrnnss s cesies ibs/t, ft-bs/rad
SHENESS MAIMIX. ... .eeeierreeererraereresiertrsannenssarestssssitanenanans Ib/t, ft-Ib/rad
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Symbol Definition Units
CHAPTER 10 (Continued)
Ka aerodynamic stiffness matrix with g, removed .................... ft, ft’frad
M aerodynamic MOmMeNt............cc.ccoccirecirtrirrreneee s ft-lbs
M. Mach NUMDEN .............ccreriiirrrccrree e s none
M M@SS MALTIX ........oocvocveeeeseieeeic e eeeeesessseeeneeseenens slugs, slugs-ft?
q generalized coordinate vector ............ccccccvviiierecnvecne, various
Ga reference dynamic pressure for a, at altitude..................ccueene...... psf
r distance from elastic axis to centerof mass................ccccccevveenvennee ft
o radius of GYration .............cccceeiviieeeereecrcee et ft
v Flutter SPEed iNAeX ...............cccovvermeererireereeeeeeeseeeeeseesseseseaens none
Vo design SPeed ...........c.oouiiieiieceeeeeee e fps
’/8 BMIESPEEM.........coceeieieeeeeeee e eene fps
y PIUNGE MOLION .......oooiiiieci et reeeas ft
o pitch deflection, or angle of attack..............ccoevveecivrcrinnnne. radians
B IJENVECION .........iiiiieeiiiiieieecte et ettt eeeane various
& damping ratio, or control surface deflection................. none, radians
L) matrix of eigenvectors..............cccocvveiererceeecc various
A Matrix of €IgenValUES...............c.ooevvereeeeemeereeeeeeererereen, psf, (rad/sec)?
n 11T - | (o SRR none
0 elastiCtWist ... radians
® FIEQUENCY ...ttt ie et et rad/sec
©p natural frequency in plunge - uncoupled................................ rad/sec
Og natural frequency in pitch - uncoupled...............ccocenrenann. rad/sec

CHAPTER 11 (only those symbols not previously introduced are listed)

Cmb pitching moment coefficient based on wing span....................... none

Cm.p pitching moment coefficient from rotary balance data................ none
C,,,,,,,w potential equilibrium pitching moment coefficient from rotary

balance data............ccceeirieiiieiieeee e none

drag force due to advancing wing panel...............cccoceeeeeeunneen. lbs

drag force due to retreating wing panel...............cccccvvvevnennenn.n. lbs

FOPCR VEBCION ...ttt s enn ibs

mass product of inertia about x and y stability axes............... slug-ft2

mass product of inertia about y and z stability axes............... slug-ft2

radius of gyration about x stability @xis...............cccoeeeervvceeecevrrennnnn. ft

radius of gyration about y stability axis.............cc.cceeeviivvrceeererenn, ft

radius of gyration about z stability axis...................cocoveeereeseenennen. ft

lift force due to advancing wing panel ..................cccoovceeieereeceenn. Ibs

lift force due to retreating wing panel................cccccooeevvrvereeenenn., Ibs

;
g
:
|
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Symbol Definition Units
CHAPTER 11 (continued)

R resultant aerodynamic force...........ocoriiiiinniinsnncnneee lbs
Ra advancing wing panel contribution to resultant aerodynamic

e 1o - YOO PO T SRR SEE TR I L ibs
Rr retreating wing panel contribution to resultant aerodynamic

OTCE o.vovveerveeeeteseesesssaneassesesbaas s s s e b g e r e s sas s E SR e s bt s Ibs
Ry y component of resultant aerodynamic force.............ccccinneicnnens Ibs
R, z component of resultant aerodynamic force ...............owweereeanene Ibs
r helix radius in a fully developed SpiN ... ft
1'4 velocity vector for the aircraft Cg .........ccovevveieinusnnrminnsisrensecne fps
Xa aerodynamic force in x direction on advancing wing panel ........... lbs
Xr aerodynamic force in x direction on retreating wing panel ............ ibs
Zp aerodynamic force in z direction on advancing wing panel ........... bs
Zr aerodynamic force in z direction on retreating wing panel ............ Ibs
ACp, increment in drag coefficient between advancing and retreating

wing at low angle of @ttack .............ocoeeeninnniiinnnsnen none
ACp, increment in drag coefficient between advancing and retreating

wing at high angle of attack............ocoeveniiiiiic e none
AC, increment in lift coefficient between advancing and retreating

wing at low angle of attack ... none
ACy, increment in lift coefficient between advancing and retreating

wing at high angle of attack...........cooeoeierrnciniiceens none
oA local angle of attack of an advancing Wwing Section ...........ccceeeereeneces °
aR local angle of attack of a retreating Wing SeCton ...........c...ccccoveunsr °
apq angle of attack of the advancing wing at low angle of attack ........... °
aA, angle of attack of the advancing wing at high angle of attack.......... °
aRy angle of attack of the retreating wing at low angle of attack ............ °
AR, angle of attack of the retreating wing at high angle of attack............ °
Og stall angle of AACK ...........ccevrirereeenierni s °
A helix angle iN 8 SPIN .........cormeerimimims e °
M relative density Parameter. ... none
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